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FOREWORD 


This  report  was  compiled  by  the  Systems  Support  Division,  Materials  Directorate,  Wright 
Laboratory,  Wright-Patterson  Air  Force  Base,  Ohio.  It  was  initiated  under  Task  24180704 
“Corrosion  Control  &  Failure  Analysis”  with  Gary  K.  Waggoner  as  the  Project  Engineer. 

This  technical  report  was  submitted  by  the  editors. 

The  purpose  of  this  1995  Conference  was  to  bring  together  technical  personnel  in  DoD  and  the 
aerospace  industry  who  are  involved  in  the  various  technologies  required  to  ensure  the  structural 
integrity  of  aircraft  gas  turbine  engines,  airframes  and  other  mechanical  systems.  It  provided  a 
forum  to  exchange  ideas  and  share  new  information  relating  to  the  critical  aspects  of  durability  and 
damage  tolerance  technology  for  aircraft  systems.  The  conference  was  sponsored  by  the  Air  Force 
Materiel  Command  (AFMC),  Aeronautical  Systems  Center,  Deputy  for  Engineering  and  Materials 
and  Flight  Dynamics  Directorates  of  the  Wright  Laboratory,  Wright-Patterson  Air  Force  Base,  Ohio. 
It  was  hosted  and  co-sponsored  by  the  Aircraft  Structural  Integrity  Branch,  Aircraft  Directorate  of 
AFMC’s  San  Antonio  Air  Logistics  Center,  Kelly  Air  Force  Base,  Texas. 


FINAL  AGENDA 

1995  USAF  STRUCTURAL  INTEGRITY  PROGRAM  CONFERENCE 

28-30  November  1995 
Hilton  Palacio  del  Rio 
San  Antonio,  Texas 


5:00  PM-  7:00  PM 
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8:50  AM-  9:15  AM 
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9:40  AM -10:05  AM 

10:05  AM  - 10:35  AM 
10:35  AM -11:00  AM 

11:00  AM -11:25  AM 
11:25  AM -11:50  AM 

11:50  AM-  1:20  PM 


MONDAY,  27  NOVEMBER  1995 
REGISTRATION 

TUESDAY,  28  NOVEMBER  1995 
REGISTRATION 
CONTINENTAL  BREAKFAST 

Opening  Comments 
J.  Lincoln,  ASC/ENF 

Session  I  -  Overviews 
Chairman  -  J.  Rudd,  WL/CCI 

C-141  Starlifter:  An  Experience  in  Aging  Aircraft  Philosophy 

J.  Cochran,  Lockheed  Martin  Aeronautical  Systems 
R.  Alford,  WR-ALC/LJLEA 

Evaluation  of  Multiple  Site  Damage  in  Lap  Joint  Specimens 
A.  Grandt,  Jr.  and  H.  Wang,  Purdue  University,  West  Lafayette  IN 

K.  Buhler,  Royal  Australian  Air  Force 

Development  of  a  New  Structural  Integrity  Policy  for  the  VC  10 
Squadron  Leader  E.  Bittel,  Royal  Air  Force,  HQ  Logistics  Command,  RAF 
Wyton,  United  Kingdom 
C.  Hoyle,  British  Aerospace 

C-17A  Durability  and  Damage  Tolerance  Test  Program 
K.  Liu,  McDonnell  Douglas  Aerospace,  Long  Beach  CA 
C.  Babish,  Wright-Patterson  AFB  OH 

REFRESHMENT  BREAK 

CF-5  Full-Scale  Durability  and  Damage  Tolerance  Test  (FSDADTT)  -  Final 
Teardown  Results 

Y.  Beauvais,  Bombardier  Inc.,  Marabel,  Quebec,  Canada 

B-1B  Aircraft  Structural  Integrity  Program 
A.  Denyer,  Rockwell  International,  Seal  Beach  CA 

Understanding  Fatigue  Failure  Analysis  Under  Random  Spectrum  Loading 
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INTRODUCTION 


This  report  contains  the  proceedings  of  the  1995  USAF  Structural  Integrity  Program  Conference 
held  at  the  Hilton  Palacio  del  Rio  in  San  Antonio,  Texas  from  28-30  November  1995.  The 
conference,  which  was  sponsored  by  the  Aeronautical  Systems  Center’s  Engineering  Directorate  and 
the  Wright  Laboratory’s  Flight  Dynamics  and  Materials  Directorates,  was  hosted  and  co-sponsored 
by  the  San  Antonio  Air  Logistics  Center  Aircraft  Directorate,  Aircraft  Structural  Integrity  Branch 
(SA-ALC/LADD). 

This  conference,  as  in  previous  years,  was  held  to  permit  experts  in  the  field  of  structural  integrity  to 
communicate  with  each  other  and  to  exchange  views  on  how  to  improve  the  structural  integrity  of 
military  weapon  systems.  Sessions  were  primarily  focused  on  structural  joints,  loads,  rotorcraft/ 
dynamics,  engines,  MECSIP,  advanced  materials  and  processes,  NDE/I,  repairs,  corrosion/fatigue 
and  force  management.  This  year,  as  in  previous  years,  our  friends  from  outside  the  U.S.  borders 
provided  the  audience  with  outstanding  presentations  on  activities  within  their  countries.  It  is 
anticipated  that  this  conference  will  include  their  contributions  in  the  agenda  of  future  meetings.  This 
year  sixteen  countries  plus  NATO  were  represented  in  the  audience. 

The  sponsors  are  indebted  to  their  hosts  for  their  support  of  the  conference.  The  sponsors  are  also 
indebted  to  the  speakers  for  their  contributions.  In  particular,  thanks  are  due  to  the  three  luncheon 
speakers  for  their  informative  presentations,  Mr.  Mark  Wilson,  ASC/EN,  Aeronautical  Systems 
Center  for  his  update  on  the  Non-Govemment  Standards  IPT  Findings,  Capt  S.  LeGuellec  from 
National  Defense  Headquarters,  Ottawa  Canada  on  the  summary  of  the  Canadian  Forces  Experiences 
with  the  Operation  of  Loads  Monitoring  Process  for  Efficient  Structural  Life  Management  and  Mr. 
Bob  Bader,  Consultant,  for  an  excellent  revisit  of  the  1973-1974  F/RF-4  C/D  Damage  Tolerance  and 
Life  Assessment  Study. 

As  usual,  much  of  the  success  of  the  conference  is  due  to  the  efforts  of  Jill  Jennewine  and  her  staff, 
including  Lori  Kilian  and  Esther  Burnett,  from  Universal  Technology  Corporation.  Their 
cooperation  is  greatly  appreciated.  We  are  also  grateful  to  Rita  Scholes  of  WL/MLS  for  her 
continuing  support  to  the  success  of  this  conference. 


John  W.  Lincoln 
ASC/ENF 


Gary  K.  Waggoner 
WL/MLS 


Donald  B.  Paul 
WL/FIB 


Jimmy  Turner 
SA-ALC/LADD 
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SESSION  I 
OVERVIEWS 

Chairman:  J.  Rudd ,  WL/CCI 


Today,  as  an  overview,  I  would  like  to  present  an  aspect  of  “aging  aircraft” 
philosophy  as  related  to  the  C-141  Starlifter,  the  venerable  workhorse  of  our 
nation’s  airlift  over  the  last  three  decades. 

I  would  like  to  thank  the  sponsors  of  this  conference  for  allowing  this 
presentation  to  be  part  of  the  program.  Furthermore,  I  want  to  thank  my 
colleague,  Mr.  Russ  Alford  for  assisting  me  in  putting  together  this  presentation. 
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Introduction 

(Birth  of  Modern  Concept  of  Aging  Aircraft) 


The  idea  or  philosophy  of  “aging  aircraft”  is  not  new.  It  seems,  however,  that  the 
Aloha  incident  pictured  here  kicked  off  a  frenzy  as  if  the  thought  of  “aging 
aircraft”  never  existed.  Almost  overnight,  investigations,  special  committee 
formations,  new  perspectives  on  aircraft  safety,  etc.,  sprang  up  with  a  new 
sense  of  urgency.  In  the  eyes  of  the  general  public,  the  phrase  “aging  aircraft” 
was  born. 


What  Is  An  Aging  System 


Test  Operational 


One  might  ask,  “What  is  an  aging  system?”  The  pictorialization  presented  here 
might  be  an  over  simplification,  but  the  fact  of  the  matter  is  that  everything  that  is 
conceived  begins  to  age.  Put  into  terms  of  an  aircraft  system,  this  means  that 
from  time  of  design,  through  tests  and  service  introduction,  through  its 
operational  life,  and  finally  into  its  final  years,  the  “aging”  system  must  be 
managed  with  care  with  respect  to  its  usage  and  environment  through  timely 
(and  proper)  inspection,  repair,  and  mod  programs. 
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DEFINITION 


Any  Aircraft  System  That  Is 
Conceived  and  Subsequently  Funded 
for  Development,  Validation  and 
Operational  Implementation  Is  an 
“Aging”  Aircraft  System  From  the 
Design  Board  to  Day  of  Retirement. 


“Cradle  To  Grave” 


By  definition  then,  we  have  a  “cradle  to  grave”  concept  that  if  implemented  would 
provide  the  user  with  a  cost  effective  and  efficiently  managed  weapon  system. 
The  ASIP  process  is  probably  the  best  tool  we  have  today  to  make  this  concept 
a  reality.  However,  the  ASIP  process  needs  a  higher  level  of  authority  and/or 
enforcement  that  would  allow  it  to  make  its  case  in  the  face  of  “budget 
constraints”  and  other  factors  inconsistent  with  the  overall  mission  requirements. 
Perhaps  this  could  best  be  served  by  the  establishment  of  a  Total  Aircraft 
System  Integrity  Program  (TASIP)  standing  committee  chaired  by  a  Chief  ASIP 
Engineer  and  reporting  to  the  AFMC  Commander. 
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INFLUENTIAL  FACTORS 
ON  “AGING” 

•  Materials  (Strength,  Durability, 
Toughness,  Etc) 

•  Manufacturing  Processes  (Cutting, 
Forming,  Drilling,  Etc) 

•  Operational  Environment 

•  Usage  (and  Severity  of  That  Usage) 

•  Proper  and  Timely  Maintenance 

•  Force  Management  Process 


Unless  one  thinks  that  the  C-141  is  the  epitome  of  the  aging  aircraft,  cradle  to 
grave  concept,  we  must  be  reminded  that  the  aircraft  is  only  a  valuable  source  of 
information  regarding  the  various  factors  that  are  influential  on  the  aging 
process.  It  should  be  noted  here  that  the  last  two  bullets  on  this  chart  are  the 
key  to  giving  the  aircraft  its  best  “state  of  readiness”  in  light  of  the  first  four 
bullets. 


AGING  AIRCRAFT 
PHILOSOPHY 


•  Understanding  the  Aircraft 

•  Design  •  Test  History 

•  Mission  Profile  •  Capability 

•  Understanding  Aircraft  Health 

•  Preventative  Maintenance 

•  Scheduled  Maintenance  by  Usage, 
Environment 

•  Monitoring  Systems  (L/ESS,  AFSIP, 
SFDR) 


Any  philosophy  of  aging  aircraft  should  be  based  on  a  clear  understanding  of  the 
aircraft  and  of  its  state  of  health.  The  things  we  see  here  are  the  ingredients  that 
will  enable  us  to  build  the  foundation  of  that  understanding. 
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AGING  AIRCRAFT 
PHILOSOPHY 


•  Understanding  Requirements 

•  Spares 

•  Mods 

•  Force  Management  Master  Plan 
That  Translates  Into  A 

- - 


Total  Aircraft  System 
Integrity  Program  (TASIP) 


Additionally,  to  further  our  understanding  of  the  aging  aircraft  philosophy,  we 
need  to  be  aware  of  day  to  day  requirements  in  terms  of  resources  consistent 
with  mission  changes  and/or  requirements.  The  best  way  to  do  this  is  through  a 
pro-active  force  management  master  plan. 
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In  light  of  all  that  has  been  said  to  this  point,  let  us  look  at  the  C-141  Starlifter  as 
an  aging  aircraft  system,  particularly  by  applying  our  philosophy  to  each 
individual  aircraft. 
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C-141  Force  Management  IPT 
p  ian  Modus  Operandi 

R  equirements  are  real 
O  perational  efficiency  enhan 
A  vailability  maintained 

C  ontinuity  between  operations  and  maintenan 
T  echnically  sound  | 

I  nvestment  against  “crisis”  managemenflttl 
V  iable  approach  I A 

£  nhanced  Force  Management  t-mmim 


Every  since  the  C-141  went  into  operation,  it  has  been  the  philosophy  of  the 
ASIP  Managers  to  have  a  pro-active  force  management  plan.  Although  we  have 
not  been  entirely  successful,  we  nevertheless  believe  that  a  plan  based  on  real 
requirements  will  enhance  operational  efficiency  and  maintain  aircraft  availability 
while  providing  continuity  between  operations  and  maintenance  based  on 
technically  sound  decisions.  Such  a  plan  is  an  investment  against  “crisis” 
management  and  is  a  viable  approach  to  an  enhanced  force  management. 
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Force  Management 
Master  Plan 

•  TASIP 

•  Structural  Integrity  (ASIP) 

•  Systems  Integrity  (FSiP) 

•  Individual  Aircraft  Applicability 

•  “Mid  Course”  Corrections 

•  Data  Management  System 


Having  a  force  management  master  plan  and  understanding  it  are  two  different 
things.  The  C-141  has  an  ASIP(structural  integrity)  and  an  FSIP  (systems 
integrity)  in  place  that  has  individual  aircraft  applicability.  During  the  years  there 
have  been  several  “mid  course"  corrections  (repairs/mods)  that  has  led  us  to 
develop  a  data  management  system  that  we  feel  is  a  model  for  other  weapon 
systems.  Any  force  management  plan  has  to  begin  with  the  basics  of  ASIP. 


Most  of  us  that  are  in  the  force  management  business  recognize  the  primary 
tasks  as  outlined  in  Mil-Std-1530.  However,  there  are  too  many  of  those  who 
operate  the  aircraft  that  see  ASIP  from  a  “tip  of  the  iceberg”  perspective. 


What  this  means  is  that  the  most  visible  thing  pertaining  to  ASIP  is  the  on-board 
recorders  that  gather  data  on  aircraft  operational  performance  and  environment. 
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ASIP  methodology  is  basically  taking  what  we  know  about  the  aircraft,  using  that 
knowledge  to  determine  aircraft  state  of  health  at  any  given  time,  and  from  this 
determine  an  optimum  management  for  the  remaining  life  of  the  aircraft. 
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This  chart  gives  a  general  overview  of  the  C-141  ASIP  trail.  Not  pictured  here  is 
the  early  days  of  the  Individual  Aircraft  Safe  Life  Monitoring  Program  (IASLMP), 
a  fatigue  based  methodology.  Based  on  a  DADTA  in  1977,  the  C-141  instituted 
a  fracture  based  methodology  that  led  to  the  development  of  an  individual  aircraft 
tracking  program,  aircraft  corrosion  tracking  system,  and  an  aircraft  information 
retrieval  system.  The  ensueing  years  have  been  addressing  pertinent  new 
initiatives,  integrity  programs  enhancement,  and  development  of  automated  data 
feedback  and  management  systems. 


MID  COURSE 
CORRECTION 

•  Service  Life  Evaluation,  i.e.,  DADTA 

•  Functional  Systems  Integrity  Program 
(FSIP) 

•  Aircraft  Corrosion  Tracking  System 
(ACTS) 

•  Center  Wing  Box  (CWB)  Repair  Progranr 

•  Air  Defensive  Systems  (ADS),  Autopilot 
Replacement,  Fuel  Quantity  Indicating 
System  (FQIS),  Etc 


These  are  a  few  of  the  major  mid  course  corrections  that  have  occurred  on  the 
C-141.  All  of  these  are  a  result  of  sound  and  responsive  actions  in  keeping  with 
aircraft  usage,  mission  requirements,  operational  environment,  and  service  life 
evaluations. 
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FORCE  MANAGEMENT  BY 
TAIL  NUMBER 

•  Usage  Main  Driver 

•  Tempered  by  Environment, 
Repair  and  Inspection  History 

•  Optimize  Downtimes  for  Proper 
Maintenance  /  Inspections 

•  Parts  Forecasting 

•  Retirement  Forecasting 


Today  the  C-141  is  managed  by  individual  tail  number.  All  the  historical 
knowledge  regarding  usage,  inspections,  repairs,  and  operational  environment  is 
brought  together  through  an  Automated  Readiness  Integrated  Engineering 
System  (ARIES)  (which  will  be  presented  later  in  this  conference)  to  provide  the 
Systems  Program  Director  (SPD)  with  a  useful  and  dynamic  management  “tool” 
for  current  time  status  as  well  as  for  forecasting  needs  and/or  retirement  dates. 
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DATA  MANAGEMENT  SYSTEM 


Tinker 
AFB  Data 
Center 
(G081) 


C-141 

Bases 

(G081) 


ARIES 

Control 

Center 


WR-ALC 

(GQ81) 


AFMC 

HQ 


The  data  management  system  alluded  to  throughout  this  presentation  is  made 
more  effective  by  the  interlinking  of  computer  terminals  between  the  various 
commands,  the  bases,  the  Tinker  AFB  Data  Center,  the  appropriate  Logistics 
Center,  and  the  ARIES  Control  Center.  Although  this  arrangement  is  not  yet  fully 
in  place  for  the  C-141,  it  is  making  steady  progress  toward  that  end.  Presently 
under  development/implementation  by  Lockheed  Martin  at  Marietta,  Georgia 
(where  the  ARIES  Control  Center  currently  resides),  the  entire  data  management 
system  will  be  transferred  to  WR-ALC,  Robins  AFB  for  their  daily  C-141 
management  role. 
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ENFORCING  THE  CONCEPT 


Under  The  AFMC  Commander 

•  Form  a  TASIP  Standing  Committee  To 
Address  USAF  Aircraft  Current  And 
Future  Needs  Relative  To  “Aging” 
Concerns,  i.e.,  Maintenance  Actions, 
Corrosion,  NDI,  Mods,  Etc. 

•  Committee  Briefs  The  Commander  On 
A  Semi-annual  Or  Annual  Basis. 

•  Committee  Chaired  By  A  Chief  TASIP 
Engineer. 


As  mentioned  earlier  in  this  presentation,  an  aging  aircraft  philosophy  must  have 
some  “teeth”  if  it  is  to  be  effective  and  pro-active.  The  aforementioned  TASIP 
Standing  Committee  would  formulate  and  present  to  the  AFMC  Commander  the 
various  needs,  status,  concerns,  etc.  for  each  weapon  system.  Reporting  should 
occur  annually  or  semi-annually  as  deemed  appropriate  by  the  committee  or  the 
Commander. 


Evaluation  of  Multiple  Site  Damage  in  Lap  Joint  Specimens 

by 

H.  L.  Wang,  *  K.  Buhler,  ’*  and  A.  F.  Grandt,  Jr. 

ABSTRACT 

This  paper  describes  research  to  determine  the  influence  of  multiple  site  damage  (MSD) 
on  the  fatigue  life  of  lap  joint  specimens.  An  MSD  life  prediction  model  previously  developed  for 
an  open  hole  panel  is  modified  to  simulate  the  fatigue  behavior  of  a  structural  joint.  Simple  lap 
joint  specimens  which  contain  MSD  in  the  form  of  fatigue  cracks  in  one  row  of  rivet  holes  were 
cycled  to  failure  under  constant  amplitude  loading.  An  analytical  model  for  joint  load  transfer 
simulates  the  contact  stress  in  the  rivet  holes,  and  is  used  to  predict  fatigue  life.  The  load  transfer 
for  each  rivet  is  determined  as  a  function  of  crack  propagation.  Five  specimens  were  tested  with 
various  initial  MSD  configurations  and  applied  stress  levels.  Predictions  for  growth  and 
coalescence  of  individual  cracks  are  in  accordance  with  the  experimental  results. 

INTRODUCTION 

Wide  spread  fatigue  damage  is  an  important  concern  in  aging  aircraft.  The  issue  focuses 
on  determining  interactions  between  multiple  cracks  and  establishing  appropriate  failure  criteria 
[1-2],  Previous  research  [3,4]  has  successfully  developed  a  multiple-site  damage  (MSD)  model  to 
predict  fatigue  crack  growth  and  failure  for  open  hole  panels.  That  model  is  extended  in  this 
paper  with  an  analysis  to  account  for  the  load  transfer  by  fasteners,  and  to  consider  the  influence 
of  MSD  in  lap  joints.  The  benefit  of  this  model  is  to  provide  an  analytical  method  for  load 
transfer  calculations  which  can  be  extended  to  more  complicated  structural  geometries.  Although 
many  analytical  and  numerical  methods  have  been  established  to  calculate  stress  intensity  factors 
(SIF)  for  cracks  in  open  hole  panels  [3-6],  in  reality,  crack  propagation  is  much  more  complicated 
due  to  joints  and  stiffeners.  The  load  transfer  mechanism  through  joints,  and  the  relationship 
between  crack  lengths  and  load  transfer,  has  a  crucial  influence  on  the  fatigue  properties  of  the 
structure.  Although  finite  element  methods  [7-10]  have  been  employed  to  calculate  the  crack-tip 
SIF  by  applying  a  contact  pressure  between  the  rivet  and  hole,  the  load  transfer  mechanism  is  still 
not  fully  understood  in  those  analyses.  The  goals  of  this  paper  are  to  provide  an  analytical 
method  to  determine  load  transfer  in  mechanically  fastened  joints,  to  provide  a  simple  method  to 
calculate  the  crack-tip  SIF,  and  to  perform  fatigue  life  predictions. 

EXPERIMENTAL  PROCEDURE 

An  experimental  program  was  conducted  to  study  fatigue  crack  growth  and  interaction  in 
simple  lap  joints.  The  test  specimen  studied  here  contained  two  4  inch  wide  by  0.09  inch  thick 
panels  joined  with  9  fasteners  in  the  simple  lap  joint  configuration  shown  in  Figure  1.  As 
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indicated,  two  2024-T3  aluminum  sheets  were  riveted  together  with  3  rows  of  3/16  inch  diameter 
2117  aluminum  rivets,  and  the  assembled  specimen  was  loaded  in  remote  cyclic  tension  through 
pins  located  in  a  7.0  inch  wide  grip  area.  The  row  of  rivet  holes  closest  to  the  grip  area  in  one 
sheet  was  precracked  prior  to  assembly  to  simulate  MSD  in  the  specimen.  The  pre-cracks  were 
formed  by  first  slotting  small  holes  located  along  the  desired  crack  plane,  and  then  cycling  that 
sheet  under  remote  tension.  Once  fatigue  cracks  developed  from  both  sides  of  the  small  holes, 
they  were  reamed  to  their  final  3/16  inch  diameter,  removing  the  pre-slots,  and  leaving  radial 
fatigue  cracks  on  the  order  of  0.02  to  0.1  inch.  The  sheets  were  then  riveted  together,  and  the 
assembled  specimens  were  cycled  to  failure  under  constant  amplitude  loading.  The  growth  and 
coalescence  of  the  MSD  cracks  in  the  lap  joint  specimens  were  monitored  with  a  traveling 
microscope. 

Measurement  of  the  material  properties  for  the  2024-T3  panel  is  described  in  Reference  3. 
The  0.2%  yield  strength  was  found  to  be  54.3  ksi  and  the  ultimate  strength  was  60.0  ksi. 
Additionally,  the  material  fatigue  crack  growth  rate  da/dN  versus  cyclic  stress  intensity  factor  AK 
relationship  was  also  determined,  and  is  given  here  by  a  mathematical  representation  consisting  of 
a  series  of  line  segments  which  are  summarized  in  Table  1. 

ANALYSIS 

In  order  to  analyze  the  results  of  the  fatigue  crack  growth  tests,  a  preliminary  analytical 
model  has  been  developed  for  the  influence  of  cracking  on  load  transfer.  The  model  involves  two 
parts:  An  elastic  load  transfer  solution  for  an  uncracked  joint,  and  determining  changes  in  load 
transfer  due  to  crack  growth  from  the  fastener  holes. 

Elastic  Load  Transfer  Solution  for  an  Uncracked  Structure  The  numerical  model 
employs  the  elastic  solution  for  load  transferred  into  fasteners  proposed  by  W.  Barrois  [11]  in 
1978.  There  are  two  assumptions  in  this  model: 

•  beam  theory  is  used  to  determine  the  deformation  of  a  rivet  lying  on  elastic  foundation; 

•  there  is  no  interference  or  clearance  between  the  contact  surfaces  of  rivet  and  the  elastic 
foundation. 

The  load  transfer  for  two  adjacent  rivets  can  be  determined  by  considering  displacement 
compatibility  associated  with  changes  in  the  dimensions  $  and  shown  in  Figure  2. 

,  ~sm  =  Aa,  -  Aj,  (i) 

Two  different  boundary  conditions  are  assumed  to  account  for  two  extremely  different 
deflections  on  the  contact  surface  between  the  rivet  head  and  panels.  One  is  a  perfectly  clamped 
rivet  head  and  the  other  one  is  a  pinned  head  (Figure  3).  These  two  boundary  conditions  induce 
different  fastener  flexibilities  and  result  in  different  load  transfer  ratios  among  these  rivets.  The 
benefit  of  the  Barrois’  model  over  other  empirical  equations  is  that  it  provides  an  analytical 


method  for  load  transfer  calculations  which  can  be  extended  to  more  complicated  structural 
geometries  and  different  types  of  rivet  heads. 

Load  Transfer  Ratio  Associated  with  Crack  Growth  The  second  load  transfer  issue  is 
to  determine  the  variation  in  load  transfer  among  the  various  fasteners  as  the  crack  propagates 
from  one  of  the  rivet  holes.  Having  this  relation,  the  SIF  can  then  be  calculated  and  the  crack 
growth  rate  and  fatigue  life  can  be  predicted.  (The  present  analysis  employs  SIF  solutions  for  the 
load  transfer  problem  given  in  Reference  13).  As  the  crack  grows,  the  compliance  of  the  cracked 
structure  will  decrease,  and  additional  displacement  due  to  crack  opening  will  be  induced.  The 
displacement  compatibility  of  in  Eq.  1  can  be  rewritten  as 

i  ^i+l  ~  ^ ai  ~  ^ bi  ^ due  to _crack  (2) 


Here  8d,*  to  ^k  =  P  xC,  where  P  is  the  applied  force,  and  C  is  the  structural  compliance  derived 
from  Eq.  3.  (The  derivation  of  the  following  equation  is  given  in  the  Appendix). 
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In  Eq.  3,  Ep,  t,  w  and  D  are  the  elastic  modulus,  thickness,  unit  width  and  hole  diameter  for  the 
cracked  panel,  Ru  is  the  load  transfer  ratio,  and  a  is  the  crack  length.  The  terms  F0  and  F3  are 
geometry  factors  for  the  stress  intensity  factor  solutions  given  in  the  NASA/FLAGRO  2.0  life 
prediction  program  [13],  Two  stress  intensity  factor  solutions  for  a  riveted,  cracked  structure  are 
taken  here  from  the  NASA/FLAGRO  programs:  TC05-  Through  Crack  from  Hole  in  a  Plate  with 
a  Row  of  Hole  and  TC03-  Through  Crack  from  an  Offset  Hole  in  a  Plate. 

The  crack  geometry  for  these  two  cases  is  shown  in  Figs.  4  and  5.  Whenever  the  relation  between 
the  load  transfer  ratio  and  crack  length  is  determined,  the  superposed  SIF  for  the  riveted  lap 
joined  structure  is  given  by  Eq.  4. 
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Here  Ru,  the  load  transfer  ratio,  is  the  function  of  crack  length  and  Q(a)  is  a  new  variable  defined 
to  include  all  the  terms  in  SIF  solution  except  remote  stress,  Snanote  The  geometric  dimensions 
and  Q(a)  for  the  NASA  FLAGRO  cases  TC03  and  TC05  are  shown  in  Figures  4  and  5. 
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Correction  Factors  The  original  FLAGRO  solutions  are  restricted  to  single  cracks 
growing  from  each  rivet  hole.  Two  correction  factors  were  added  to  consider  the  double  crack 
case,  and  to  account  for  interaction  between  cracks  growing  towards  each  other.  The  following 
Shah  [14]  correction  factor  was  used  to  account  for  cracks  growing  from  both  sides  of  a  rivet 
hole 


„  [D  +  2a 

D+a  (5) 

where  D  =  the  hole  diameter,  and  a  =  the  crack  length. 

Additionally,  the  solutions  were  compounded  with  the  following  factor  [15]  to  account  for 
crack  tip  interactions: 
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where  L  =  the  rivet  pitch. 

Failure  Criteria  An  investigation  of  several  failure  criteria  for  the  MSD  problem  is  given 
in  Reference  3.  The  net  section  yield  and  ligament  yield  criteria  [1]  (  Swift’s  Model  )  were 
utilized  in  this  research.  The  net  section  yield  criterion  states  that  failure  will  occur  when  the 
failure  load  Pc«t  causes  the  net  section  stress  to  equal  or  exceed  the  tensile  yield  stress  (a,,).  This 
condition  may  be  expressed  as  follows; 

PCM=Cry,(W-nD-nMSDXa^-2xaL)Xt 

-CJ  w  t  (7) 

u  ys  rr  net  1 

Here  W  is  the  panel  width,  n  is  the  total  number  of  rivet  holes,  D  is  the  average  rivet  hole 
diameter,  nMSD  is  the  number  of  MSD  cracks,  aiVg,  is  the  average  crack  length,  aL  is  the  half-crack 
length  of  the  central  lead  crack,  and  t  is  the  panel  thickness. 

The  Swift  ligament  yield  failure  criterion  [1]  states  that  the  failure  occurs  when  the  plastic 
zones  of  two  approaching  crack  tips  “touch”  each  other.  This  failure  load,  Pcly,  is  given  by  Eq. 
8. 
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In  Eq.  8,  W„et  is  the  net  width  of  the  specimen,  defined  in  equation  (7),  ai  and  a2  are  two 
approaching  radial  crack  lengths,  and  ps  are  correction  factors  for  radial  crack  1  and  lead 
crack  2,  /?,/  and  fii2  are  the  stress  intensity  factor  coefficient  for  two  approaching  cracks  due  to 
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interaction.  Since  the  total  specimen  width  is  only  4  inches,  and  there  is  no  pre-existent  lead 
crack  in  the  test  specimens,  the  predicted  failure  lives  are  nearly  the  same  for  these  two  criteria, 
and  therefore,  only  the  net  section  yield  criterion  results  are  presented  in  the  paper.  It  should  be 
noted,  however,  that  for  larger  specimens,  or  for  stiffened  structures,  other  failure  criteria  may  be 
more  appropriate. 

RESULTS  AND  DISCUSSION 

This  section  discusses  the  numerical  results,  and  compares  the  predictions  with  results  of 
the  lap  joint  experiments. 

Load  Transfer  versus  Crack  Length  Load  transfer  ratios  based  on  several  empirical 
solutions  [16]  for  riveted,  uncracked  structure  are  compared  with  Barrios’  model  in  Fig.  6.  All 
load  transfer  ratios  calculated  by  these  empirical  formulas  are  located  within  these  two  extreme 
boundary  conditions  considered  in  the  Barrios  model.  The  load  transfer  ratios  are  approximately 
36%  for  the  top  and  bottom  rivet  rows  in  the  single-lap  joint  structure,  and  28%  for  the  middle 
rivet  row.  The  relation  between  load  transfer  and  crack  length  is  derived  from  Eqs.  (2)  and  (3), 
and  shown  in  Fig.  7.  For  the  TC03  case  (Fig.  7-a),  the  load  transfer  ratio  for  the  top  rivet  row 
drops  from  36%  for  an  uncracked  case  to  15%  as  cracks  developed  approached  the  edge  of  the 
specimen.  For  the  TC05  case  (Fig.  7-b),  the  load  transfer  ratio  at  the  top  rivet  row  drops  from 
37%  to  10%  when  the  crack  tip  approaches  the  middle  line  of  the  rivet  pitch.  It  should  be  noted 
that  the  experimental  testing  revealed  that  cracks  between  the  rivets  holes  did  not  grow  much 
longer  than  a  maximum  of  0.5  inches  before  the  ligaments  linked.  (This  was  due  to  the  total 
ligament  length  between  the  rivet  holes  being  only  0.8125  inches.)  Hence,  only  the  early  part  of 
the  inter-rivet  solution  (TC05)  was  required  in  these  tests. 

The  relationship  between  SIF/  S^ote  =  Q(a)  (see  Eq.  4)  and  crack  length  for  the  TC03  and 
TC05  solutions  are  shown  in  Figs.  4  and  5.  As  indicated,  a  smaller  crack  has  a  higher  stress 
intensity  value  than  a  longer  crack  during  early  stages  of  crack  growth.  It  seems  plausible  that  a 
shorter  crack,  once  initiated  at  the  edge  of  rivet  hole,  will  grow  faster  than  a  longer  crack,  since 
the  pin-loading  stress  dominates  the  early  growth  rate  with  the  highest  load  transfer  ratio.  The 
variable  Q  for  the  two  types  of  rivet  heads  also  indicate  that  the  SIFs  are  almost  unaffected  for 
these  two  types  of  rivet  heads  until  the  crack  grows  near  fracture.  The  reason  is  that  these  two 
force  boundary  conditions  do  not  include  the  clamping  force  effect  of  rivet  head  in  the  calculation. 
In  real  applications,  the  clamped  rivet  head  not  only  restricts  the  deflection  of  the  rivet  shank,  but 
also  applies  a  clamping  force  which  generates  friction  on  the  panel  in  the  vicinity  of  the  rivet  head. 
The  extra  clamping  force  can  delay  growth  of  short  cracks  under  the  rivet  head.  An  attempt  to 
include  these  effects  in  the  crack  growth  prediction  by  establishing  an  effective  rivet  head 
diameter  which  defined  the  local  crack  delay  zone  was  unsuccessful.  Therefore,  the  “clamped  rivet 
head”  utilized  here  is  only  a  mathematical  boundary  condition  on  the  panel,  and  potential 
clamping  pressure  is  not  take  into  account. 

Experimental  Life  Predictions  Since  a  key  objective  was  to  evaluate  the  ability  to 
predict  the  growth  and  coalescence  of  MSD  cracks,  predictions  were  performed  for  the  lap  joint 
tests.  The  predictions  were  delayed  to  start  at  some  point  when  the  cracks  were  experimentally 
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observed  to  grow  without  the  influence  of  rivet  clamping.  This  prediction  was  compared  with  the 
result  obtained  by  assuming  that  all  cracks  propagate  when  cycling  is  initiated,  and  these  two 
different  life  prediction  methods  were  used  to  investigate  the  above  rivet  clamping  effect. 

The  pre-crack  lengths  and  fatigue  loading  levels  are  summarized  in  Table  2  for  the  five 
experiments  considered.  The  pre-cracks  were  typically  on  the  order  of  0.02  to  0. 1  inch  emanating 
from  both  sides  of  the  rivet  holes.  Among  these  initial  crack  lengths,  some  of  the  “hidden”  cracks 
would  not  grow  for  much  of  the  panel  life.  Table  2  also  shows  the  initial  crack  lengths  and  the 
delay  cycles  due  to  the  rivet  head  clamping  effect.  For  instance,  the  most  delayed  cycles  of 
specimens  3,  4  and  6  are  38,000,  45,000  and  40,000  cycles.  Compared  with  the  failure  life  of 
39,760,  53,715  and  55,740  cycles,  the  percentage  of  delay  is  95%,  84%  and  68%. 

Figure  8  shows  plots  of  crack  tip  position  versus  elapsed  cycles  for  specimens  2  and  5.  A 
summary  of  the  life  predictions  for  all  5  specimens  is  given  in  Fig.  9  and  Table  3.  As  indicated  in 
Table  3,  specimens  3,  4  and  6  exhibit  significant  clamping  effect  on  crack  growth  for  those  cracks 
under  the  rivet  heads.  As  a  result,  the  predicted  lives  are  far  below  the  experimental  results  for 
these  tests.  On  the  contrary,  the  life  predictions  agree  quite  well  in  comparison  with  these  two 
methods  for  specimens  2  and  5.  This  is  due  to  the  fact  that  the  dominate  cracks  in  the  latter  two 
specimens  begin  to  propagate  early  in  the  fatigue  tests  (for  example,  there  is  almost  no  cyclic 
delay  of  specimen  5).  After  the  first  link-up  of  the  dominant  cracks,  the  redistributed  load  causes 
the  stagnant  small  cracks  to  suddenly  propagate  to  specimen  failure.  The  crack  tip  position  is 
plotted  versus  elapsed  cycle  for  specimens  2  and  5  in  Fig.  8.  These  plots  show  that  these  two  life 
prediction  methods  are  almost  identical  when  there  is  dominate  crack  propagation  during  the 
tests.  These  plots  also  show  that  the  two  rivet  head  assumptions  make  little  difference  in  life 
prediction,  which  is  reasonable  since  the  clamping  pressure  effect  was  not  included  in  this 
analysis. 

SUMMARY  AND  CONCLUSIONS 

This  paper  provides  an  analytical  method  to  predict  fatigue  crack  growth  in  a  simple  lap- 
joint  specimen.  A  load  transfer  mechanism  is  established  to  account  for  changes  in  load  transfer 
associated  with  crack  propagation.  Although  two  different  rivet  heads  are  utilized  in  the  analysis, 
more  work  needed  to  account  for  the  influence  of  rivet  head  clamping  effect.  This  issue  is  of 
concern  because  small  “hidden”  MSD  cracks  under  the  clamping  area  are  hard  to  detect,  and  may 
degrade  the  aircraft  structural  integrity. 

A  fatigue  crack  growth  life  prediction  program  with  a  load  transfer  mechanism  was 
obtained  by  modifying  an  earlier  open-hole  MSD  program.  Two  predicted  results  are  presented 
with  respect  to  rivet  head  clamping  effect.  The  experimental  data  indicate  that  if  the  pre-existing 
cracks  propagate  when  the  fatigue  test  starts,  the  MSD  program  predicts  the  results  well.  Five 
life  predictions  are  in  accordance  with  the  experimental  data  as  the  delayed  cycles  are  observed 
and  input  the  program  as  the  crack  growth  initiation  points. 
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Table  1.  Coordinates  Used  to  Define  the  Paris  Law  Segments  for  the  2024-T3  Material 


AK  (ksijlrt) 


3.65 


6.68 


7.11 


8.60 


11.04 


da/dN  ( inches/cycle ) 


AK  (ksijln) 


da/dN  ( inches/cycle ) 


Table  2.  Summary  of  Test  Specimen  Initial  Conditions  and  Failure  Data. 


Test 

Specimen 

ID 


*  Rivet  Shank  d=  0.1875  inch;  Head  D= 
a  <  0.048  :  Under  Rivet  Head 
a  >  0.048  :  Observable  Crack 


45000 


0.05 


0 


0.09 


25000 


0,2840  inch 


58,920 


Table  3.  Life  Prediction 


Dimansiona :  inchaa 


Figure  1.  Details  of  Single  Lap  Joint  Test  Specimen. 
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Q(sqrt(ln)) 


Figure  2.  Displacement  Compatibility  of  Two  Adjacent  rivets. 
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Figure  3.  Boundary  Conditions. 
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Figure  4.  Plot  Showing  the  FLAGRO  Solution  TC03. 
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Figure  5.  Plot  Showing  the  FLAGRO  Solution  TC05. 
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Figure  6.  Load  Transfer  Ratio  versus  Rivet  Position  for  Single-Lap  Joints. 
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Figure  8-a.  Experimental  and  Predicted  Crack  Propagation  Plot  for  Lap  #2, 
Tested  at  a  Cyclic  Stress  Level  of  13.1  ksi. 

( Upper  Plot:  Crack  Growth  without  Delay;  Lower  Plot:  with  Delay ) 


LIFE  ( cydesj  LIFE  (cycles) 


predlcted  Failure:  52718  cycles  ( Clamped  Head ) 


CRACK  TIP  DISTANCE  FROM  LEFT  EDGE  OF  PANEL  ( in ) 


Predicted  Failure:  57909  cycles  ( Clamped  Head ) 


CRACK  TIP  DISTANCE  FROM  LEFT  EDGE  OF  PANEL  ( in ) 


Figure  8-b.  Experimental  and  Predicted  Crack  Propagation  Plot  for  Lap  #5, 
Tested  at  a  Cyclic  Stress  Level  of  9.9  ksi. 

( Upper  Plot:  Crack  Growth  without  Delay;  Lower  Plot:  with  Delay ) 
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Test  Failure  ( Cycles) 


Figure  9.  Comparison  of  Predicted  and  Measured  Lives  for  All  Five  Single-Lap  Joint  Specimens. 
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APPENDIX 


The  NASA  FLAGRO  stress  intensity  factors  solutions  TC05  and  TC03  involve 
superposition  of  two  terms,  F0  and  F3,  for  an  open-hole  specimen  and  a  loaded-hole  specimen  ( 
Figure  I ). 

The  total  SIF  of  the  loaded-hole  specimen  is 

K  =  [S0F0  +  S^^rTa  ( a-l ) 


where 


So  =  — )  is  the  bypassed  stress, 

W  1 

_P_D 

S3  =  R-u  is  the  bearing  stress  due  to  pin  loading, 

w,  t,  and  D  =  Width,  thickness  and  hole  diameter  of  panel, 

Ru  =  Load  transfer  ratio  for  the  fastener, 

P  -  Remote  force. 


Rewriting  ( a-l ), 

X=7^+T^ 


The  Energy  release  rate  for  plane  stress  is  induced  into  the  calculation  to  combine  the  load 
transfer  effect  with  the  compliance  of  cracked  panel: 

K2  P 2  dC 

G~  Ep  ~  2t  da  (a'3) 


where 

C  -  Compliance  of  the  cracked  panel, 
a  -  crack  length. 

From  (  a-l )  and  (  a-3  ),  the  compliance  of  the  cracked  panel  can  be  derived: 


c=!tI :da=h\a^^F°+TFJda 


EPto 


(  a-4  ) 
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Pp=P  ( 1-Rft  ) 

_ L_ 


P,=PRa 


T 

P 


Pp=P(l-R») 


i 


-o 

+ 

P,  =  PRa 

4 

1 

1 

P,-P(l-R.) 

P,  =  PRa 

Kv=S0F0Jira 

K)=SiFi-Jira 

-  rrz 

P  P/t  —  f— 
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Dt  3V 
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Figure  I.  Stress  Intensity  Factor  for  a  Loaded-Hole  Specimen 
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Introduction 

The  design  of  the  Vickers  VC  10  commenced  at  the  Weybridge  plant 
in  the  early  1950s,  and  was  intended  to  meet  a  requirement  for  BOAC,  the 
forerunner  of  British  Airways,  for  a  medium  to  long  range  passenger  aircraft 
to  fly  the  flagship  BOAC  routes.  Powered  by  4  Rolls  Royce  Conway  engines, 
and  carrying  a  maximum  of  130  passengers,  it  had  a  range  of  3800  nautical 
miles. 

It  was  produced  in  2  main  versions,  namely  the  Standard  VC  10  and  the 
Super  variant  which  featured  an  increased  wingspan  and  greater  passenger 
capacity.  The  design  was  one  of  the  first  British  attempts  at  a  fail-safe  design, 
although  Vickers  carried  out  a  number  of  fatigue  tests  aimed  at  guaranteeing 
an  initial  crack-free  life.  Although  it  enjoyed  a  favourable  passenger  loyalty, 
its  initial  acquisition  costs  and  operating  economics  meant  that  it  did  not 
compete  well  with  its  main  rival,  die  Boeing  707,  and  its  overseas  sales  were 
limited. 

The  VC10  C  Mkl  entered  RAF  service  in  1966  as  a  passenger  and 
freight  aircraft,  and  was  a  hybrid  version  of  the  commercial  variants  in  that  it 
comprised  a  standard  VC10  fuselage  mounted  on  a  Super  VC10  wing.  In  the 
early  1980s,  the  tanker  variants  started  to  come  into  service.  The  K2  was  a 
conversion  of  ex-civilian  Standard  variants,  and  the  K3  and  K4  were  converted 
from  ex-civilian  Super  aircraft.  The  oldest  of  these  aircraft  had  in  excess  of 
45000  flying  hours  and  16000  flight  cycles  at  the  time  of  conversion. 
Eventually,  the  fleet  size  reached  a  total  of  27  aircraft  in  5  different  marks. 
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In-Service  Problems 


In  1987,  the  original  design  authority  at  Vickers,  closed  down,  and  the 
DA  transferred  to  British  Aerospace  at  Manchester,  previously  known  as 
Avro’s  and  best  known  for  a  long  line  of  heavy  bomber  types  from  the  WW2 
Lancaster  to  the  Vulcan  of  the  1960s  and  70s.  At  about  the  same  time,  serious 
cracking  (a  15  inch  crack  in  a  centre  wing  spar  web),  was  found  in  one  of  the 
early  tanker  aircraft,  but  the  location  of  the  cracking  was  not  in  line  with 
expectations  from  the  original  fatigue  clearances.  Investigation  of  this  problem 
by  the  new  DA  revealed  a  number  of  interesting  facts: 

a.  The  fatigue  testing  had  been  based  on  a  theoretically  derived 
spectrum  for  a  BOAC  standard  VC10  operating  3-hour  flight  plans  at 
an  average  TOW  of  220,000  lb.  In  contrast,  the  average  TOWs  for 
RAF  aircraft  were  in  the  range  265,0001b  to  285,0001b. 

b.  The  same  airframe  had  been  used  for  both  static  and  fatigue 
tests.  This  was  not  unknown  practice  in  the  1950s,  but  is  not  the 
practice  today  because  we  are  aware  of  the  crack  retardation  effects 
that  result  from  the  application  of  high  static  loads,  and  can  result  in 
an  optimistic  estimate  of  fatigue  life.  In  the  case  of  the  VC10  Fatigue 
Test  Specimen,  loads  equal  to  or  in  excess  of  50%  of  the  design 
ultimate  had  been  applied  no  less  than  62  times  before  fatigue  testing 
commenced. 

c.  The  FTS  used  a  standard  VC10  wing,  whereas  the  RAF  aircraft 
had  a  Super  VC10  wing  with  a  6’  greater  wingspan  than  the  standard 
variant.  The  FTS  was  thus  not  representative  of  the  RAF  aircraft. 

d.  There  were  no  Operational  Loads  Measurement  (OLM)  results 
to  assess  the  theoretical  loading  spectrum  which  had  been  applied  to 
the  FTS. 

Although  some  of  these  points  could  be  put  down  to  hindsight,  and  some  to 
changes  in  testing  philosophy,  the  simple  facts  were  as  follows: 

a.  The  fleet  was  flying  ahead  of  the  safe  lives  which  had  been 
derived  for  the  wing  and  the  fuselage  -  this  was  being  borne  out  by  the 
in-service  defects. 

b.  Corrosion  would  further  reduce  the  calculated  or  FTS-proven 
lives. 

c.  In  this  situation  the  only  alternative  to  grounding  the  fleet  was 
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to  underwrite  the  integrity  of  the  structure  by  inspecting  all  areas. 

Remedial  Proposals 

Thus,  in  order  safeguard  the  integrity  of  the  aircraft  for  its  planned 
service  life  of  20  years,  BAe  Manchester  recommended  a  range  of  short  and 
long  term  measures.  The  long  term  solution  was  to  change  the  structural 
integrity  philosophy  to  wholly  damage  tolerant,  and  to  produce  a  complete  re¬ 
analysis  of  the  airframe  using  a  finite  element  model.  In  the  short  term, 
inspection  intervals  were  revised  to  account  for  the  higher  RAF  operating 
weights,  and  the  Structural  Sampling  Programme  was  refined  to  include  a 
much  greater  level  of  directed  inspections.  A  tailplane  refurbishment 
programme  was  introduced  to  counter  the  growing  evidence  of  stress  corrosion 
in  this  area.  Also,  to  provide  additional  assurance  for  the  fuselage,  bearing  in 
mind  the  nature  of  the  Aloha  incident,  the  DA  recommended  a  programme  of 
proof  pressure  testing. 

The  concept  of  proof  pressure  testing  is  not  new.  The  method  is  that 
the  fuselage  is  subjected  to  1.33  times  the  normal  AP  which  is  held  for  a  short 
length  of  time.  Assuming  that  the  pressure  shell  does  not  suffer  a  failure,  then 
a  full  external  NDT  inspection  of  the  lap  joints  is  carried  out.  Any  cracking 
which  is  found  can  be  rectified,  and  it  may  then  be  assumed  that  any 
undetected  cracks  are,  at  worst,  just  sub-critical  for  that  load.  It  is  then  possible 
to  calculate  an  interval  over  which  such  cracks  will  grow  at  the  normal 
pressurization  level  and  remain  sub-critical  before  a  further  proof  test  is 
required. 

In  order  to  provide  a  degree  of  assurance  that  the  test  aircraft  is  not 
about  to  suffer  catastrophic  damage,  the  fuselage  is  fitted  with  an  array  of 
acoustic  emission  (AE)  sensors  to  listen  for  the  sound  of  cracks  growing  under 
the  proof  load.  Interestingly,  the  manufacturers  of  the  AE  equipment  claim 
that,  by  siting  the  sensors  in  an  accurately  defined  pattern,  it  is  possible  to 
pinpoint  the  site  of  any  crack  growth  by  a  process  of  triangulation.  Although 
this  is  nice  to  know,  the  prime  purpose  of  the  AE  equipment  in  this  application 
is  to  prevent  an  uncontained  failure,  and  not  to  supplement  the  NDT 
inspections. 

As  for  the  long  term  activity,  this  centres  on  the  project  to  produce  a 
Fatigue  Type  Record  for  the  VC10,  based  on  the  results  of  a  fatigue  and 
damage  tolerance  evaluation  using  the  results  from  a  Finite  Element  Model. 
This  is  the  largest  FEM  ever  produced  in  Europe,  and  work  started  on  it  in 
1993.  The  planned  end  date  is  October  1996,  at  which  point  the  evaluation 
should  have  provided  us  with  sufficient  information  to  allow  the  issue  of  a 
Fatigue  Type  Record.  This  is  a  formal  document,  defined  in  UK  Defence 
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Standards,  and  comprises  these  parts: 

Parti  The  Historical  Record  -  this  summarizes  all  the  fatigue  and 

damage  tolerance  calculations  from  the  design  stage,  and 
includes  a  synopsis  of  the  major  fatigue  tests,  materials  and 
loading  data. 

Part  2  The  Reassessment  of  Fatigue  Life  -  this  is  a  complete  re¬ 

analysis  of  the  fatigue  and  damage  tolerance  calculations,  taking 
account  of  actual  service  usage,  in-service  failures,  additional 
testing,  OLM  and  so  on. 

Part  3  The  Re-assessment  of  Inspection  Requirements  -  this  section 

re-assesses  the  inspection  requirements  and  methods  as  a  result 
of  the  work  done  in  Part  2. 

Part  4  Operation  Beyond  Specified  Life  -  this  section  provides 

advice,  where  it  is  necessary,  on  extending  the  life  beyond  that 
which  was  originally  specified.  Obviously,  this  section  will  not 
be  necessary  in  the  first  issue  of  the  FTR. 

All  this  work  is  necessary  to  underwrite  the  structural  integrity  of  the 
VC  10  up  to  its  planned  out  of  service  dates,  which  currently  range  between 
2007  and  2015,  depending  on  the  mark  of  aircraft. 

The  VC  10  Finite  Element  Model 

There  are  sufficient  differences  between  the  5  VC10  variants  to  mean 
that  it  is  necessary  to  produce,  in  effect,  5  different  versions  of  the  model.  The 
strategy  has  been  to  produce  the  model  for  the  C  Mkl,  the  original  RAF 
version,  as  the  baseline,  and  then  progress  to  the  other  variants  by  modelling 
the  differences.  The  main  elements  of  the  overall  programme  started  in  1992, 
and  will  end  in  October  1996  with  the  delivery  of  the  final  version  of  the 
Fatigue  Type  Record  for  the  K4  tanker  variant. 

Each  version  of  the  model  is,  at  least  by  European  standards,  very  large 
indeed,  with  over  70,000  nodes  and  nearly  150,000  elements.  An  early 
decision  was  made  to  run  the  analysis  as  a  multi-level  superelement  process, 
and  break  the  model  down  into  12  superelements  one  of  which,  the  port  wing, 
is  an  image  superelement.  This  was  done  to  reduce  the  amount  of  analysis  and 
data  storage  required  for  what  was  essentially  a  symmetrical  section  of  the 
structure.  This  tended  to  complicate  the  verification  loading  cases  which  were 
applied  to  the  models. 


Verification  of  the  models  was  by  reference  to  a  series  of  static  tests 
which  were  carried  out  on  a  complete  C  Mkl  airframe  in  1992.  The  model 
results  were  compared,  case  by  case,  with  strain  gauge  and  deflection  data 
obtained  from  these  static  tests.  Fig  1  shows  the  strain  gauge  positions  for  the 
fuselage  static  tests,  and  the  correlation  factors  between  the  model  predictions 
of  stresses  and  the  test  values.  Although  the  correlation  23  and  28  were  not  as 
good  as  we  had  hoped,  the  variation  here  was  mainly  due  to  problems 
associated  with  the  gauge  siting.  Fig  2  gives  the  same  information  for  the 
verification  of  the  tailplane  stresses.  The  wing  verification  followed  a  similar 
validation  process  and  produced  comparable  correlation  ratios. 

Once  the  verification  phase  was  complete,  it  was  possible  to  proceed 
to  the  actual  running  of  the  model,  applying  the  loads  for  approximately  190 
static  cases  and  120  fatigue  cases.  Subsequently,  work  proceeded  to  the 
stressing  for  the  baseline  model  and  then  the  fatigue  and  damage  tolerance 
evaluation.  Currently,  about  90%  of  the  work  on  the  static  cases  has  been 
completed,  and  the  fatigue  and  damage  tolerance  calculations  are 
approximately  40%  complete.  Inspection  periodicities  are  being  derived 
progressively  as  results  become  available  from  the  damage  tolerance  work. 

Operational  Loads  Measurement 

It  is  worthwhile  to  make  mention  of  our  use  of  direct  strain 
measurement,  which  we  normally  call  operational  loads  measurement,  or  OLM, 
because  this  has  played  a  significant  part  in  the  development  of  the  VC  10 
FTR.  For  the  first  runs  of  the  model,  we  were  fortunate  in  having  available 
a  quantity  of  data  from  an  operational  loads  measurement  programme  which 
had  been  carried  out  in  the  mid-1980s  to  improve  our  knowledge  of  the  in- 
service  loading  which  would  be  experienced  by  the  VC10  in  its  new  air-to-air 
refuelling  role.  Specifically,  the  programme  had  been  devised  to  provide 
verification  of  the  wing  fatigue  life,  to  re-assess  the  tailplane  life  and  to  obtain 
qualitative  data  on  fatigue  damage  in  the  new  operating  role. 

Fig  3  shows  the  original  strain  gauge  fit  on  the  aircraft.  Part  way 
through  the  programme,  it  was  found  necessary  to  reconfigure  the 
instrumentation  to  provide  more  detailed  monitoring  of  the  tailplane,  and  as  a 
result  an  additional  6  gauges  were  installed  on  the  tailplane  upper  and  lower 
skins.  Since  the  completion  of  this  OLM  programme,  we  have  run  further 
’mini-programmes’  to  investigate  in-service  cracking  in  the  area  of  the  wing 
rear  spar  and  the  main  undercarriage.  The  OLM  data  has  also  provided  us 
with  duty  cycles  for  the  rudder,  ailerons  and  elevators.  In  addition,  we  will 
shortly  commence  a  new  OLM  exercise  to  measure  the  loads  on  the  main  and 
nose  undercarriages  and  the  associated  back-up  structures. 
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Results  So  Far 


Initially,  when  at  the  project  scoping  stage,  BAe  estimated  that  the 
project  would  probably  identify  a  total  of  around  200  SSIs  and  approximately 
440  primary  damage  calculation  sites,  based  on  previous  experience  with  civil 
aircraft.  First  results  from  the  model  indicated  however  that,  in  the  absence 
of  information  from  a  full-size  fatigue  test  specimen,  the  numbers  could  be 
approaching  500  SSIs  and  around  1000  damage  sites.  It  has  been  necessary 
to  expend  a  great  deal  of  time  in  reviewing  each  of  the  original  SSIs  to 
confirm  the  need  to  proceed  with  the  analysis,  and  as  much  use  as  possible 
has  been  made  of  read-across  by  symmetry  or  between  the  5  marks  of  aircraft. 
Even  so,  the  analysis  task  remains  significantly  greater  than  the  original 
estimate,  at  257  SSIs  and  625  primary  damage  calculation  sites;  the  size  of  this 
task  is  under  continuous  review  as  the  analysis  proceeds.  The  following  areas 
of  difficulty  are  worthy  of  particular  note: 

a.  The  BAe  fatigue  software  has  required  significant  enhancement 
to  cope  with  the  vast  amount  of  data  being  generated  by  the  models. 
Several  brand  new  programs  have  been  written  and,  naturally,  this  has 
generated  additional  software  quality  assurance  work. 

b.  The  unexpected  expansion  in  the  work  required  has  imposed  a 
significant  extra  workload  on  the  modelling  and  fatigue  specialist 
departments  at  BAe  Manchester,  and  it  has  become  necessary  to 
significantly  expand  the  amount  of  static  loads  analysis  on  the  wing. 

c.  The  OLM  coverage  of  the  aircraft  is  far  from  complete,  and 
difficulty  has  been  experienced  in  deriving  load  spectra  for  certain 
areas  of  the  aircraft,  notably  the  T-tail,  the  rear  fuselage  and  the  engine 
nacelles. 

The  Achievements 

Of  course,  these  problems  have  not  prevented  BAe  making  encouraging 
progress  with  this  task  and,  when  reviewing  events  so  far  against  the  short  and 
long  term  measures  which  were  implemented  at  the  start  of  this  project,  the 
following  can  be  claimed: 

a.  The  tailplane  refurbishment  programme  was  completed  on  time 
and  within  budget. 

b.  The  wing  inspection  programme  has  revealed  various  areas 
requiring  attention,  in  particular  the  cracking  of  the  centre  spar  lower 
boom  at  ribs  18  and  19  which  was  not  predicted  by  the  original 


Weybridge  fatig'  2  analysis;  appropriate  modification  action  has  been 
taken  for  this  area. 

c.  The  fuselage  proof  pressure  test  programme  has  not  revealed 
any  hitherto  unknown  sources  of  cracking.  Additionally,  by  using  data 
from  a  limited  monitoring  exercise  on  actual  pressurization  levels,  it 
has  been  possible  to  relax  the  test  interval  from  550  cycles  to  600 
cycles  for  the  C  Mkl  and  700  for  the  tankers.  These  may  be 
considered  small  numbers  by  civil  operator  standards  but,  until  the 
Fatigue  Type  Record  is  complete,  they  represent  a  level  of  monitoring 
which  is  both  technically  and  operationally  acceptable. 

For  the  long  term  measures: 

a.  BAe  have  produced  the  5  versions  of  the  FEM  and  have 
validated  the  models  against  static  test  data. 

b.  For  the  baseline  aircraft  (the  C  Mkl),  90%  of  the  static  stressing 
is  complete,  and  about  40%  of  the  fatigue  and  damage  tolerance 
evaluation. 

c.  20%  of  the  FDTE  results  have  already  been  used  to  amend  the 
aircraft  maintenance  schedule. 

Throughout  the  project  period,  there  has  been  no  reduction  in 
availability  of  airframes  to  the  front-line  squadrons. 

Conclusion 

The  development  of  the  Fatigue  Type  Record  for  the  VC10  is  the  most 
complicated  single  project  that  has  ever  been  undertaken  in  the  UK  in  support 
of  an  ageing  aircraft.  It  is  a  4-year  project  which  has  required  an  enormous 
cooperative  effort  between  BAe  and  the  RAF,  and  will  require  much  more 
before  it  is  complete.  When  it  is,  the  lifing  philosophy  of  this  30  year  old 
fleet  will  have  been  completely  changed  using  modem  analytical  and  testing 
techniques,  and  this  work  will  have  provided  the  basis  for  a  further  20  years 
of  VC10  operations. 
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DURABILITY  AND  DAMAGE  TOLERANCE  DEVELOPMENT  TESTS 
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DURABILITY  AND  DAMAGE  TOLERANCE  MATERIAL  TESTS 
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OVER  2400  SPECIMEN  TESTS 


SPECIMEN  DESIGN 


FASTENER  AND  FAYING  SEALANT  USED 
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CYCUC  SHEAR  1  FBF  SPECTRUM 


AIRFRAME  DURABILITY  TEST 
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FULL  SCALE  AIRFRAME  DURABILITY  TEST 
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COMPLETION  OF  TWO  LIFETIMES  FULL  SCALE  ENGINEERING  DEVELOPMENT 
TESTING  WAS  ACCOMPLISHED  IN  MID  JULY  1995. 


TEST  SPECTRUM 
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CORRESPOND  TO  AIR  DROP  EVENT. 


ARTICLE  LOADING  APPLICATION 


TEST  SETUP 
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SCANNING  AT  A  RATE  OF  10  READINGS  PER  SECOND. 
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SCALE  DURABILITY  TEST  HISTORY 
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NO  DESIGN  IMPACT  :  42 
MINOR  DESIGN  IMPACT  :  44 
SIGNIFICANT  DESIGN  IMPACT  : 


WING  AFT  TRAPEZOIDAL  PANEL  TO  FUSELAGE  SUPPORT  STUB 
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TRAP  PANEL  ^$7 )  VIEW  LOOKING  AFT 


PYLON  STUB  UPPER  CAPS  AT  240  JOINT 
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HORIZONTAL  STABILIZER  FULL  SCALE  DURABILITY  TEST 
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TOTAL  OF  1034  FASTENERS  WERE  REMOVED  FOR  INSPECTION.  TWO  CRACKS  AND 
SOME  EVIDENCE  OF  WEAR  WERE  FOUND  DURING  THE  INSPECTION. 


FLAP  FULL  SCALE  DURABILITY  TEST 
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LANDING  GEAR  FULL  SCALE  DURABILITY  TESTS 
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THE  AFT  GEAR  TEAR  DOWN  INSPECTION  IS  BEING  PERFORMED.  THE  FORWARD  GEAR  WILL 
THEN  UNDERGO  A  COMPLETE  TEAR  DOWN  INSPECTION  WITH  TESTING  RESUMED  AFTER 
COMPLETION  OF  THE  AFT  GEAR  TEST  TO  FOUR  LIFETIMES. 
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CF116  (CF-5)  Full  Scale  Durability  and  Damage 
Tolerance  Test  (FSDADTT) 

Final  Test/Teardown  Results 

*Mr .  Yves  Beauvais 

Bombardier  Inc.,  Defence  Systems  Division 
10000  Cargo  A-4  Street,  Mirabel  (Quebec) 
Canada,  J7N-1H3 


INTRODUCTION 

The  F-5  A/B  aircraft  was  originally  designed  by 
Northrop  Corporation  as  a  4000  hours  safe  life  airframe 
to  the  specifications  of  the  United  States  Air  Force 
Military  Specifications  Series  MIL-S-5700  "Structural 
Criteria,  Piloted  Airplanes",  14  December  1954. 

During  its  service  life,  the  F-5  A/B  has  experienced 
numerous  cracks  in  major  airframe  components,  such  as  the 
wing  spars  and  ribs,  vertical  stabilizer  and  numerous 
formers.  Most  of  the  structural  defects  were  not 
identified  by  the  Service  Life  Extension  Program  (SLEP) , 
which  involved  an  extensive  engineering  study  to  extend 
the  airframe  safe  life  from  4000  hours  to  6000  hours. 
Moreover,  the  usage  spectrum  used  for  the  SLEP  studies 
was  proven  to  be  less  severe  than  the  one  measured  by  the 
Canadian  Forces. 

As  a  result  of  the  above,  the  Canadian  Forces  (CF) 
required  that  a  Full  Scale  Durability  and  Damage 
Tolerance  Test  (FSDADTT)  be  conducted  on  a  representative 
CF-5  airframe.  The  CF  also  required  that  all  airworthy 
repairs  developed  during  the  FSDADTT  be  tested  and  lifed 
accordingly . 

This  paper  will  present  a  description  of  the  CF-5 
Full  Scale  Durability  and  Damage  Tolerance  Test 
(FSDADTT),  performed  at  Bombardier  Inc. /Canada ir. 
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First,  the  rationale  for  undertaking  the  Full  Scale 
Test  is  discussed.  The  structural  modifications 
incorporated  into  the  airframe  over  the  years  are 
presented,  and  the  impact  of  different  operational  usage 
by  the  CF  on  spectrum  severity  is  also  covered.  The  test 
article  selection  and  preparation  will  also  be  discussed, 
as  well  as  the  spectrum  development. 

Test  results  will  then  be  presented  for  the  wing, 
the  fuselage,  and  the  empennage.  As  of  end  1993,  the 
test  phase  was  completed  and  24000  equivalent  flight 
hours  (EFH)  have  been  simulated  on  the  test  article,  that 
is  six  times  the  original  design  life  of  the  CF-5 
aircraft,  and  four  times  the  SLEP-calculated  life  of  6000 
flight  hours.  During  this  period,  test  data  and  results 
were  recorded  which  have  already  impacted  on  fleet 
management  efforts.  At  the  end  of  the  testing,  a 
complete  Teardown  inspection  was  carried  out  on  the 
structure  and  was  completed  at  the  end  of  1994.  The 
results  of  this  inspection  will  also  be  presented. 

Finally,  the  paper  will  cover  various  repair  schemes 
that  have  been  implemented  and  tested  on  the  FSDADTT , 
including  a  boron-epoxy  patch  installed  at  a  critical 
location  on  the  wing  top  skin. 


TEST  BACKGROUND 

The  CF-5  was  designed  in  the  1960's  using  the  safe  life 
approach.  This  approach  provided  a  mean  life  prediction 
based  on:  unflawed  lab  specimen  data,  Miner's  cumulative 
damage  analysis,  a  constant  scatter  factor  of  4  and  no 
crack  growth  analyses  requirement.  Based  on  this 
approach,  the  design  life  of  the  CF-5  was  estimated  at 
4000  flight  hours. 

In  July  1977,  a  Service  Life  Extension  Program 
(SLEP)  was  initiated.  This  program  was  based  on  a  new 
approach:  the  damage  tolerance  philosophy.  It  involved 
crack  growth  analyses  being  carried  out  using  mild, 
average  and  severe  spectra.  A  NASTRAN  finite  element 
model  of  the  F-5A/B  was  also  used. 

Based  on  these  tools,  close  to  30  critical  locations 
were  identified  and  inspection  intervals  were  determined 
for  each  location.  Fleet  maintenance  actions  were  based 
on  the  results  of  this  program. 


Thus  it  was  possible  to  extend  the  service  life  of 
the  CF-5  from  4000  to  6000  flight  hours,  providing  that 
a  set  of  structural  inspections  be  performed  regularly. 

The  Canadian  Forces  (CF)  now  rely  on  the  Aircraft 
Structural  Integrity  Program  (ASIP)  concept  for  most  of 
its  aircraft,  including  the  CF-5.  This  ASIP  philosophy 
is  the  cornerstone  of  fatigue  life  management  for  the  CF 
and  it  requires  that  full  scale  testing  be  carried  out 
to  validate  and  substantiate  the  analyses  performed  at 
the  design  and  at  various  stages  of  the  aircraft  service 
life.  Various  tests  have  been  performed  on  the  F-5 
family  aircraft.  In  the  case  of  the  T-38  and  F-5  A/B, 
only  components  test  were  performed.  The  F-5  E  is  the 
only  member  of  the  family  for  which  a  Full  Scale  Test  was 
performed.  However,  all  these  tests  do  not  apply  to  the 
CF-5  for  various  reasons. 

First,  the  CF-5  structure  is  different  from  those 
tested.  Although  originally  the  CF-5  was  almost 
identical  to  the  F-5A/B  aircraft,  several  structural 
components  have  been  redesigned  and/or  replaced 
throughout  the  CF-5  life.  The  modifications  embodied  on 
the  CF-5  include: 

Lower  wing  skin  replacement  during  mid-life  R&O 

-  Several  wing  spars  and  ribs  replaced  during 
mid-life  R&O 

The  fuselage  dorsal  longeron  was  redesigned  and 
replaced 

The  aft  fuselage  formers  were  redesigned  and 
replaced 

All  these  modifications  have  been  evaluated 
analytically,  but  no  test  has  been  done  to  substantiate 
these  analyses.  The  F-5E  Full  Scale  Test  is  not 
representative  either  because  this  later  version  of  the 
F-5  is  significantly  different  from  a  structural 
viewpoint  in  that  many  critical  locations  identified  on 
the  F-5A  and  the  CF-5  were  completely  redesigned  for  the 
F-5E  model. 


Second,  the  service  spectrum  of  the  CF-5  is  quite 
different  from  that  used  in  the  original  life  estimate, 
the  SLEP  life  estimate,  as  well  as  the  various  tests 
carried  out  on  the  F-5  family.  Figure  1  shows  a 
cumulative  exceedance  curve  for  the  design,  SLEP,  F-5E 
spectra  as  well  as  the  in-service  spectrum  of  the  CF-5 
and  the  FSDADTT  test  spectrum.  It  can  be  seen  that  the 
CF-5  spectrum  is  quite  different,  and  generally  more 
severe,  than  the  other  spectra. 

In  view  of  the  requirement  to  extend  the  operational 
life  of  the  aircraft,  continued  structural  integrity  of 
the  CF-5  required  that  a  Full  Test  be  performed. 

The  Full  Scale  Test  is  performed  for  the  following 
reasons: 

-  Extend  life  from  4000  hours  to  6000  hours, 

-  Investigate  possible  further  extension, 

-  Provide  recommendations  for  inspection 
schedules  to  extend  the  airframe  life  to  6000 
hours  and  beyond, 

-  Optimize  the  aircraft  technical  support  by: 

.  substantiating  theoretical  analyses  (D&DTA 
and  FEM) 

.  identifying  potential  problem  areas 

.  validating  inspection  techniques 

.  establishing  spare  parts  requirements 
.  evaluating  modifications  and  repairs 
schemes  (wing  component  redesign,  fuselage 
dorsal  longeron,  aft  fuselage  formers, 
wing  15%  spar  repair  angle) . 

Major  milestones  of  the  project  include  the 
selection  and  preparation  of  a  test  article,  the  design 
and  construction  of  a  test  rig,  the  development  of  the 
test  spectrum,  testing  and  regular  inspection  of  the  test 
article  for  a  total  of  24000  equivalent  flight  hours  and 
teardown  inspection  of  the  test  article  after  the  test. 

Test  Article  Selection 

The  test  article  was  selected  to  provide  a  specimen 
as  representative  as  possible  of  the  fleet  average.  It 
was  selected  based  on  the  number  of  flight  hours 
accumulated,  the  severity  of  the  spectrum  flown  as  well 
as  the  structural  configuration  of  the  aircraft. 


All  these  factors  had  to  be  as  close  to  the  fleet 
average  as  possible.  Structural  modifications/repairs 
were  embodied  on  the  test  article  to  bring  it  to  the  same 
structural  configuration  as  that  of  the  CF-5  fleet  after 
the  ongoing  mid-life  R&O. 


Test  Rig  Design 

The  test  rig  is  designed  as  a  semifree-f loating  body 
configuration  in  a  balanced  state.  The  reaction  linkages 
are  located  at  the  forward  and  aft  fuselage.  A  total  of 
45  actuators  are  used  to  apply  and  distribute  the 
required  loads  to  the  test  article.  Counterbalancing  of 
the  test  article,  using  a  deadweight  system,  simulate  an 
approximately  weightless  condition.  The  loading  and 
reaction  linkages  are  designed  to  be  easily  removed  for 
inspection  purposes. 


Test  Spectrum  Development 

The  Test  Spectrum  was  developed  by  Canadair  to 
represent  as  closely  as  possible  the  future  usage  of  the 
aircraft  by  the  Canadian  Forces  (CF) .  It  represents  the 
average  spectrum  for  the  CF-5  fleet  in  the  advanced  lead- 
in  trainer  role  for  the  CF-18.  The  spectrum  is  presented 
in  a  1000  equivalent  flight  hours  (EFH)  block  in  a 
mission-by-mission  format.  For  each  mission,  a  manoeuvre 
sequence  was  determined  based  on  various  sources  of  data. 
These  sources  included  the  wing  Flight  Load  Survey  data, 
the  accelerometer  data,  pilot  interviews,  and  the 
training  syllabus.  The  flight  parameters  were  analyzed 
to  identify  the  manoeuvres  flown,  and  they  were  used  to 
develop  a  g-spectrum  to  compare  with  the  accelerometer 
data  collected  on  the  CF-5  fleet.  The  Nz  spectrum  and 
the  Vertical  Stabilizer  spectrum  for  the  FSDADTT  are 
presented  in  Figures  1  and  2  respectively. 

Once  the  manoeuvre  spectrum  was  completed,  the 
aerodynamic  and  inertia  loads  distribution  were 
calculated  for  each  manoeuvre.  An  optimization  program 
was  then  used  to  determine  the  combination  of  actuator 
loads  that  would  reproduce  the  load  distribution  for  each 
case. 


The  test  spectrum  also  incorporates  marker  blocks 
to  facilitate  the  evaluation  of  results  and  provide  crack 
growth  rate  data.  This  feature  has  already  proven  useful 
in  the  case  of  the  lower  wing  skin  critical  radius. 

Test  Status 

The  test  was  completed  by  the  end  of  1993  after 
three  8000  EFH  lifetimes  were  completed.  The  Teardown 
inspection  planned  at  the  end  of  the  test  was  completed 
at  the  end  of  1994. 


TEST  RESULTS 

The  test  results  are  presented  for  the  wing,  the  fuselage 
and  finally,  the  vertical  stabilizer.  In  general,  test 
failures  have  been  located  mainly  on  the  wing,  with  only 
a  few  failures  detected  on  the  fuselage. 
Modification/Repair  schemes  incorporated  to  the  test 
article  are  also  discussed. 

Wing 

The  CF-5  wing  is  the  component  where  most  cracks 
were  found  during  the  FSDADTT  program.  Damage  was  found 
starting  at  8000  EFH  up  until  12900  EFH  at  which  time  the 
decision  was  made  to  replace  the  wing  and  continue 
testing  with  more  emphasis  put  on  the  fuselage  and 
empennage.  However,  a  replacement  wing  was  selected  to 
ensure  that  the  wing  loads  are  redistributed  adequately 
to  the  fuselage  frames.  Note  that  all  test  lives 
mentioned  are  unfactored  life,  unless  specified 
otherwise. 


Lower  Wing  Skin. 

The  bulk  of  the  fatigue  cracks  found  on  the  wing 
were  on  the  lower  wing  skin.  Those  fatigue  cracks  were 
mainly  at  fastener  holes.  The  first  four  cracked  holes 
were  detected  at  8000  EFH.  Then  at  9755  EFH,  another  42 
fastener  hole  cracks  were  detected  as  well  as  some  drain 
holes  (see  Figure  3) .  Again  most  of  these  holes  were  on 
the  44%  spar  line  between  Wing  Station  (WS)  25  to  65. 
Some  cracks  were  also  found  on  the  39%  spar  line  and  over 
the  root  rib  area. 


In  addition  to  that,  cracks  were  detected  at  9755 
EFH  in  the  lower  wing  skin  critical  radius,  at  11877  EFH 
and  12890  EFH  at  the  WS  64.8  radius  and  on  the  edge  of 
the  lower  skin  at  the  MLG  cut-out. 

These  damage  are  summarized  in  Table  1  and  are 
shown  in  Figure  3.  Analytical  life  estimates  are  also 
presented,  when  available,  in  Table  1. 

The  repair  consisted  in  opening  the  hole  to  remove 
the  cracks  and  the  crack  tip  plastic  zone.  The  holes 
were  then  cold  worked  and  a  fastener  was  put  back  in 
(except  for  the  drain  holes  which  were  left  open) . 

Moreover,  at  9755  EFH,  it  was  decided  to  take  the 
time  to  cold  work  every  holes  in  the  area  limited  by  WS 
70  left  to  right  and  the  27%  and  44%  spar  lines  (Figure 
4) .  This  was  done  to  ensure  that  testing  could  proceed 
without  cracks  on  the  lower  wing  skin  slowing  the  test 
too  much.  However,  at  11880  EFH,  more  cracks  were  found 
in  fastener  holes  in  the  15%  spar  area  (Figure  3) . 

In  the  case  of  the  lower  wing  skin  critical  radius, 
a  repair  was  designed  for  this  area.  It  consists  in  a 
titanium  patch  installed  over  the  critical  radius  area 
(Figure  4) .  The  cracked  material,  including  the  crack 
tip  plastic  zone  is  removed  prior  to  installing  the 
patch.  This  repair  has  been  tested  successfully  from 
9755  to  12890  EFH.  A  composite  patch  (Boron-Epoxy)  was 
also  designed  for  this  location.  However,  it  has  not 
been  tested  on  the  Test  Article. 

At  WS  64.8,  the  area  was  repaired  by  blending  away 
the  cracked  material  (including  the  plastic  zone) ,  and 
then  shot-peening  the  radius. 

The  largest  damage  found  on  the  lower  skin  was 
located  at  the  15%  spar  line  at  WS  40,  after  11880  EFH. 
There,  a  crack  propagated  from  the  forward  edge  of  the 
skin  (at  15%  spar  line)  to  the  21%  spar  line,  over  6 
inches  away  (Figure  3).  This  damage  was  particular 
because  it  initiated  at  the  radius  of  a  chem-milled 
pocket.  It  became  unstable  before  getting  through  the 
thickness,  hence  before  being  detectable.  This  area  was 
repaired  by  removing  the  cracked  material  and  by 
installing  a  steel  patch  (Figure  4)  .  This  repair  was 
tested  successfully  to  12890  EFH. 
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After  these  repair  were  implemented,  testing  resumed 
until  12890  EFH.  At  that  time  further  cracking  was  found 
in  the  critical  radius,  the  WS  64.8  radius  and  the  edge 
of  the  lower  skin  at  the  Main  Landing  Gear  cut-out.  It 
was  then  decided  to  remove  the  test  wing  and  continue  the 
testing  of  the  fuselage  and  empennage  with  alternate 
wings .  The  test  wing  then  went  through  a  teardown 
inspection.  This  inspection  revealed  a  lot  of  cracks  in 
the  lower  wing  skin,  as  shown  in  Figure  5. 

Wing  Spars  and  Ribs. 

The  damage  found  on  the  wing  internal  structure  is 
shown  in  Figures  6  and  7,  and  summarized  in  Table  2. 
Most  of  this  damage  was  found  at  the  teardown  inspection 
of  the  wing,  after  12890  EFH. 

It  can  be  seen  that  a  significant  portion  of  the 
structure  is  damaged.  The  39%  spar,  for  example,  is 
almost  severed  at  WS  50.  It  must  be  noted  that  this 
spar,  as  well  as  the  21%,  27%  and  33%  spars,  were  not 
replaced  as  part  of  the  wing  R&O  program.  Therefore,  for 
these  components,  it  was  necessary  to  demonstrate  a  full 
6000  hour  life,  since  they  are  not  replaced  at  mid-life. 

Based  on  the  extent  of  cracking  on  the  wing,  and 
especially  the  lower  wing  skin,  it  was  recommended  that 
the  service  life  of  the  lower  wing  skin  for  the  CF-5 
fleet  be  reduced  to  2700  flight  hours.  This  corresponds 
to  the  time  when  cracking  was  first  observed  (8000  EFH) 
divided  by  a  scatter  factor  of  three. 

However,  after  reviewing  the  extent  of  damage  in  the 
internal  structure,  it  was  concluded  that  a  complete  wing 
replacement  at  mid-life  was  preferable.  Such  new  wing 
will  have  a  7475  alloy  lower  skin,  which  will  greatly 
improve  the  crack  growth  lives  in  the  skin.  Also,  all 
fastener  holes  between  WS  64.8  left  to  right  will  be  cold 
worked . 


Fuselage  and  Empennage 

There  has  been  only  a  few  minor  test  failures  on  the 
fuselage  during  the  test.  These  test  failures  are 
summarized  in  Table  3 ,  as  well  as  the  result  of  analyses 
carried  out  to  verify  the  analytical  models  of  these 
areas. 


The  only  area  of  the  fuselage  that  required 
significant  repair  during  the  test  is  the  upper  cockpit 
longeron  area  (figure  8) .  Cracking  in  the  area  was  found 
at  16000  EFH,  at  a  fastener  hole  on  the  longeron.  At 
that  time,  the  hole  was  oversized  to  remove  the  crack 
and  plastic  zone  and  an  interference-fit  bushing  was 
installed.  However,  at  18000  EFH,  the  crack  had 
reappeared  and  propagated  to  the  edge  of  the  longeron. 
The  area  was  heavily  strain  gauged  to  gather  load/stress 
distribution  data  in  the  area  and  a  repair  was  designed 
and  installed  to  resume  testing.  In  consisted  in  a  strap 
bolted  over  the  damaged  area,  as  shown  in  Figure  8.  The 
cracked  area  was  blended  prior  to  the  strap  installation. 

This  repair  was  successfully  tested  from  18000  to 
24000  EFH.  While  not  being  applicable  directly  for  fleet 
aircraft,  this  repair  provided  a  lot  of  data  for  the 
development  of  an  airworthy  repair. 

The  test  program  also  provided  the  opportunity  to 
evaluate  two  major  areas  of  the  fuselage  that  were 
modified  prior  to  beginning  of  the  Full  Scale  Test. 

The  original  aluminium  dorsal  longeron  (Figure 
11)  was  replaced  by  a  new  steel  longeron  designed  by 
Canadair.  In  24000  EFH  of  test,  no  damage  was  found  on 
this  new  longeron  nor  on  the  surrounding  structure.  This 
redesigned  longeron  was  installed  on  the  entire  fleet. 

The  five  fuselage  formers  underneath  the  vertical 
stabilizer  (Figure  13)  were  also  replaced  on  the  test 
article  prior  to  the  start  of  the  test.  Originally, 
these  formers  were  made  of  sheet  metal  and  were  cracking 
early  in  the  aircraft  life.  The  Vertical  Stabilizer  skin 
critical  radius,  located  close  to  this  area,  was  also 
cracking.  Canadair  designed  new  formers  section  to 
replace  the  problem  areas.  These  new  formers  section  are 
machined  with  integral  bathtub  fitting  to  transfer  the 
vertical  stabilizer  skin  load  directly  via  the  attachment 
angle . 
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This  results  in  a  different  load  path  being 
available  for  the  stabilizer  bending  load  and  reduces  the 
stress  (by  up  to  40%)  at  the  main  load  path  for  this 
load,  namely  the  vertical  stabilizer  main  spar.  The 
stabilizer  skin  over  this  area  is  a  very  critical 
location  on  the  CF-5.  However,  with  the  new  formers,  no 
cracking  was  found  on  the  Vertical  Stabilizer  skin  in  the 
critical  area.  The  only  cracks  observed  are  located  at 
stringer  runnouts,  as  shown  in  Figure  14.  There  was  also 
evidence  of  fretting  along  the  main  spar  area. 


Upper  Wing  Skin  Composite  Patch. 

When  the  decision  to  replace  the  wing  was  made,  it 
was  decided  to  take  the  opportunity  to  instrument  a 
Boron-Epoxy  doubler  installed  over  an  area  that  has 
experienced  cracking  in  the  fleet.  This  area  is  the 
upper  wing  skin  "golden  triangle",  shown  in  Figure  4. 
This  boron-epoxy  doubler  is  a  fatigue  enhancement 
feature,  not  a  structural  component.  The  doubler  was 
analyzed  at  Canadair,  using  NASTRAN,  to  evaluate  the  load 
reduction  it  would  produce  on  the  upper  skin.  The  patch 
was  installed  on  the  test  article  wing  along  with  many 
strain  gauges.  The  gauges  results  matched  the  NASTRAN 
results  in  showing  a  40%  stress  reduction  in  the  critical 
area.  However,  the  patch  failed  during  testing  after 
approximately  3000  EFH.  A  large  disbound  was  observed 
at  16000  EFH  as  well  as  matrix  cracking.  However, 
evidence  of  cracking  was  observed  at  15000  EFH.  Thus, 
the  useful  life  of  the  doubler  is  estimated  at  2000  EFH, 
based  on  this  test  result. 


Acoustic  Emission 

The  CF-5  FSDADTT  provided  an  ideal  opportunity  to 
evaluate  the  capability  of  acoustic  emission  monitoring 
with  regards  to  crack  detection.  A  monitoring  system  was 
installed  on  the  test  article.  The  monitored  region  was 
the  wing  lower  surface. 


The  acoustic  emission  system  proved  to  be  a  valuable 
tool  for  the  early  detection  of  cracks  in  that  most 
damages  on  the  lower  wing  skin  were  first  localized  by 
acoustic  emission  and  then  confirmed  by  other  NDT 
techniques.  Had  conventional  NDT  been  used  without 
acoustic  emission,  cracks  could  have  progressed 
undetected  and  resulted  in  early  wing  failure,  possibly 
causing  extensive  damage  to  the  rest  of  the  structure. 
This  technique  was  used  on  the  FSDADTT  to  highlight  the 
areas  where  inspections  should  be  carried  out  in  order 
to  save  inspection  time,  and  provide  advance  warning  in 
critical  areas. 


CONCLUSION 

The  CF-5  FSDADTT  has  been  a  fruitful  program.  The 
cracking  observed  during  the  test  resulted  in  many 
changes  in  the  operation  and  fatigue  management  efforts 
for  the  CF-5.  It  has  also  allowed  to  test  major 
redesigns  and  repairs,  as  well  as  to  demonstrate  the 
capability  of  acoustic  emission  for  early  crack 
detection. 

The  main  conclusions  reached  at  the  end  of  the  test 
program  differ  for  the  wing  and  the  rest  of  the  aircraft. 
In  the  case  of  the  wing,  the  conclusion  is  that  this 
structure  is  extremely  critical  and  it  was  decided  to 
limit  its  life  to  3000  hours,  which  is  less  than  the 
original  design  life.  Moreover,  new  wings  are  being 
procured  at  mid-life  rather  than  going  through  the  wing 
R&O  process. 

For  the  fuselage  and  empennage,  the  test  showed  that 
these  structures  are  damage  tolerant  and  that  the  SLEP 
life  of  6000  hours  is  a  realistic  target,  with  possible 
extension.  The  major  critical  area  of  the  fuselage  is 
the  cockpit  longeron,  which  will  require  a  modification 
to  reach  the  target  life.  The  test  also  highlighted  the 
fact  that  the  fuselage  modifications  (dorsal  longeron  and 
aft  formers)  are  quite  efficient. 
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Failure  Description 


Crack 

Size 


Analytical 

Results 


Figure 


Fastener  holes  on  lower  0.010"  to  8000  EFH  Fatigue  =  6730  hr 
wing  skin  0.040"  DTA  =  200  hr 

9755  EFH  Acrit  =  0.060" 


Critical  Radius  at 
WS  25 


Radius  at  WS  64.8 


Edge  of  skin  in 
MLG  cut-out 


0.040" 


Crack  form  1 5%  to  21  %  6.25" 

at  WS  33 


Fatigue  =  16160  hr 
DTA  =  1050  hr 
Acrit  =  0.095" 


Teardown 
(12890  EFH) 


9755  EFH 


Teardown 
(12890  EFH) 


1 1 877  EFH  Fatigue  =  1 1 600  hr 

DTA  =  3700  hr 
Acrit  =  0.487" 

Teardown 
(12890  EFH) 


Teardown 
(12890  EFH) 


1 1 877  EFH  Fatigue  =  1 0200  hr 

DTA  =  4570  hr 
Acrit  =  0.450" 


Table  1  -  Fatigue  Damage  found  on  Lower  Wing  Skin 
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Failure  Description 

Crack 

Size 

Test 

time 

Analytical 

Results 

Figure 

15%  spar  at  WS  48 
(see  note  1 ) 

>1.00" 

6000  EFH 

Fatigue  =  1483  hr 
DTA  =  3420  hr 
Acrit  =  0.090" 

6 

MLG  Uplock  Rib 

0.250" 

12130  EFH 

6 

Root  Rib  at  44%  spar 
attachment  (upper) 

0.200" 

9755  EFH 

Fatigue  =  51 76  hr 
DTA  =  infinite 

6 

Crack  in  39%  spar 
at  WS  49 

>2.00’ 

! 

Teardown 
(12890  EFH) 

Fatigue  =  1 8800  hr 
DTA  =  1030  hr 
Acrit  =  0.330" 

6 

Cracks  in  internal 
Structure  in  various 
locations  (lower  surface) 

0.010"  to 
0.060" 

Teardown 
(12890  EFH) 

6 

Cracks  in  internal 
Structure  in  various 
locations  (upper  surface) 

0.010"  to 
0.060" 

Teardown 
(12890  EFH) 

7 

Table  2  -  Fatigue  Damage  found  on  Wing  Internal  Structure 
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Failure  Description 

Crack 

Size 

Test 

time 

Analytical 

Results 

Figure 

Upper  Cockpit  Longeron 

0.040*' 

16700EFH 

MB 

8 

Fuselage  Skin  Cracks 

0.050"  to 
>3.00" 

Teardown 
(12890  EFH) 

9 

Intake  Duct  Skin 
at  FS  355  to  370 

>3.00" 

Teardown 
(12890  EFH) 

10 

MLG  Door  Support 

Beam  -  Angle 

>1.00" 

9755  EFH 

9 

Cracks  in  Centre 
Fuselage  internal 
Structure  (various) 

0.010"  to 
>5.00" 

Teardown 
(12890  EFH) 

11 

Cracks  in  FS  325 
Bulkhead 

>1.00" 

8000  EFH 

problem  related 
to  corrosion 
(not  a  valid  test 
result) 

12 

Engine  Mount  Bolts 

Bolt 

Failed 

2750  EFH 

13 

Engine  Forward  Mount 
Link 

Link 

Failed 

6400  EFH 

13 

Cracks  in  Aft 

Fuselage  internal 
Structure  (various) 

0.50"  to 
>1.00“ 

Teardown 
(12890  EFH) 

13 

Crack  in  V/Stab 

Skin  and  Internal 
Structure  (various) 

>1.00" 

Teardown 
(12890  EFH) 

14 

Table  3  —  Fatigue  Damage  found  on  Fuselage  and  Empennage 


CUM.  EXCEEDANCES/IOOOhr 


Figure  1  -  CF-5  Nz  Spectra  Comparison 


VERTICAL  BENDING  MOMENT  SPECTRUM 


SQUWMM  4t® 


Figure  2  -  CF-5  FSDADTT  V/Stab  Bending  Moment  Spectrum 
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OWER  WIN(3  SKIN 

REA  TO  BE  COLD  WORKED 
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Figure  4  -  Repairs  Installed  on  Wing  During  FSDADTT 


CRACKED  LOCATION 
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Figure  6  -  Cracks  on  Wing  Internal  Structure  (Lower) 
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Figure  7  -  Cracks  on  Wing  Internal  Structure  (Upper) 
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Figure  8  -  Crack  in  Upper  Cockpit  Longeron 


racks  on  Fuselage  Skins 
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Figure  10  -  Cracks  in  Intake  Duct  Skins 


FS388.75 
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Figure  11  -  Cracks  in  Centre  Fuselage  Structure 


FS388.75 
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Figure  13  -  Cracks 


Figure  14  -  Cracks  on  V/Stab  Skins  and  Internal  Structure 


B-1B  Aircraft  Structural  Integrity  Program 
A.  G.  Denyer 
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Rockwell  International 


ABSTRACT 

The  paper  presents  a  review  of  the  impact  of  the  USAF  Aircraft  Structural  Integrity  Program 
(ASIP)  on  the  design,  production  and  eight  years  of  service  operations  of  the  USAF  B-1B 
Bomber.  The  B-1  was  the  first  USAF  aircraft  procured  with  fracture  mechanics  methodology 
being  an  integral  part  of  the  design  requirements,  influencing  the  selection  of  materials, 
determination  of  critical  structural  components  and  structural  life  assessment  procedures  for 
both  the  economic  life  and  the  damage  tolerance  capability  of  the  aircraft.  The  paper  will  cover 
the  methodology  development,  design  analysis,  structural  testing,  service  life  monitoring  and 
the  operational  experience  of  the  B-1B  Aircraft.  The  paper  shows  how  fracture  mechanics  was 
integrated  into  the  design  and  manufacturing  process  and  how,  combined  with  the  service  life 
monitoring  aspects  of  ASIP,  it  has  proven  a  useful  tool  for  fleet  maintenance. 


INTRODUCTION 

During  the  1960’s  the  USAF  experienced  unexpected  early  structural  failures  in  service  aircraft 
and  in  full  scale  fatigue  tests.  Particularly  disturbing  were  brittle  fractures  from  small  cracks  in 
materials  such  as  D6AC  steel  and  7178-T6  Aluminum.  As  a  result,  the  USAF  instituted  an 
Aircraft  Structural  Integrity  Program  (ASIP),  administered  under  AFR  80-13  (Reference  1)  and 
defined  in  MIL  STD  1530A  (Reference  2),  to  provide  a  cohesive  approach  to  ensuring 
structural  integrity  considerations  are  not  only  part  of  the  design  and  manufacture  but  are 
maintained  throughout  the  service  life  of  the  aircraft.  TABLE  1  shows  the  major  durability  and 
damage  tolerance  tasks  in  the  ASIP  program.  For  brevity  and  clarity  such  tasks  as  static 
strength  analysis,  flutter  and  dynamics  analysis,  static  tests  and  flight  test  have  been  omitted. 
The  first  three  phases  cover  design,  development,  testing  and  manufacture  while  phases  four 
and  five  cover  the  maintenance  of  the  structural  integrity  during  the  service  life  time.  Phase 
four  is  the  preparation  of  the  analysis  tools  that  provide  the  operator  with  maintenance  and 
inspection  requirements  for  the  aircraft  while  phase  five,  a  USAF  responsibility  supported  by 
contractor  recommendations,  is  the  fleet  management,  maintenance  and  reporting  procedures 
that  feed  back  to  the  analysis  programs. 

During  the  same  calendar  period  advances  were  made  in  the  development  of  analytic  tools  to 
compute  the  fracture  toughness  of  a  component  in  the  presence  of  a  crack  and  to  estimate  the 
rate  at  which  a  crack  would  propagate  from  an  initial  crack  size  to  a  length  at  which  static 
failure  would  occur.  In  1970  when  the  specifications  and  design  requirements  for  the  B-1  A 
Bomber  were  released  they  included  the  ASIP  requirements  of  Reference  2  and  the  Damage 
Tolerance  Requirements  of  MIL-A-83444  (Reference  3)  which  in  turn  implemented  fracture 
mechanics  technology  as  an  integral  part  of  the  design  approach.  The  damage  tolerance 
approach  as  defined  in  Reference  3  requires  single  load  path  structure  to  be  qualified  as  slow 
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TABLE  1  -  Aircraft  Structural  Integrity  Tasks  Involving  Durability  and  Damage  Tolerance 


PHASE  1 


PHASE  2 


PHASE  3 


Durability  &  Damage 
Tolerance  Control  Stress  Analysis 
Plans 


Durability  &  Damage 
Tolerance  Analysis 


PHASE  4 

PHASE  5 

Force  Management 
Data  Package 

Force  Management 

Final  Durability  & 
Damage  Tolerance 
Analysis 

Loads/Environment 
Spectra  Survey 

Force  Structrual 
Maintenance  Plan 

Individual  Aircraft 
Tracking  Program 

Loads/Environment 
Spectra  Survey 

Individual  Aircraft 
Maintenance  Times 

Individual  Aircraft 
Tracking  Program 

Structural 

Maintenance 

Records 

Design 

Development  Tests 


crack  growth  while  multi-load  path  structure  with  crack  arrest  features  may  be  qualified  as  slow 
crack  growth  or  as  fail-safe  structure. 

Rockwell  elected  to  qualify  all  B-1  safety  of  flight  structure  as  slow  crack  growth  assuming  the 
presence  of  flaws  in  the  most  unfavorable  position  and  computing  the  damage  tolerance  life 
using  the  principles  of  linear  elastic  fracture  mechanics.  Implementation  of  the  ASIP  program 
included  designing  and  testing  the  structure  to  both  durability  and  damage  tolerance 
requirements  and  establishing  a  damage  tolerance  control  plan  to  ensure  the  quality  of  design 
•and  manufacturing.  Maintenance  of  structural  integrity  throughout  the  service  life  is 
accomplished  with  the  aid  of  the  Force  Management  Data  Package  (See  TABLE  1),  a  series  of 
programs  designed  to  monitor  the  force  and  provide  an  assessment  of  the  structural  capability 
under  sen/ice  operations. 


B-1B  BACKGROUND 

The  B-1B  Bomber  is  a  variable  geometry  (swing  wing)  aircraft  capable  of  high  subsonic  speed 
while  terrain  following  at  low  altitude  (below  500  feet).  The  aircraft  design  mission  includes  low 
altitude  penetration  of  enemy  airspace  and  weapon  delivery  combined  with  long  range  cruise 
and  in-flight  refueling. 
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The  B-1B  is  a  performance  enhanced  derivative  of  the  B-1 A  pre-production  aircraft  which  was 
designed  and  built  in  the  1970  through  1976  time  period.  The  design  development  and  design 
verification  tests,  proof  load  and  strain  survey  tests,  ground  vibration  and  flight  tests 
accomplished  on  the  B-1  A  applied  to  the  B-1  B  for  which  engineering  commenced  in  1982  with 
first  flight  occurring  in  1984.  The  B-1B  design  incorporated  changes  as  a  result  of  the  B-1  A 
design  development,  design  verification  and  flight  tests.  The  first  aircraft  entered  service  with 
the  USAF  in  1985  and  the  100th  production  aircraft  was  completed  in  1988. 


METHODOLOGY  DEVELOPMENT 

In  order  to  meet  the  analysis  requirements  of  the  B-1  contract,  Rockwell  undertook  extensive 
methodology  development  programs  in  the  fields  of  load  spectrum  generation  and  in  crack 
growth  rate  and  fracture  toughness  analysis  procedures. 


Spectrum  Generation  Methodology 

The  spectrum  generation  studies  resulted  in  the  Rockwell  Automated  Stress  Spectrum 
computer  Program  (RASSP)  shown  schematically  in  FIGURE  1.  The  major  consideration  when 
writing  the  program  was  to  create  an  integrated  system  that  would  generate  local  stress 
spectra  at  any  location  within  the  primary  airframe  with  minimal  user  input.  The  spectra  would 
be  in  flight-by-flight  sequence,  maintaining  the  statistics  of  the  mission  mix,  contain  sufficient 
missions  to  be  representative  of  the  lifetime  usage  and  define  the  maneuver,  gust  and  ground 
handling  environment.  The  variable  geometry  aircraft  causes  significant  changes  in  mean 
stress  levels  as  the  wings  are  moved,  making  the  sequence  of  mission  segments  within  a  flight 
an  important  consideration.  The  input  data  to  the  program  consists  of  the  flight  profiles  in 
terms  of  flight  parameters  such  as  weight,  Mach  number,  altitude  and  aircraft  geometry,  and 
the  mission  mix  representing  the  service  life  of  the  aircraft.  Both  the  flight  profiles  and  the 
aircraft  loading  environment  discussed  below  are  kept  on  databases  for  access  by  the 
program.  The  maneuver,  gust  and  ground  handling  frequency  of  occurrence  statistics  are 
maintained  in  the  form  of  cumulative  occurrences  of  load  factors  (Nz)  at  the  aircraft  center  of 
gravity.  Load  factor  data  were  developed  to  cover  the  mission  segments  defined  in  the 
mission  profiles.  MIL-A-8866B  (Reference  4)  provided  the  maneuver  load  factors  for  all 
mission  segments  except  terrain  following  for  which  the  flight  simulator  was  used  to  generate  a 
load  factor  trace  for  selected  routes.  The  gust  load  factor  occurrences  were  computed  using  a 
continuous  turbulence  approach  (power  spectral  density)  according  to  MIL-A-008861A 
(Reference  5).  The  spectrum  generation  procedure  compiles  load  factor  spectra  on  a  flight 
segment  by  segment  sequence  for  each  mission  in  the  mix.  The  load  factor  spectra  for 
multiple  missions  representing  the  same  flight  profile  maintain  the  same  segment  sequence 
but  the  load  cycles  within  each  segment  differ  in  magnitude  and  sequence  thus  allowing  the 
inclusion  of  infrequent  high  loads  within  the  appropriate  statistics.  Gust  and  maneuver  load 
cycles  are  randomly  sequenced  within  a  segment.  Terrain  following  at  altitudes  below  500  feet 
results  in  an  environment  of  high  maneuver  activity  in  severe  gust  conditions.  The  spectrum 
generation  program  thus  superimposes  the  gust  cycles  on  the  terrain  following  maneuver 
spectrum. 


Input 
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Randomize 
Mission  Sequence 


Figure  1  -  Spectrum  Generation  Flow  Chart 


The  load  factor  spectrum  is  converted  to  a  stress  spectrum  at  any  location  in  the  airframe  by 
linking  the  spectrum  program  to  a  database  holding  the  internal  loads  for  over  100  load 
conditions  covering  the  envelope  of  the  operational  usage  in  terms  of  aircraft  gross  weight, 
Mach  number,  altitude  and  aircraft  geometry.  These  conditions  include  ground  handling 
operations,  symmetric  maneuver,  roll  maneuver,  vertical  and  lateral  gust  situations.  A  77,000 
element,  107,000  degrees  of  freedom,  half  airframe  NASTRAN  model  (Reference  6)  was  used 
to  compute  the  internal  loads  necessary  to  support  the  fatigue  analysis. 


Crack  Growth  Methodology  Development 

The  analytical  structural  damage  is  accumulated  as  increasing  crack  lengths  due  to  the 
structural  loading  caused  by  the  aircraft  usage.  The  structural  loading  takes  the  form  of  a 
sequential  stress  file  developed  as  defined  above.  The  B-1  analysis  methodology  is  based  on 
the  principles  of  linear  elastic  fracture  mechanics  (LEFM)  where  the  stress  state  at  the  crack 
tip  is  characterized  by  a  single  parameter,  the  stress  intensity  factor  K.  Furthermore  the  sub- 
critical  flaw  growth  is  defined  as  a  function  of  the  cyclic  range  of.  the  stress  intensity  factor. 
The  crack  growth  is  computed  per  cycle  (da/dN)  using  a  crack  growth  rate  equation  fitted  to 
material  property  sub  critical  flaw  growth  rate  data  and  an  integration  procedure  to  obtain  the 
complete  crack  growth  curve.  A  modified  Walker  equation  (Reference  7)  with  two  slopes 
covering  the  range  of  delta  K  was  selected  as  the  best  representation  of  the  test  data 
accounting  for  the  stress  ratio  effects. 
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CRACK  GROWTH  RATE  EQUATION 


^  =  cj(l -R)m~'* Atf]"  lf..R>  0 

“*  =  c[0 -R)U  K  J  lf..R<0 

where 

Ris  Ratio  of  applied  stress 

Kmax  Stress  Intensity  Factor  due  to  applied  stress 

Kmin  Stress  Intensity  Factor  due  to  applied  stress 

C  ,n ,  m  and  q  Material  dependent  constants  derived  from  compact 
tension  and  center  through  crack  test  specimens 

Other  parameters  used  in  the  modified  Walker  equation  for  crack  growth  predictions  are  the 
delta  K  threshold  (a  range. of  K  below  which  no  growth  occurs)  and  the  values  of  the  stress' 
ratio  (R)  above  and  below  which  the  stress  ratio  changes  have  no  impact.  The  stress  intensity 
factors  are  a  function  of  the  gross  area  stress  remote  from  the  crack,  the  local  part  geometry, 
the  geometry  and  shape  of  the  flaw.  Literature  searches  and  analytical  development  resulted 
in  a  library  of  stress  intensity  solutions  for  both  part  through  and  through  the  thickness  cracks 
originating  from  holes,  edges  of  plates,  surfaces  of  plates  and  embedded  flaws. 

The  service  loadings  of  aircraft  are  of  a  variable  amplitude,  and  numerous  studies  have  noted 
the  load  interaction  effects  of  variable  amplitude  on  the  crack  growth  life.  Tensile  overloads 
introduce  significant  retardation  of  the  crack  growth  rate  while  compression  loads  in  a  tension  / 
compression  spectrum  tends  to  accelerate  the  crack  growth.  The  load  interaction  model 
developed  for  the  B-1  analysis  is  a  modified  Willenborg  model  (Reference  7)  which  assumes 
that  the  overload  retardation  effect  is  caused  by  local  variations  in  the  local  stress  field  as  the 
crack  grows  through  the  compressive  residual  stress  zone  produced  by  the  overload.  The 
effective  stress  is  then  defined  as  the  (remote  field  stress  -  the  local  residual  stress),  and  this 
effective  stress  is  used  to  calculate  the  effective  stress  intensity  factor.  The  Willenborg  model 
predicts  that  the  maximum  retardation  will  occur  immediately  after  the  overload  and  the  growth 
rate  will  return  to  its  constant  amplitude  counterpart  when  the  current  interaction  zone  reaches 
the  end  of  the  overload  interaction  zone.  The  Willenborg  model  is  modified  to  reflect  an 
increased  growth  rate  (acceleration)  in  situations  where  the  spectrum  contains  compressive 
loads  or  underloads  (small  tension  cycles)  in  low  -  high  sequence  loadings. 
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Test  Program  in  Support  of  Fracture  Mechanics  Requirements 

The  B-1  contract  required  that  "a  system  of  procedures  and  specifications  sufficient  to  preclude 
utilization  of  material  with  inadequate  toughness  in  critical  areas"  be  developed  and 
implemented.  At  the  inception  of  the  B-1  program,  only  limited  test  data  was  available 
pertaining  to  the  materials  of  interest.  A  comprehensive  test  program  was  conducted  to 
determine  the  fracture  mechanics  material  properties  for  aluminum,  titanium  and  steel  alloys 
as  well  as  the  effects  of  the  welding  and  diffusion  bonding  processes.  Testing  was  initiated  in 
December  1970  and  continued  for  four  years  during  which  time  1804  tests  were  made  to 
define  material  properties  (K-|C,  Kc,  Kiscc  and  da/dN)  and  to  verify  crack  growth  spectrum 
loading  models.  Tests  were  conducted  on  14  alloys  (aluminum  2024,  2124,  2219,  7049,  7050, 
7075,  and  7175  in  selected  tempers;  titanium  alloy  Ti-6AI-4V;  steel  alloys  9Ni-4Co-.20C,  9Ni- 
4Co-.30C  and  300  M;  corrosion  resistant  steel  PH13-8Mo;  nickel  base  alloy  Inconel  718  and  a 
fastener  material  MP35N).  Approximately  30%  of  the  of  the  program  effort  was  directed 
towards  evaluations  of  thirty-one  lots  of  Ti-6AI-4V  alloy  while  another  30%  of  the  effort 
investigated  seven  or  more  lots  each  of  2024,  2124,  9Ni-4Co-.20  and  PH13-8MO.  The 
specimens  used  in  the  testing  were  of  four  types:  compact  tension  (CT)  for  Ki  c  >  Kc  and 
da/dN  tests,  center  cracked  tension  (CCT)  for  Kc  and  da/dN  tests,  and  part  through  crack 
(PCT)  specimens  for  K-|C  and  da/dN  tests  and  finally  double  cantilever  beam  specimens  for 
Kiscc  tests.  The  CCT  specimen  configuration  was  used  for  sheet  and  welds  in  sheets 
because  the  CT  sheet  specimens  buckle  under  these  test  conditions.  The  results  of  this  test 
program  combined  with  literature  data,  formed  the  database  for  the  durability  and  damage 
tolerance  analysis  performed  in  support  of  the  B-1  B  design  and  subsequent  analyses. 


DESIGN  INFORMATION 
Design  Criteria  and  Requirements 

For  the  purposes  of  brevity,  this  paper  will  consider  only  those  aspects  of  the  design  criteria 
that  affect  the  integrity  of  the  primary  structure  from  the  standpoint  of  durability  and  damage 
tolerance. 

The  design  goal  of  the  B-1B  aircraft  is  30  years  or  9,681  flight  hours  comprising  the  mission 
mix  shown  in  TABLE  2.  This  differed  from  the  B-1  A  where  the  design  life  was  20  years  and 
13,500  flight  hours.  The  contract  required  both  analytical  and  test  verification  of  the  structural 
economic  life  of  one  lifetime  (9681  flight  hours)  assuming  the  initial  condition  is  nominally 
unflawed  structure,  as  built  under  normal  production  and  inspection  techniques,  and  also  a 
damage  tolerance  verification  of  two  lifetimes  (19362  flight  hours)  assuming  the  initial  condition 
is  an  undetected  flaw  equal  to  the  production  line  inspection  capability.  The  design  profiles,  a 
sample  of  which  is  shown  in  FIGURE  2,  were  provided  in  the  specification  for  the  purposes  of 
fatigue  analysis  and  testing.  An  indication  of  the  expected  load  severity  may  be  inferred  by  the 
design  criteria  of  3.0g  limit  load  with  the  wings  aft  of  65  degrees  and  2.0g  limit  load  when  the 
wings  are  forward  of  65  degrees.  Forward  wing  sweep  geometry  is  used  for  take  offs,  landings 
and  subsonic  cruise  while  the  aft  wing  sweep  position  is  used  for  low  level  penetration  and 
occasional  high  speed  dash.  Atmospheric  gusts  cause  loads  comparable  in  magnitude  to  the 
maneuver  loads  and  are  especially  significant  during  terrain  following  operations. 
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TABLE  2  -  B-1B  Design  Mission  Mix 


Mission 

Code 

■ 

Mission  Definition 

Mission 

Fit  Hours 

1 

53 

Low  altitude  training  with  automatic  terrain  following 

4.21 

12 

Low  altitude  training  with  manual  terrain  following 

4.21 

4 

Low  altitude  training  with  automatic  terrain  following  (Heavy  weight) 

4.2 

7 

High  altitude  training  (without  air  refueling) 

2.71 

3 

High  altitude  training  (with  air  refueling) 

3.01 

2 

Dispersal  mission 

2 

8 

6 

Ground  alert 

0 

Average 

3.98 

Figure  2  -  Typical  Mission  Profile 


Time 


Material  Selection 

The  material  selection  for  the  primary  structure,  shown  in  FIGURE  3,  was  significantly 
influenced  by  fatigue  and  fracture  mechanics  considerations.  Forty-three  percent  of  the 
structural  weight  is  aluminum  and  within  this  is  the  lower  cover  of  the  outer  wing  panel 
manufactured  from  221 9-T851  billets  selected  for  the  high  fracture  toughness,  slow  crack 
growth  capability  and  quality  control  in  billet  manufacture.  Other  aluminum  alloys  selected 
were  the  well-characterized  2024-T3  for  many  fuselage  and  stabilizer  skins  and  7075  T-73  for 
forgings  and  extrusions.  The  wing  carry  through  structure  including  the  wing  pivot  lug  plates 
is  titanium  6AI-4V.  Another  major  load  carrying  member  is  the  stabilizer  support  fitting  which 
carries  the  horizontal  and  vertical  stabilizers  and  is  built  up  from  four  9Ni-4Co-0.20C  steel 
forgings  welded  together.  The  9Ni-4Co-0.20C  steel  was  also  chosen  for  its  toughness  and 
weldability. 
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Durability  and  Damage  Tolerance  (DADT1  Control  Plan 

Having  selected  materials  which  have  inherently  good  durability  and  damage  tolerance  the 
next  phase  was  to  ensure  a  design  and  manufacturing  quality  that  would  meet  the  life 
requirements  of  the  contract.  A  DADT  control  plan  established  the  following  major  objectives: 

1  Categorize  structural  members,  thus  recognizing  truly  critical  components 

2  Fracture  mechanics  analysis  supported  by  tests  to  verify  adequate  durability  and  damage 
tolerance  life 

3  Identify  fracture  critical  zones  and  parts  on  design  drawings  for  the  purposes  of  ensuring 
appropriate  manufacturing  and  inspection  processes. 

4  Preclude  utilization  of  material  with  inadequate  fracture  toughness  in  critical  structural 
areas. 

5  Establish  traceability  records,  from  the  billet  to  the  final  assembly,  for  all  fracture 
toughness  controlled  parts 

6  Develop  and  implement  Non-Destructive  Inspection  (NDI)  techniques  to  preclude  rogue 
flaws  that  may  cause  premature  cracking 

The  structure  is  categorized  as  shown  in  FIGURE  4.  Potential  DADT  critical  parts,  (i.e.  primary 
structural  parts  predominantly  loaded  in  tension),  were  reviewed  for  both  damage  tolerance 
(safety)  and  durability  (economic)  impacts.  The  most  critical  parts  are  those  whose  failure 
would  cause  loss  of  the  aircraft  and  are  designated  Category  1.  All  single  load  path 
components  are  designated  Category  1.  A  second  damage  tolerance  group  (Category  2) 
comprises  those  parts  assembled  on  critical  safety  of  flight  components  or  which  are  designed 
by  damage  tolerance  requirements.  Designed  by  damage  tolerance  requirements  in  this 
context  means  that  the  part  dimensions  were  increased  over  that  necessary  for  static  strength 
or  that  the  part  was  subjected  to  special  processes  or  assembly  techniques  to  enhance  the 
service  reliability.  Economic  or  durability  considerations  led  to  two  further  categories 
depending  on  whether  the  part  was  economically  repairable  or  was  designed  by  fatigue 
requirements.  Here  again,  designed  by  fatigue  requirements  means  that  the  part  dimensions 
were  increased  over  that  necessary  for  static  strength  or  that  the  part  was  subjected  to  special 
processes  or  assembly  techniques  to  enhance  the  resistance  to  fatigue  cracking.  Selected 
parts  were  added,  by  exception,  to  the  various  categories  when  experience  with  similar  parts 
on  other  aircraft  indicated  that  benefit  would  be  gained  by  adding  damage  tolerance  and  or 
durability  controls  in  design  and  manufacture.  As  a  result  of  this  procedure  53  parts  were 
designated  Category  1  damage  tolerance  critical  and  13  parts  designated  Category  2.  107 

structural  locations,  including  those  designated  fracture  critical  were  defined  as  durability 
critical  and  subjected  to  durability  analysis. 

All  critical  zones  of  the  Category  1  and  2  structure  were  designated  as  such  on  the  production 
drawings  with  references  to  the  required  manufacturing  and  inspection  processes.  Further,  all 
Category  1  and  2  structure  was  made  of  fracture  controlled  material  requiring  fracture 
toughness  (K-|C)  tests  from  every  raw  material  billet  and  in  addition  a  tracking  procedure  to 
provide  traceability  from  the  billet,  through  the  machining  procedures  to  the  final  assembly. 
Concurrent  with  the  development  of  analytic  methodology,  NDI  development  and 
implementation  ensured  manufacturing  reliability  and  high  standards  consistent  with  the  design 
assumptions.  The  holes  for  the  Taper-Lok  fasteners  in  the  critical  areas  of  the  wing  and  wing 
carry  through  structure,  for  example,  were  inspected  by  both  air  gage  and  blue  pin  methods. 
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Potential  DADTA  part 
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Figure  4  -  Structural  Parts  Classification  Logic 


DESIGN  ANALYSIS  AND  DEVELOPMENT  TEST  PHASE 


Design  Analysis 

Both  the  durability  and  damage  tolerance  design  analyses  used  the  fracture  mechanics 
approach,  the  only  difference  being  the  selection  of  initial  and  final  flaw  sizes  and  the  criteria  of 
requiring  one  lifetime  of  durability  and  two  lifetimes  of  damage  tolerance  to  preclude  any  major 
inspections  during  the  service  life. 

This  approach  was  selected  although  many  components  such  as  the  wing  pivot  lug  plates  and 
the  wing  carry  through  lower  wing  skin  were  multi-load  path.  The  basis  for  the  design  analysis 
was  the  anticipated  usage  shown  in  TABLE  2  repeated  30  times  to  represent  the  lifetime 
usage.  The  spectrum  was  compiled  using  the  RASSP  program,  described  above,  which 
permitted  the  extraction  of  a  local  stress  spectrum  at  any  location  in  the  airframe  by  requesting 
the  appropriate  elements  from  the  airframe  NASTRAN  finite  element  model.  The  stress  at 
each  critical  location  is  the  defined  as  a  function  of  the  loads  and  stresses  in  one  or  more 
elements  of  the  internal  loads  model.  Typical  initial  flaw  size  for  durability  is  0.01  inches 
defined  as  the  equivalent  initial  flaw  size  (EIFS)  such  that  the  crack  growth  analysis 
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commencing  at  this  size  represents  the  life  of  a  nominally  unflawed  part.  The  final  allowable 
crack  size  for  durability  is  the  minimum  of:  the  crack  length  that  would  cause  functional 
impairment  (such  as  fuel  leaks);  a  crack  that  would  be  uneconomic  to  repair;  or  a  crack  of  a 
size  that  would  exhibit  rapid  unstable  crack  growth  if  the  part  be  subjected  to  design  limit  load. 
As  defined  in  MIL  A-83444,  0.05  inches  is  the  damage  tolerance  starting  crack  size  for  areas 
of  local  high  stress  concentrations,  such  as  bolt  holes,  while  0.125  inches  depth  is  used  for 
other  locations.  Based  on  test  demonstration,  an  exception  of  0.01  inch  damage  tolerance 
initial  flaw  was  taken  for  holes,  with  installed  Taper  Lok  fasteners,  that  were  inspected  by  both 
air  gage  and  blue  pin  procedures.  The  final  flaw  size  for  damage  tolerance  analysis  is  that 
which  would  exhibit  rapid  unstable  crack  growth  if  the  part  be  subjected  to  design  limit  load. 
The  analyses  performed  on  all  critical  structural  locations  as  defined  in  the  durability  and 
damage  tolerance  control  plan  showed  durability  lives  in  excess  of  9681  flight  hours  and 
damage  tolerance  lives  of  more  than  1 9362  flight  hours. 


Design  Development  Tests 

The  B-1A  Design  Development  Test  (DDT)  program  accomplished  on  the  B-1A  aircraft 
structure  covered  a  wide  range  of  items  throughout  the  airframe,  testing  both  static  strength 
and  fatigue  capability  of  design  concepts.  The  test  program  is  shown  in  FIGURE  5  .  The 
spectra  applied  to  the  fatigue  test  specimens  included  constant  amplitude  and  flight  by  flight 
sequenced  variable  amplitude  loadings.  Since  much  of  the  B-1A  and  B-1B  structure  is 
considered  common,  these  tests  were  applicable  to  the  B-1B  design.  Additional  tests, 
conducted  to  cover  those  areas  of  concern  resulting  from  design  changes,  increased  loads, 
new  materials  and  new  design  features  incorporated  in  the  B-1B,  are  summarized  in  FIGURE 
6. 


FULL  SCALE  TEST  PROGRAM 
Design  Verification  Tests 

The  design  verification  test  program  for  the  B-1A  included  flight,  static  strength,  ground 
vibration,  flutter,  acoustics  and  fatigue  tests.  Only  the  fatigue  tests  undertaken  to  verify  the 
durability  and  damage  tolerance  capability  of  the  finalized  B-1 A  design  will  be  discussed  here. 
Two  major  airframe  sections  shown  in  FIGURE  7  and  defined  in  detail  below  were  subjected  to 
both  durability  and  damage  tolerance  tests.  Separate  fatigue  tests  were  completed  on  a 
nacelle  beam  specimen,  a  leading  edge  slat  specimen  and  the  main  and  nose  landing  gears. 
All  specimens  were  subjected  to  flight  by  flight  spectra  loading,  that  was  identical  to  the  design 
analysis  spectra  with  the  exception  of  the  elimination  of  high  frequency/low  load  amplitude 
cycles.  On  the  basis  of  crack  growth  analysis,  the  eliminated  cycles  contributed  less  than  5% 
of  the  accumulated  structural  damage.  The  B-1A  spectrum  used  in  these  tests  differed  from 
the  B-1B  spectrum  in  that  the  B-1B  training  missions  do  not  include  a  supersonic  leg,  have 
reduced  flight  hours  per  life  (9681  compared  to  13500  for  the  B-1A)  and  an  increased  number 
of  missions  per  life  (2430  compared  to  1280  for  the  B-1  A). 
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66  CONFIGURATIONS/627  SPfcUMtNS 


WING  OUTER  PANEL  (WOP) 
13  CONFIGURATIONS 


CREW  MODULE  (CM) 

10  CONFIGURATION* 
43  SPECIMENS 


VERTICAL  STABILIZER  (V*) 

3  CONFIGURATIONS 
11  SPECIMENS 

HORIZONTAL  STABILIZER  (HS) 

1  CONFIGURATION 
1  SPECIMEN 


AFT  FUSELAGE  (AF) 

5  CONFIGURATIONS 
SS  SPECIMENS 


FORWARD  FUSELAGE  (FF) 

S  CONFIGURATIONS 
12  SPECIMENS 


FORWARD  INTERMEDIATE  FUSELAGE  (FIF) 

•  CONFIGURATIONS 
74  SPECIMENS 


AFT  INTERMEDIATE  FUSELAGE  (IF) 

11  CONFIGURATIONS 
ltl  SPECIMENS 


RAMP 

S  CONFIGURATIONS 
SI  SPECIMENS 


Figure  5  -  B-1 A  Design  Development  Tests 


Figure  6  -  B-1  B  Design  Development  Tests 


J 


HORIZ  &  VERT  STAB 
(SECT  120  &  160) 


(SECT  540)  (SECT  430) 


Figure  7  -  Design  Verification  Tests 


The  nacelle  beam  test  showed  no  indication  of  cracks  at  the  completion  of  the  four  lifetime 
test.  The  slat  specimen  had  cracked  ribs  and  skin  after  3.15  lives,  was  repaired,  and  the  test 
completed.  The  landing  gears,  tested  by  the  manufacturers  (Menasco  -  Nose  Gear  and 
Cleveland  Pneumatic  -  Main  Gear),  completed  4  lifetimes  of  durability  testing  without 
significant  damage. 

Wino  /  Wing  Carry  Through  /  Center  Fuselage  Specimen 

The  structure  consisted  of  the  wing  carry  through  box,  the  wing  pivots  and  large  sections  of 
each  outboard  wing  panel  and  the  forward  and  aft  intermediate  fuselage.  The  outer  wing 
panels  included  simulated  flap  and  slat  tracks  and  the  main  landing  gear  fittings  were  installed 
on  the  carry  through  box.  Dummy  truss  structure  was  attached  to  forward  and  aft  fuselage  to 
facilitate  the  application  of  fuselage  bending  loads.  The  specimen  was  extensively  strain 
gaged  with  recordings  taken  during  the  first  occurrence  of  the  maximum  spectrum  load  and  at 
each  life  thereafter.  The  specimen  was  installed  in  the  loading  fixture  that  was  designed  to 
maintain  a  constant  loading  on  the  structure  while  the  wing  angle  was  changed.  The  loads 
were  applied  by  hydraulic  jacks  attached  to  formers  and  pads  on  the  structural  surfaces  and  by 
means  of  controlled  jacks  at  the  specimen  boundary  members.  The  applied  loads,  including 
the  boundary  loads,  were  computed  using  the  NASTRAN  finite  element  model  to  ensure  that 
the  test  loads  matched  the  analytic  conditions.  The  spectrum  included  both  flight  loads,  with 
the  wing  sweeps  at  the  appropriate  times,  and  ground  loads  which  were  applied  at  the  landing 
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gear  attachment  fittings.  The  wing/wing  carry  through/center  fuselage  specimen  was 
subjected  to  two  lifetimes  of  durability  testing.  Minor  cracking  occurred  during  the  test,  repairs 
undertaken  and  design  changes  accomplished  during  B-1B  design.  Structural  changes 
included  refinement  in  the  design  of  the  wing  stringer  runouts  to  reduce  the  stress 
concentration  and  an  area  increase  in  the  forward  intermediate  dorsal  longeron.  Selected 
holes  in  the  dorsal  longeron  to  skin  attachment  and  the  dorsal  longeron  splice  were  cold 
worked  in  the  B-1B  production.  At  the  completion  of  the  durability  test,  saw  cuts  were  inserted 
at  selected  locations  and  the  specimen  subjected  to  a  further  one  lifetime  of  loads  while 
monitoring  the  natural  and  induced  cracks.  The  specimen  was  finally  subjected  to  a  residual 
strength  test  where  the  design  limit  load  of  2g  was  applied  with  the  wings  in  the  forward  swept 
position.  The  specimen  demonstrated  capability  of  withstanding  design  limit  load  after  1 
lifetime  of  damage  tolerance  testing.  After  the  test  completion  the  structure  was  tom  down  and 
numerous  small  cracks  were  found.  Each  crack  was  analyzed  to  determine  if  structural  design 
changes  were  needed  on  production  aircraft. 


Aft  Fuselage  /  Empennage  Specimen 

The  aft  fuselage  /  empennage  consisted  of  the  aft  fuselage,  stabilizer  support  fitting  a  left  hand 
horizontal  stabilizer,  dummy  right  hand  stabilizer  and  the  vertical  stabilizer. 

The  specimen  was  loaded  with  pads  providing  the  distributed  loading  over  the  structural 
surfaces  where  applicable,  straps  on  the  aft  fuselage  and  as  point  loads  at  local  attachments. 
As  with  the  wing  carry  through  specimen  the  loads  were  developed  with  the  aid  of  the 
NASTRAN  finite  element  model  to  match  the  analytic  loads.  The  spectrum  included  symmetric 
and  roll  maneuvers  as  well  as  vertical  and  lateral  gust  loads.  The  specimen  was  extensively 
strain  gaged  and  the  loads  recorded  during  the  first  application  of  the  maximum  spectrum  load 
and  at  each  life  thereafter.  After  0.7  lifetimes  of  durability  testing,  cracks  were  discovered  in 
the  9Ni-4Co-.20C  Steel  stabilizer  support  fitting  side  plates  below  the  spindle  arm.  The  cracks 
originated  from  a  weld  relief  hole  in  the  main  weld  joining  two  major  forgings.  The  fractured, 
material  was  removed  for  metallurgical  examination  and  the  component  repaired  by  welding. 
After  2.3  lifetimes  of  durability  testing  elox  manufactured  flaws  were  introduced  in  critical  areas 
including  the  armpits  of  the  stabilizer  support  fitting.  The  introduced  flaws  and  the  naturally 
formed  cracks  from  the  weld  area  were  monitored  for  an  additional  0.7  lifetimes  of  testing.  The 
specimen  was  then  subjected  to  1530  cycles  of  design  limit  load  (right  rolls)  to  demonstrate 
residual  strength  before  failure  of  the  component. 

The  stabilizer  support  fitting  was  extensively  redesigned  for  the  B-1B.  The  forgings  were 
changed  so  that  the  weld  joint  was  in  an  area  of  low  stress  and  the  armpit  regions  of  the  fitting 
had  significantly  increased  radius  and  increased  thickness  and  thus  reduced  stress  levels. 
Figure  8  reflects  the  design  changes.  This  redesign  was  tested  to  three  lifetimes  of  the  B-1B 
spectrum. 

Full  Scale.  Complete  Air-vehicle  Fatigue  Test 

A  planned  complete  air-vehicle  fatigue  test  of  the  B-1B  configuration  loaded  to  the  B-1B  design 
spectrum  was  deleted  from  the  program  in  the  interests  of  cost  and  schedule.  The  B-1B 
spectrum  was  determined  by  analysis  to  be  less  severe  than  the  B-1 A  design  and  test  spectra. 
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FORCE  STRUCTURAL  MAINTENANCE  PACKAGE 

As  shown  in  FIGURE  1,  the  force  structural  maintenance  package  provides  the  tools 
necessary  to  ensure  that  the  structural  integrity  is  maintained  throughout  the  service  life. 
These  programs  and  reports,  which  collectively  provide  the  service  life  capability  of  the  fleet 
and  the  maintenance  requirements,  utilize  the  operational  history  monitored  with  an  onboard 
recorder.  The  Individual  Aircraft  Tracking  Program  analyses  the  flight  records  of  each  aircraft 
to  determine  the  rate  at  which  the  useful  economic  life  is  being  consumed  and  to  define  the 
necessary  structural  inspections  and  maintenance.  The  Loads/Environmental  Spectra  Survey 
(L/ESS)  Program  accumulates  the  flight  load  data  received  from  the  field  into  a  database  that 
keeps  the  usage  statistics  necessary  to  reconstruct  the  average  B-1B  mission  profiles,  the 
mission  mix,  load  factor  records  and  strain  gage  records.  The  load  spectrum  generated  from 
the  L/ESS  database  is  then  used  to  update  the  durability  and  damage  tolerance  assessment 
thus  reflecting  the  actual  usage.  The  Force  Structural  Maintenance  Plan  (FSMP)  provides  the 
inspection  and  maintenance  requirements. 

Loads  Monitoring  Provisions 

All  of  the  100  aircraft  fleet  are  equipped  with  a  microprocessor  based  solid  state  data  collection 
and  storage  device,  known  as  the  Structural  Data  Collector  (SDC),  linked  to  49  sensors.  The 
SDC  receives  analog  inputs  from  6  strain  gages  and  from  control  surface  position  indicators. 
The  majority  of  the  of  the  signals  received  by  the  SDC  are  provided  via  the  Central  Integrated 
Test  System  (CITS)  serial  digital  link.  CITS  monitors  various  aircraft  systems,  including  the 
Central  Air  Data  Computer,  Fuel  CG  Management  System,  Stability  and  Control  Augmentation 
System  and  Engine  Monitoring  System.  TABLE  3  defines  the  list  of  parameters  monitored 
and  processed  by  the  SDC.  The  CITS  Control  and  Display  Panel  allows  the  manual  entry  of 
the  necessary  mission  documentary  data  shown  at  the  foot  of  TABLE  3. 

Each  parameter  is  monitored  at  appropriate  sample  rates  shown  in  TABLE  3  and  validated  to 
protect  the  SDC  memory  from  erroneous  information.  Validation  tests  include  a  maximum  and 
minimum  allowable  value  test,  a  maximum  allowable  rate  of  change  test  and  an  excessive 
activity  test.  After  validation  each  parameter  is  processed  through  data  compression 
algorithms.  These  algorithms  significantly  increase  the  number  of  flight  hours  of  data  that  can 
be  stored  in  the  SDC  memory  by  systematically  eliminating  insignificant  or  redundant 
information. 

Individual  Aircraft  Tracking  (lAT)  Program 

The  IAT  Program  monitors  each  aircraft  throughout  the  lifetime  and  computes  damage 
assessments  at  twenty-two  selected  locations  in  the  airframe  and  at  three  locations  in  each 
main  landing  gear  structure.  The  stress  history  for  some  tracked  locations  is  compiled  directly 
from  strain  gage  records  while  for  others  a  predetermined  equation  relates  the  stress  to  the 
aircraft  load  factors  and  the  mission  parameters  such  as  gross  weight,  altitude,  Mach  number 
and  aircraft  geometry  (wing  angle  and  flap  angle).  The  accumulated  structural  damage  is 
estimated  with  the  same  crack  growth  approach  used  for  the  design  analysis  and  applied  to 
both  the  durability  and  damage  tolerance  regions  of  the  crack  growth  curve.  A  realistic 
assessment  of  the  accumulated  damage  on  any  aircraft  requires  that  all  missions  be  included. 
Inevitably  the  SDC  does  not  provide  records  for  all  flights  due  to  the  SDC  being  inoperative, 
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TABLE  3  -  Mission  Parameters  Monitored  and  Processed 


Compression 


Constants 


fc  i  iTBSl  ifl.Ei  MBim 


Strain  Gages 

Stabilizer  Support  Fitting  Left  Hand  Side  ksi 

Stabilizer  Support  Fitting  Right  Hand  Side  ksi 

Stabilizer  Support  Fitting  Side  Plate  ksi 

Wing  Sweep  Actuator  k  lb 

Wing  Lower  Skin  ksi 

Forward  Fuselage  Dorsal  Longeron  ksi 

Vertical  Acceleration  (Nz)  (Air)  g 

Vertical  Acceleration  (Nz)  (Ground)  g 

Lateral  Acceleration  (Ny)  (Air)  g 

Lateral  Acceleration  (Ny)  (Ground)  g 

Longitudinal  Acceleration  (Nx)  (Air)  g 

Longitudinal  Acceleration  (Nx)  (Ground)  g 

Pitch  Rate  deg/sec 

Yaw  Rate  (Air)  deg/sec 

Yaw  Rate  (Ground)  deg/sec 

Roll  Rate  deg/sec 

Pitch  Acceleration  deg/sec  A2 

Roll  Acceleration  deg/sec A2 

Yaw  Acceleration  deg/secA2 

Wing  Sweep  Angle  degrees 

Flap  Position  degrees 

Left  Horizontal  Stabilizer  Position  degrees 

Right  Horizontal  Stabilizer  Position  degrees 

Left  Inboard  Spoiler  Position  degrees  ( 

Right  Inboard  Spoiler  Position  degrees 

Upper  Rudder  Position  degrees 

Gross  Weight  lbs 

Center  of  Gravity  %  MAC 

Fuel  Weight  lbs 

Mach  Number 

Airspeed  kts 

Altitude  (Pressure)  ft 

Altitude  (Radar)  ft 

Wheel  Speed  (Main  Gear)  kts 

Engine  No.  2  Fan  Speed  % 

Engine  No.  2  Core  Speed 
Engine  No.  2  Power  Lever  Angle 

Weight  on  Wheels  (on/off) 

Main  Gear  Down 

Refuel  Nozzle  Latch  (connect/unconnect) 

Structural  Mode  Control  System  (on/of!) 

Terrain  Following  Status 
On/Off 
Manual/Auto 
Ride  (soft/medium/hard) 

Engine  Number  1  Stop 
Engine  Number  2  Stop 
Engine  Number  3  Stop 
Engine  Number  4  Stop 


Disc  -  Discrete  Signal 

PV  -  Peak-Valley  Compression  Algorithm 

EPV  -  Engine  Compression 

TH  -  Time  History  Compression 

TH+C  -  Time  History  with  group  C  time  hack  (typical) 

PV+A  -  Peak  Valley  with  group  A  time  hack  (typical) 

THK  A  -  Time  Hack  Parameter  Group  A  (Typical) 


PV  +  A 
PV  +  A 
PV  +  A 
PV+A 
PV  +  A 
PV  +  A 
PV  +  A 
PV  +  A 
PV  +  A 
PV+A 
PV+A 
PV  +  A 
PV+A 
TH  +  C 
TH 

THK  A 
THK  A 
THK  A 
THK  A 
THK  A 
TH  +  C  +  D 
THKC 
THKD 
TH 
TH 
TH+E 
THKE 
TH 
EPV 
EPV 
EPV 


0.77/1.2 
0.84/1.13 
+/-  0.101 
+/-  0.047 
+/-  0.094 
+/-  0.062 
+/-  2.10 
+/-  4.88 
+/-  2.10 
+/-  1.05 
+/-  25.2 
+/-  46.8 
+/-  16.8 
None 
None 
None 
None 
None 
None 
None 
None 
None 
None 
None 
None 
None 
None 
None 
None 
None 
None 


0.14 

0.14 

0.10 

0.05 

0.09 

0.06 

2.10 

4.88 

2.10 

1.05 

5.60 

15.62 

5.60 

2.05 

4.03 

None 

None 

None 

None 

None 

4600.00 

None 

None 

0.02 

7.66 

237.00 

None 

None 

None 

None 

4.80 


DOCUMENTORY  ITEMS 

Aircraft  Serial  Number 

Mission  Date 

Take  Off  Gross  Weight 

Stores  Weight 

Mission  Type  Code 

Base  Code 
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not  installed  in  the  aircraft,  a  saturated  SDC  memory  or  recorded  data  being  declared  invalid. 
The  IAT  program  receives  records  of  B-1 B  missions  from  a  USAF  maintained  database  known 
as  the  Core  Automated  Maintenance  System  (CAMS)  which  provides,  for  each  flight  of  each 
aircraft,  the  flight  length,  number  of  landings,  type  of  mission  and  the  base  of  operation.  From 
this  data  and  the  predefined  damage  rates  kept  in  the  program,  for  all  types  of  B-1B  missions, 
the  IAT  program  assesses  the  damage  for  any  flight  without  SDC  records. 

The  remaining  life  for  each  part  is  determined  by  commencing  the  crack  growth  analysis  at  the 
crack  size  defined  by  the  service  history  to  date  and  projecting  crack  growth  for  the  future 
usage.  The  projected  usage  for  any  aircraft  is  defined  as  the  average  usage  for  the  applicable 
squadron  as  compiled  from  the  most  recent  two  years  records.  The  IAT  analysis  and 
reporting  is  updated  every  six  months. 

Loads  Environment  /  Spectra  Survey 

The  Loads/Environmental  Spectra  Survey  Program  accumulates  and  validates  the  SDC 
recorded  field  data  into  a  series  of  databases.  The  approach  is  to  block  the  mission  data  into 
discrete  periods  or  mission  segments  characteristic  of  a  particular  type  of  flying  or  ground  taxi 
operation  and  to  categorize  the  information  into  three  relational  databases.  The  time  history 
records  of  the  aircraft  weight,  wing  sweep,  altitude  and  Mach  number  together  with 
documentary  data  are  used  to  classify  each  flight  profile  using  a  pattern  recognition  procedure. 
Once  the  mission  profile  has  been  classified  into  one  of  34  current  types,  the  mission  data  is 
broken  down  into  discrete  mission  segments  for  which  the  average  values  of  major  flight  and 
geometric  parameters  are  recorded.  The  other  databases  contain  load  factor  and  the  strain 
gage  data  which  are  separated  by  mission  type  and  flight  segment  such  as  terrain  following 
within  a  given  weight,  Mach  number,  altitude  and  wing  angle  band.  Load  factor  data  is  further 
divided  as  being  due  to  a  gust  or  pilot  induced  maneuver.  From  this  database  the  operational 
airframe  loading  spectrum  is  compiled,  compared  with  design  spectrum  and  serves  as  the 
basis  for  an  updated  durability  and  damage  tolerance  assessment. 

Updated  Durability  and  Damage  Tolerance  Assessment  based  on  Operational  Records 

In  1993,  after  collecting  10,000  flight  hours  of  operational  data  with  the  L/ESS  program, 
Rockwell  re-analyzed  the  entire  airframe  to  provide  an  updated  assessment  of  the  durability 
and  damage  tolerance  capability  of  the  B-1B.  Continual  monitoring  of  the  L/ESS  program 
showed  that  the  operational  usage  had  stabilized  after  initial  fluctuations  as  the  aircraft  first 
entered  service.  The  mix  and  type  of  operational  mission  profiles  are  shown  in  TABLE  4  and 
selected  parameters  are  compared  with  the  design  usage  in  FIGURES  9  through  11.  As 
shown,  a  significant  difference  is  that  the  gross  weight  is  50,000  lb.  heavier  throughout  the 
mission.  This  increase  is  due  to  increased  fuel  reserves.  The  other  major  difference 
between  the  design  and  the  service  conditions  is  the  higher  than  anticipated  load  factors  due 
to  pilot  induced  maneuvers.  FIGURES  10  and  11  show,  in  exceedance  curve  format,  data  for 
both  wings  forward  and  wings  aft  situations.  The  increased  load  factors  during  the  wings 
forward  segments  occur  during  pattern  flying  where  1 .85g  is  recorded  once  per  hour  on  the 
average  as  compared  to  the  anticipated  average  once  per  hour  load  factor  of  1 .5g.  For  the 
wings  aft  configuration  the  design  assumed  a  maximum  load  factor  of  2.4g,  the  system 
automatic  fly  up  maneuver  in  the  event  of  the  terrain  following  radar  loosing  contact  with  the 
ground.  Higher  load  factors  have  been  recorded  during  manual  terrain  following. 
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Figure  10.  Maneuver  Load  Factor  Spectra  (Pattern  Flying)  -  Design  Vs.  Service 
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Exceedances  per  1000  Flight  Hours 

Figure  11-  Maneuver  Load  Factor  Spectra  (Terrain  Following)  Design  vs.  Service 

Local  stress  spectra  were  compiled  and  crack  growth  analysis  performed  for  all  locations 
determined  during  the  design  phase  to  be  critical,  using  the  L/ESS  mission  profiles  and  load 
factor  data  and  the  NASTRAN  finite  element  model  as  outlined  in  Figure  12.  Comparison  of 
the  design  and  service  stress  spectra  are  shown  in  FIGURES  13  and  14  for  two  significant 
areas,  namely  a  wing  location  and  a  wing  carry  through  structure  location.  These  plots  show 
the  increase  in  stress  due  to  both  the  increase  in  gross  weight  and  load  factors.  The  lower 
skin  in  the  wing  carry  through  box,  in  FIGURE  13  for  example,  shows  a  36%  increase  in  the 
once  per  flight  stress.  The  DADT  assessment  reflected,  as  expected,  a  significant  reduction  in 
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the  economic  life  and  increased  inspection  requirements  if  the  more  severe  current  usage  is 
continued. 


Figure  12  -  Durability  and  Damage  Tolerance  Assessment  Process 


Figure  13  -  Typical  Stress  Exceedance  Curves  for  Wing  Carry  Through  Lower  Cover 
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Figure  14  -  Typical  Stress  Exceedance  Curves  for  Wing  Outer  Panel  Lower  Cover 
FORCE  STRUCTURAL  MAINTENANCE  RECOMMENDATIONS 

The  inspection  and  maintenance  requirements  to  ensure  structural  integrity  are  issued  in  the 
Force  Structural  Maintenance  Plan.  The  first  issue  of  the  plan  reflected  the  inspections  and 
economic  life  defined  as  a  result  of  the  design  analysis  and  the  design  verification  test 
program.  The  inspections  in  subsequent  annual  issues  incorporated  the  results  of  the  IAT 
program  and  the  updated  DADT  assessment.  Inspection  intervals  are  defined  as  one  half  of 
the  analytically  computed  damage  tolerance  life  (time  for  the  inspectable  flaw  to  propagate  to 
critical  crack  length).  The  economic  life,  or  the  time  at  which  a  structural  life  extension 
program  should  be  implemented,  has  also  been  revised  as  a  result  of  the  updated  DADT 
assessment. 


Due  to  the  severity  of  the  service  environment  the  analysis  has  indicates  that  a  significant 
reduction  may  be  expected  in  economic  life  of  the  wing  carry  through  structure  and  that 
inspections  will  be  necessary  on  both  the  wing  carry  through  and  wing  outer  panel  to  meet  the 
damage  tolerance  criteria.  The  critical  area  is  the  attachment  of  the  rear  spar  to  the  lower 
wing  planks.  The  analysis  is,  however,  conservative  as  it  does  not  account  for  inherent  high 
fatigue  capability  of  the  Taper-Lok  fasteners.  Cracks  did  not  initiate  in  this  area  during  the 
DVT  test;  however,  analysis  indicates  that  the  test  spectrum,  while  being  more  severe  than  the 
B-1B  design  spectrum,  was  significantly  less  severe  than  the  current  spectrum.  A  test 
program  utilizing  test  coupons  is  currently  underway  to  assess  the  capability  of  the  Taper  Lok 
joint  and  to  compare  the  current  spectrum  with  that  applied  to  the  DVT  test  specimen. 

In  addition  to  the  development  task  referred  to  above,  the  following  recommendations  have 
been  made  to  the  Using  Commands  to  reduce  the  rate  at  which  the  available  B-1B  life  is  being 
consumed: 


1)  Reduce  the  fuel  reserves  from  the  current  50,000  lb.  to  25,000  lb. 

2)  Reduce  the  maneuver  load  factors,  particularly  during  the  pattern  flying  segments  and 
during  touch  and  go  landing  practice. 

The  response  to  these  recommendations  is  being  monitored  by  means  of  a  software  program 
utilizing  the  Structural  Data  Collector  records  and  monthly  reports  issued  to  the  Using 
Commands.  Some  reduction  in  usage  severity  has  been  achieved  in  the  6  months  of 
operating  this  program. 

As  the  aircraft  makes  the  transition  from  a  nuclear  deterrent  to  a  conventional  weapons 
platform  the  L/ESS  and  IAT  programs  must  continue  to  be  operated  and  monitored  to  detect 
operational  changes  which  affect  the  structural  life  with  the  possibility  that  additional  durability 
and  damage  tolerance  assessments  may  be  necessary. 


STRUCTURAL  EXPERIENCE 

As  of  December  1994  the  lead  B-1B  has  exceeded  3000  flight  hours  and  the  fleet  average  is 
currently  at  2200  hours.  In  the  last  three  years  three  structural  areas,  the  forward  fuselage 
shoulder  longeron,  the  main  landing  gear  actuator  support  fitting  and  the  nose  landing  gear 
shock  strut,  have  required  repairs  or  modifications  as  a  result  of  fatigue  cracks.  In  all  cases 
fracture  mechanics  analysis  and  the  availability  of  service  loads  environment  from  the  ASIP 
Force  Management  Program  have  provided  the  tools  for  a  detailed  investigation  as  to  the 
cause  and  enabled  a  timely  resolution  with  minimal  impact  on  service  operations.  The  service 
load  spectrum  for  the  shoulder  longeron  was  generated  from  the  L/ESS  program  records  of  the 
forward  fuselage  strain  gage  records  utilizing  a  transfer  function  based  on  the  flight  test 
records  where  concurrent  strain  gage  records  were  recorded  for  the  ASIP  forward  fuselage 
and  the  shoulder  longeron.  In  the  case  of  the  landing  gear  structure  cracks,  analysis  using  the 
recorded  L/ESS  data  demonstrated  that  the  primary  damaging  operations  were  the  retraction  /' 
extension  cycles  of  the  gear.  Fracture  mechanics  was  then  used  to  confirm  that  the  generated 
loading  would  predict  the  known  cracking  and  also  to  ensure  that  the  repairs  and/or 
replacement  parts  will  meet  the  life  goals.  High  local  stresses  at  the  crack  initiation  points 
were  confirmed  using  RASNA  Corporation's  "Mechanica"  which  uses  the  Polynomial  Element 
(Pcode)  approach.  This  program,  not  available  at  the  time  of  the  design,  also  provided  the 
stress  intensity  factors  at  the  crack  tip  as  the  crack  length  changes.  Details  of  the  fatigue 
cracks  and  the  resolution  is  shown  in  the  following  paragraphs. 

Shoulder  Longeron 

Cracks  were  found  in  the  shoulder  longerons  during  one  of  the  Analytical  Condition 
Inspections  (ACI)  performed  during  1991  (Reference  8).  The  cracks  were  determined  to  have 
been  caused  by  a  local  stress  concentration  that  was  introduced  during  the  production 
redesign  after  completion  of  the  full  scale  design  verification  fatigue  test.  The  shoulder 
longerons  are  located  at  25  degrees  off  the  top  dorsal  longeron:  the  cracks  occurring  at  the 
juncture  of  the  forward  intermediate  fuselage  and  the  wing  carry  through  structure  (FIGURE 
15).  The  shoulder  longerons  are  two  of  twelve  longerons  at  that  point,  but  together  they  carry 
30%  of  the  total  fuselage  bending  load.  Actual  aircraft  usage  has  been  more  severe  than 
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design  in  terms  of  both  gross  weight 
and  load  factors,  and  this  contributed 
to  the  early  crack  initiation 
The  shoulder  longeron  is  made  of 
7075-T73  aluminum  alloy  forging,  is 
over  17  feet  long  and  attaches  to 
fuselage  frames  every  eight  to 
twelve  inches.  The  longeron  cross 
sectional  area  is  more  than  five 
square  inches.  The  longeron  was 
repaired  with  doublers,  both  metallic 
and  advanced  composite  (boron) 
which  were  designed  to  reduce  the 
local  stress  in  the  longeron  below  the 
crack  growth  threshold  while 
maintaining  low  stresses  in  the 


doubler.  The  operating  stress  levels  were  confirmed  by  flight  test  and  a  series  of  coupons  and 
component  tests  verified  the  repair. 


Nose  Landing  Gear  Shock  Strut 


Figure  16  -  Nose  Landing  Gear  Shock  Strut 


Cracks,  as  shown  in  Figure  16,  have  been 
found  in  the  nose  landing  gear  shock  strut  in 
fillet  radii,  an  area  of  high  stress 
concentration,  at  the  base  of  the  lugs  which 
attach  the  landing  gear  to  the  fuselage. 
Analyses  determined,  that  stresses  due  to 
taxi,  ground  handling  and  landing  conditions 
were  insignificant  at  this  location  compared  to 
those  caused  by  the  gear  extension  / 
retraction  cycles.  The  entire  nose  landing 
gear  fatigue  test  was  conducted  with  the  gear 
in  the  down  and  locked  position  and  the  loads 
caused  by  the  extension  /  retraction  cycles 
were  not  included  in  the  spectrum.  The 
critical  area  was  thus  not  tested  to  a  loading 
environment  as  severe  as  experienced  in 
service.  The  shock  struts  have  been 
repaired,  as  shown  in  Figure  16,  by  adding  a 
cross  tie  between  the  top  lugs  to  reduce  the 
stress  level  at  the  location  of  the  crack. 
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During  periodic  depot  maintenance,  cracks  were  found  in  the  6V-4AI  titanium  forgings  which 
support  the  main  landing  gear  actuator.  The  fittings  are  attached  to  the  rear  spar  of  the  wing 
carry  through  structure.  The  cracks  occurred  in  an  area  of  high  local  stresses  where  complex 
machining  was  necessary  to  accommodate  the  fitting  in  restricted  space.  The  primary  loading 
occurs  during  the  extension  and  retraction  cycles  of  the  main  landing  gear.  The  fitting  was 
was  not  fatigued  tested  as  part  of  the  main  landing  gear  design  verification  test.  The  fitting 
was  installed  on  the  wing  carry  through  DVT,  however,  the  main  landing  gear  actuator  loads 
were  not  included  in  the  wing  carry  through  DVT  spectrum.  The  titanium  fittings  have  been 
replaced  with  steel  fittings  with  minor  machining  changes.  The  limited  available  space 
prevents  any  significant  increase  in  cross  sectional  area. 


SUMMARY 

The  Aircraft  Structural  Integrity  Program  integrated  the  design,  testing  and  manufacturing 
processes  to  produce  a  durable  and  damage  tolerant  structure.  Further  the  force  management 
tasks  are  providing  early  warning  of  a  reduction  in  the  fatigue  and  damage  tolerance  capability 
due  to  severe  usage.  The  early  warning,  allows  changes  in  operational  procedures  or 
alternatively  preparing  for  a  life  extension  program  if  further  analysis  and  testing  deems  such  a 
program  necessary.  It  is  imperative  that  service  loads  monitoring  be  continued  as  the  role  of 
the  B-1B  changes,  and  that  interaction  between  engineering  and  the  Using  Commands 
continue  so  as  to  ensure  the  maximum  structural  life  within  the  service  mission  requirements. 


Full  scale  fatigue  testing  is  the  best  way  of  locating  structural  "hot  spots"  particularly  in  areas 
difficult  to  analyze.  The  only  significant  structural  problems  to  date  have  been  in  areas  that 
were  not  tested  due  to  economic  constraints  or  were  not  subjected  to  a  test  loading 
environment  as  severe  as  that  demonstrated  in  service.  In  retrospect,  continuing  the  full  scale 
design  verification  tests,  beyond  the  third  lifetime  and  preferably  until  wide  spread  cracking 
occurred,  would  have  provided  a  measure  of  the  economic  life  of  the  structure  under  the 
design  spectrum  that  could  be  extrapolated  to  the  more  severe  usage  experienced  in  service. 
Historical  evidence  has  shown  that  most  military  aircraft  are  subjected  to  more  severe  usage 
than  predicted  in  the  design  specification  leading  to  the  conclusion  that  a  more  “conservative” 
spectrum,  within  the  flight  envelope,  should  be  considered  for  the  final  full  scale  testing.  This 
alternative  would  find  the  fatigue  sensitive  areas  with  a  shorter  and  consequently  less  costly 
test  at  the  risk  of  driving  structural  changes  that  may  be  unnecessary  if  the  aircraft  was  flown 
to  the  design  missions. 

The  introduction  of  fracture  mechanics  considerations  into  the  design  process  resulted  in  the 
selection  of  materials  that  to  date  have  eliminated  structural  failures  from  short  cracks.  For 
those  structural  areas  where  cracks  have  occurred,  the  choice  of  fracture  tough  materials  has 
ensured  that  the  cracks  were  found  before  catastrophic  failure.  Furthermore,  the  high  fracture 
toughness  of  the  shoulder  longeron  (7075  -  T73)  allowed  a  repair  doubler  to  be  designed  such 
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that  the  stress  in  the  longeron  was  below  the  crack  growth  threshold.  The  extensive  service 
loads  monitoring,  achieved  by  equipping  all  aircraft  with  the  structural  data  collector,  and  the 
continued  analysis  of  the  recorded  data  has  led  to  timely  response  to  structural  problems  both 
in  understanding  and  in  providing  a  solution. 

There  were  early  costs  associated  with  the  fracture  mechanics  requirements  applied  to  the  B-1 
as  the  crack  growth  methodology  was  in  its  infancy  and  the  database  of  material  properties 
was  meager.  Much  of  the  developed  methodology  and  experience  has  been  used  in  more 
recent  aircraft  designs  and  the  continual  improvements  of  the  analysis  tools  for  both  crack 
growth  estimates  and  local  stress  computations  will  produce  more  durable  and  damage 
tolerant  products  in  the  future. 
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ABSTRACT 

The  determination  of  the  cause  of  an  unanticipated  fatigue  failure  of  a 
structure  relies  on  the  ability  to  perform  an  accurate  failure  analysis  and 
assessment  The  details  of  a  systematic  process  for  conducting  a  failure 
assessment  when  the  failure  occurs  under  random  spectrum  loading  are 
presented  using  a  crack  location  on  the  C-17  full  scale  test  article  as  a 
demonstration  of  the  process.  Successful  use  of  this  process  requires  efforts 
from  multiple  engineering  disciplines,  and  a  comprehensive  iteration  and 
interaction  of  stress  analysis  and  life  prediction  tools. 

INTRODUCTION 

The  C-17  Full  Scale  Fatigue  Test  developed  a  crack  in  the  Wing  to  Fuselage  attachment 
Trapezoid  Panel.  The  finite  element  analysis  did  not  show  stresses  of  a  magnitude  that 
would  produce  failure  in  the  time  that  it  occurred.  The  applied  spectrum  loading  produced 
a  fracture  face  that  could  not  be  readily  evaluated  to  determine  the  failure  scenario.  As  a 
result,  a  process  evolved  for  assessing  fatigue  failures  under  random  spectrum  loading  to 
understand  the  failure  mode  and  driving  mechanisms,  and  thus  provide  tools  to  assist  in  the 
re-design  to  meet  fatigue  and  damage  tolerance  requirements. 

The  failure  analysis  process  involved  the  following  steps: 

•  full  characterization  of  the  applied  spectrum 

•  select  representative  material  and  analytical  models 

•  global  and  local  finite  element  stress/strain  analyses 

•  crack  nucleation  and  crack  growth  analyses 

•  fractographic  examination  and  fracture  face  mapping 

•  correlation,  calibrations,  and  predictions 

Subsequent  correlation  of  the  analysis  results  to  the  fracture  face  provides  confidence  in  the 
understanding  of  the  problem  and  the  solution. 
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Objectives 

The  primary  objective  of  the  failure  analysis  was  to  explain  the  load  and  stress 
mechanisms  that  produced  the  test  article  failure.  Re-design  options  could  then  be 
evaluated  to  ensure  that  life  and  damage  tolerance  requirements  were  met  The  tools, 
techniques,  and  procedures  developed  for  the  failure  analysis  had  to  be  readily  adaptable  to 
support  the  re-design  effort 

The  secondary  objective  of  the  task  was  to  establish  an  approach  and  process  for 
conducting  future  failure  analyses  resulting  from  spectrum  loading.  The  nature  of  the  trap 
panel  failure  provided  the  opportunity  for  developing  techniques  to  analyze  and  evaluate  a 
failure  when  conventional  analysis  techniques  are  insufficient  and  the  fracture  face  difficult 
to  read. 

Problem  Statement 


The  trapezoidal  panel  is  a  primary  load  transfer  structure  between  the  wing  and  the 
fuselage.  TTie  design  usage  spectrum  is  quite  different  from  other  large  transport  aircraft 
due  to  the  significant  amount  of  time  in  low  altitude  flight.  Most  of  the  fatigue  damage  is 
due  to  gust  cycles  from  low  altitude  heavy  gross  weight  missions.  The  full  scale  test  article 
jack-load  spectrum  represents  1/10  lifetime  usage.  The  spectrum  consists  of  35  different 
mission  profiles  and  over  170,000  unique  cycles.  The  two  mission  types  thought  to  be  most 
damaging  were  grouped  together  at  the  middle  and  the  end  of  the  spectrum  in  an  attempt  to 
mark  the  fracture  surface  without  introducing  arbitrary  marker  cycles. 

The  crack  developed  in  the  fillet  radius  at  the  aft  lower  end  of  the  panel.  The  fracture 
surface  revealed  evidence  of  fatigue  marker  bands.  However,  due  to  the  multiple  crack  sites 
and  the  crack  geometry  growth  patterns,  the  crack  nucleation  and  propagation  time  could 
not  readily  be  determined  from  the  fracture  surface.  The  initial  stress  analysis  and  life 
assessment  did  not  correlate  with  the  test  failure  and  fracture  pattern. 

DESCRIPTION  OF  THE  ANALYSIS  PROCESS 

The  poor  correlation  of  the  initial  analysis  with  the  fatigue  life  and  growth  patterns 
stimulated  a  study  of  the  stress  states  and  mechanisms  that  would  be  required  to  cause  the 
failure.  The  process  used  to  conduct  this  investigation  is  discussed  below  along  with  its 
application  to  the  C-17  Trap  Panel  failure. 

TASK  A:  Data  Collection 

Process.  The  first  step  is  to  collect  and  review  available  information  that  describes  the 
cracked  structure.  This  information  includes:  details  of  the  structural  configuration;  the 
manufacturing  process;  assembly  details;  pertinent  test  procedures,  history  and  data;  field 
history;  and  material  data.  The  second  step  is  to  initiate  a  metallurgical  failure  analysis. 
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This  would  include  visual  and  macroscopic  and  microscopic  examination,  chemical 
analysis,  microstructure  examination,  and  verification  of  material  properties.  This 
information  prepares  the  analyst  to  develop  failure  scenarios,  understand  any  mitigating 
circumstances,  and  identify  key  elements  of  the  events  that  produced  the  fatigue  crack. 

Trap  Panel  Data.  The  crack  location  and  geometry  are  shown  in  Figure  1.  The  crack 
originated  from  multiple  origins  which  linked  up  early  in  the  life.  The  final  crack  size  was 
0.58  in.  (14.7  mm)  deep  by  0.74  in.  (18.8  mm)  on  the  surface.  No  flaws  or  defects  were 
noted  at  the  origins.  The  adjacent  surfaces  showed  a  matte  finish  indicating  the  local  region 
had  been  shot  peened.  A  photo  of  the  crack  face  is  shown  in  Figure  2.  Chemical,  hardness, 
and  conductivity  measurements  indicated  compliance  with  the  requirements  for  the  7050- 
T74  forged  material.  A  black  residue  on  the  surface  was  identified  as  molydisulfide.  The 
microstructure  was  uniformly  fine  without  any  residual  grain  flow.  No  other  cracks  were 
observed  or  detected 


TASK  B:  Spectrum  Characterization: 

Process.  Characterization  of  the  local  stress  spectrum  is  the  next  undertaking.  The  stress 
transfer  functions  used  to  develop  the  spectrum  should  also  be  verified  as  part  of  this  task. 
To  facilitate  use  of  the  spectrum,  the  peaks  and  valleys  should  be  normalized  to  a  reference 
load;  the  peak  load  of  the  spectrum  is  often  convenient.  A  sequential  plot  of  each  peak  and 
valley,  a  “spectrum  roadmap”,  should  be  produced  to  establish  the  relationship  between 
events  in  the  spectrum.  Peak,  valley,  stress  range  and  stress  ratio  exceedance  and 
occurrence  plots  are  also  helpful  in  understanding  the  contents  of  a  spectrum. 

Next  the  spectrum  should  be  divided  into  segments  based  upon  the  occurrence  of 
similar  loadings  in  proximity  to  each  other.  The  idea  is  to  group  events  together  that  may 
form  distinctive  marks  on  a  fracture  face.  It  is  often  thought  that  the  distinct  lines  on  a 
fracture  face  are  from  the  peaks  loads.  Although  this  is  sometimes  the  case,  a  series  of  low 
level  constant  amplitude  cycles  will  appear  as  a  single  line  unless  observed  at  high 
magnification.  Compression  cycles  can  also  produce  a  change  in  coloration  or  appear  as 
markers.  High  stress  ratio  clusters  can  also  produce  a  distinctive  mark.  The  content  of  each 
segment  should  be  characterized  just  as  for  the  full  spectrum.  The  resulting  plots  should  be 
compared  to  ascertain  the  unique  features  of  each  segment.  Using  the  characterization  the 
analyst  is  able  is  discern  the  types,  magnitudes,  ranges,  stress  ratio,  and  quantities  of  cycles 
that  are  important  for  subsequent  evaluations. 

If  the  spectrum  can  be  described  as  completely  random  without  distinctive  groups, 
patterns,  or  distinctive  peaks,  there  are  few  failure  analysis  techniques  that  can  be  used  to 
develop  an  explanation  of  the  failure.  Intermediate  points  on  the  fracture  face,  other  than 
the  final  failure  point,  are  required.  The  solution  in  this  situation  will  rely  solely  on 
analytical  techniques. 
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Trap  Panel  Spectrum.  The  C-17  Full  Scale  Fatigue  Test  Spectrum  is  a  fully  randomized 
flight  by  flight  spectrum  representing  1/10  lifetime  design  usage.  Each  flight  occurs  only 
once  in  the  spectrum.  The  spectrum  was  assembled  so  as  to  provide  marker  bands  to  assist 
with  failure  assessments.  One  of  the  heavy  weight,  low  altitude  high  speed  cruise  logistic 
missions  was  grouped  around  the  middle  of  the  spectrum,  1500  spectrum  hours.  The  other 
logistic  mission  was  grouped  at  the  end,  of  the  3000  hours.  A  roadmap  of  the  normalized 
test  spectrum  for  the  trap  panel  is  shown  in  Figure  3.  The  figure  shows  the  four  segments 
selected  for  individual  characterization.  Segments  A  and  C  are  different  from  Segments  B 
and  D  in  terms  of  peak  levels  and  high  stress  ratio  clusters.  Although  Segment  A  appears 
similar  to  Segment  C,  and  Segment  B  similar  to  D,  they  are  each  subtly  different.  Figure  4 
is  an  example  of  the  other  characterization  plots  using  Segments  A  and  B  plotted  together. 

TASK  C:  Material  Characterization 

Process.  Analytical  strain-life  and  crack  growth  rate  curves  for  design  are  often  constructed 
to  represent  general  behavior.  Proper  mechanical  properties  and  material  behavior  for  the 
cracked  component  must  be  used  in  the  investigation.  To  accomplish  this,  the  information 
gathered  in  Task  A  detailing  the  material  type,  product  form,  grain  orientation  relative  to 
crack  orientation,  and  the  physical  properties  are  used  to  select  the  material  models  for  the 
stress  and  life  prediction  analyses.  The  models  should  focus  on  representing  typical 
behavior,  but  the  impact  of  upper  and  lower  bound  behaviors  are  important  for  establishing 
the  relative  sensitivity  of  the  failure  predictions  to  material  properties. 

Trap  Panel  Material  Characterization.  The  trap  panel  was  machined  from  a  7050-T74 
forging  with  a  typical  thickness  of  5  inches.  The  crack  originated  on  the  surface  in  the  fillet 
radius.  Referring  to  Figure  1,  the  longitudinal  grain  direction  is  in  the  “up”  direction  and 
the  short  transverse  direction  is  in  the  inboard  direction.  Material  properties  and  models 
were  evaluated  for  cracking  in  the  L-S  orientation  for  growth  along  the  surface,  and  L-T  & 
T-L  for  growth  into  the  depth.  Two  strain-life  curves  were  used  to  evaluate  the  time  to 
initiation  of  an  0.01  inch  (0.25  mm)  crack  under  R=-l  cycles.  A  7050-T74  forging  curve 
from  tests  in  the  L  direction  and  a  7050-T74  plate  curve  from  tests  in  the  S  direction  were 
used  for  initiation  analysis.  Although  the  S  direction  curve  does  not  represent  the 
orientation  in  the  actual  part,  it  was  used  to  represent  the  potential  lower  bound  behavior  of 
crack  initiation  following  chemical  processing,  e.g.,  etching,  chemical  milling,  anodizing. 
Thus  the  two  curves  provided  a  means  to  assess  the  sensitivity  of  the  crack  initiation  time. 

Analytical  crack  growth  rate  curves  plotted  against  basic  laboratory  data  for  7050-T74 
forgings  considered  three  stress  ratios,  R=0,  R=0.4  and  R=0.8,  representing  the 
approximate  upper,  intermediate,  and  lower  bounds  of  the  stress  ratios  identified  in  the 
spectrum.  The  initial  correlation  showed  differences  at  low  stress  intensities  for  R=0.8;  the 
crack  growth  curve  was  modified  to  give  a  better  correlation  for  this  assessment.  The 
critical  toughness  values  were  also  changed  to  represent  appropriate  behavior  for  part- 
through  surface  cracks,  Ke  instead  of  Kic,  as  described  in  the  NASA  FLAGRO  (1) 
documentation. 
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TASKD:  Stress  Analysis 

Process.  The  most  important  parameter  in  a  failure  analysis  is  the  accuracy  of  the  internal 
loads  and  local  stress  state.  In  general,  the  finite  element  model  (FEM)  created  for  designing 
the  structure  based  upon  static  strength  analysis  is  not  adequate  for  life  assessment.  The 
FEM  mesh  is  too  coarse  and  the  joints  are  not  modeled  in  sufficient  detail  to  represent  the 
local  stiffness  or  to  obtain  the  correct  load  transfer  and  distribution  in  the  joint.  In  most 
cases,  individual  fasteners  have  to  be  modeled  to  determine  the  correct  load  transfer  and 
load  distribution.  The  individual  fastener  loads  will  affect  the  stress  intensity.  The  failure 
assessment  process  does  not  rely  on  the  stress  analysis  and  finite  element  models  for 
defining  the  local  stress  states  or  even  the  stress  mechanisms  required  to  induce  cracking. 
Subsequent  iteration  of  the  life  prediction  results  with  the  fracture  face  correlation  often 
provide  insight  as  to  the  actual  stress  states  and  mechanisms  causing  the  failure.  This 
insight  can  be  used  to  determine  the  inadequacies  of  the  FEM  and  how  to  improve  it  for  the 
failure  analysis,  the  re-design,  or  salvages  and  repairs. 

Trap  Panel  Stress  Analysis.  The  trap  panel  and  the  stub  frame  are  connected  through 
common  nodes  in  the  same  plane  without  offsets  in  the  original  FEM.  The  FEM  did  not 
provide  an  accurate  load  transfer  between  the  two  parts  and  overall  bending  stiffness  of  the 
joint.  The  fillet  area  where  the  crack  developed  was  modeled  with  plate  elements 
representing  the  horizontal  flange  and  the  vertical  leg  of  the  trap  panel.  The  high  stress  in 
the  fillet  area  was  not  described  by  the  coarse  mesh  FEM  results  (See  Figure  5). 

The  life  predictions  indicated  a  significantly  higher  stress  level  and  a  steeper  stress 
gradient  were  needed.  A  more  detailed  global  finite  element  model  was  created  to  better 
approximate  the  load  path,  deflection  and  fastener  load  transfer  between  the  wing  trap  panel 
and  fuselage  stub  frame.  The  proper  offset  between  the  centroid  of  the  trap  panel  and  the 
stub  frame  was  incorporated  to  represent  the  correct  bending  stiffness  of  the  joint. 
Individual  fasteners  were  modeled  to  determine  reasonable  load  transfer  and  a  compression- 
only  element  included  to  simulate  the  bear-up  between  the  trap  panel  and  the  stub  frame. 
The  revised  FEM  showed  the  aft  lower  end  of  the  trap  panel  had  significant  vertical,  aft 
load  and  two  axes  of  bending  due  to  relative  deflection  between  the  wing  and  fuselage.  The 
vertical  leg  of  the  trap  below  the  fillet  transferred  35%  of  the  total  vertical  shear  load  in  the 
joint  through  the  bottom  6  bolts. 

The  failure  area  is  very  thick  and  of  complex  geometry.  The  vertical  flange,  horizontal 
flange  and  the  web  immediately  above  the  fillet  have  significant  affect  on  the  local  stress 
state  in  the  fillet  radius.  A  3-dimensional  solid  p-version  FEM  was  used  to  define  the  notch 
stress  and  the  stress  distribution  in  the  fillet  by  applying  boundary  conditions  obtained  from 
the  global  finite  element  model  (See  Figure  5).  The  3-D  solid  model  indicated  a  high  stress 
concentration  under  the  upper  web  and  an  associated  steep  gradient  The  stresses  obtained 
from  the  3-D  solid  model  correlated  well  with  the  strip  strain  gages  installed  in  the  fillet 
radius  and  across  the  width  of  the  fillet. 
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Process.:  Both  crack  initiation  and  crack  growth  analysis  are  used  to  approximate  the  total 
life  of  the  structure.  The  stress  state  should  be  specified  in  all  crack  extension  directions. 
Over  or  under  predictions  in  the  initial  life  estimate  indicate  either  errors  in  stress  analyses, 
material  models,  missed  fatigue  mechanisms,  corrosion  interaction,  etc.  The  reasons  for 
any  discrepancies  is  uncovered  by  systematic  iteration  through  all  the  tasks  outlined  here 
refining  the  problem  description  on  each  pass  until  the  proper  solution  is  demonstrated  by 
the  correlation  with  the  fracture  surface  and  the  known  life  of  the  part. 

Crack  initiation  predictions  are  performed  over  a  range  of  Ktcr  to  bound  the  stress  levels 
necessary  to  cause  failure.  The  relative  fatigue  damage  contribution  for  each  spectrum 
segment,  as  well  as  the  full  spectrum,  should  be  noted  as  a  function  of  stress  level.  Crack 
growth  predictions  are  also  made  over  a  range  of  stress  levels  beginning  at  the  lower  bound 
for  crack  initiation.  The  initial  inputs  for  this  analyses  are  based  upon  the  Task  A  data  and 
initial  fracture  model.  The  relative  crack  extensions  for  each  spectrum  segment  and  the  full 
spectrum  should  be  determined  as  a  function  of  crack  size  at  each  stress  level.  Comparison 
of  the  crack  extension  caused  by  each  segment  provide  the  relative  spacing  of  marker  bands 
to  assist  in  the  pattern  recognition.  The  analyses  at  different  stress  levels  indicates  the 
sensitivity  of  the  relative  spacing  to  stress  intensity. 

Trap  Panel  Fatigue  Analysis.  The  crack  initiation  analyses  for  the  full  spectrum  and  each  of 
the  segments  are  shown  in  Figure  6a.  The  K;o  estimate  from  the  original  FEM  gave  an 
excess  of  one  lifetime  to  initiate  a  crack  when  the  failure  occurred  at  0.82  lifetimes.  Thus 
the  fillet  radius  had  to  have  a  K,a  of  at  least  55  ksi  (380  MPa).  The  curve  also  shows  that 
for  the  early  stages  of  nucleation  and  small  crack  growth  the  Segments  A  and  C  are 
approximately  an  order  of  magnitude  more  damaging  than  Segments  B  and  D.  The  bands 
for  segments  B  and  D  would  be  imperceptible  at  small  crack  sizes.  Since  crack  initiation 
techniques  only  account  for  the  local  stress  at  the  surface,  this  analysis  does  not  change 
except  for  the  Kto  level  used. 

For  the  crack  growth  analyses,  the  effects  of  varying  stress  distributions,  stress  levels, 
aspect  ratios,  and  other  parameters  were  analyzed  to  observe  the  analytical  effect  on  the 
relative  spacing  that  would  be  expected  for  each  of  the  segments.  An  example  of  one  of  the 
plots  is  shown  on  Figure  6b.  The  computations  provide  insights  to  the  interpretation  of  the 
marker  band  spacing.  The  sequence  of  Segment  A,  B,  C,  and  D  would  produce  a  3.2  : 1-0 
:3.3  :  1.6  pattern  for  a  uniform  stress  intensity  for  an  crack  size  of  about  0.105  inch  (2.67 
mm) 


TASK  F:  Fractoeraphic  Observations 

Process.  The  fractographic  examination  is  best  conducted  using  the  expertise  of  laboratory 
personnel  in  conjunction  with  the  analyst  Both  have  complimentary  experiences  that 
provide  technology  transfer  and  different  perspectives  to  result  in  a  better  correlation  and 
understanding.  The  examination  begins  with  an  optical  study  of  the  fracture  face,  origins, 
paths,  colorations,  markings,  shear  lips,  over-stress  regions,  and  surface  details.  A  hand 
sketch  of  the  fracture  surface  showing  the  location  of  all  significant  details  is  useful  for  the 
subsequent  effort  Key  dimensions  and  other  important  details  should  also  be  noted.  The 
sketch  and  notes  are  used  during  the  assessment  to  establish  the  quantitative  correlations  of 
features,  bands,  and  benchmarks. 

Trap  Panel  Fractographic  Observations.  The  fracture  face  hand  sketch  of  the  crack  surface 
observed  details  is  shown  on  Figure  7.  A  series  of  incremental  sketches  are  used  to  describe 
the  cracking  scenario  as  follows. 

Sketch  a.  Multiple  origins  developed  in  the  fillet  radius  perpendicular  to  the  horizontal 
flange  load  path.  The  origins  were  concentrated  beneath  the  web  transition  with  a  slight 
bias  toward  the  outboard  side.  No  machining  or  surface  discontinuities  were  evident.  A 
matte  finish  from  shot  peening  was  evident.  Most  of  the  origins  were  semi-elliptical  in 
nature  with  some  appearing  spherical  and  slightly  subsurface.  The  multiple  origins  indicate 
a  high  stress  at  the  origin  (low  cycle  fatigue).  The  individual  origins  grew  semi-ellipitically 
for  a  short  distance. 

Sketch  b.  The  multiple  cracks  began  to  link-up  into  a  dominant  crack.  During  this  phase, 
minimal  crack  growth  is  observed  into  the  depth  relative  to  the  apparent  surface  length 
increase.  A  high  aspect  ratio  crack  is  formed.  Then  the  depth  extension  increases  with  a 
reduced  extension  rate  along  the  surface  as  the  crack  shape  returns  to  its  preferred  aspect 
ratio. 

Sketch  c.  The  dominant  crack  is  well  into  stable  crack  growth  with  the  depth  and  surface 
growth  varying  to  maintain  a  constant  aspect  ratio.  Tucking  of  the  surface  crack  front  is 
noted  indicating  an  influence  of  the  compressive  residual  stresses  from  shot  peening.  The 
spectrum  patterns  are  discernible  and  intermittent  marker  bands  are  observed.  Secondary 
crack  sites  to  the  right  of  the  primary  crack  are  overcome  by  the  primary  crack.  A  slight 
curvature  of  the  fracture  plane  is  noted  for  the  crack  path. 

Sketch  d.  This  phase  of  crack  growth  shows  the  onset  of  region  m  crack  growth  to  rapid 
fracture.  Crack  extensions  for  single  load  cycles  are  observed.  A  final  crack  size  is  readily 
identified  prior  to  the  over-stress  zone.  The  large  zone  of  over-stress  is  followed  by 
indications  of  fatigue  at  the  back  surface  showing  arrestment  and  relief  of  the  crack  driving 
mechanism  prior  to  final  fracture  (not  shown  in  sketch). 
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Task  G:  Correlation  of  Analysis  and  Fracture  Surface 

Process.  The  information,  tools,  and  analyses  generated  by  the  prior  tasks  are  combined  to 
develop  an  explanation  of  the  failure  scenario  for  correlation  with  the  fracture  surface.  The 
analyst  develops  this  explanation  based  upon  the  stress  analyses,  life  prediction  analyses, 
normalized  and  segmented  spectrum,  and  the  qualitative  crack  growth  scenario.  Correlation 
of  the  predictions  with  the  features  of  the  fracture  surface  confirm  the  analysis.  Lack  of 
correlation  starts  another  iteration  through  Tasks  A  to  G  in  an  effort  to  resolve  the 
discrepancies.  Often  the  results  indicate  a  need  to  refine  the  FEM  to  study  local  effects 
while  maintaining  the  global  internal  loads  and  freebodies.  Life  predictions  are  also  refined 
during  this  phase  in  response  to  iterations  of  the  stress  analyses.  Each  iteration  should 
attempt  to  obtain  consistency  between  the  stress  analyses,  life  predictions,  and  fracture  face 
observations.  The  resulting  set  of  refined  tools  ensure  that  subsequent  repairs,  redesigns, 
and  future  efforts  are  accurate  in  providing  adequate  structure  integrity  of  aircraft  structure. 


Trap  Panel  Correlation.  The  initial  life  prediction  analyses  indicated  the  Ktcr  at  the  fillet 
radius  was  potentially  40%  higher  than  the  FEM  was  showing,  approximately  70  ksi  (480 
MPa).  Uniform  stress  crack  growth  solutions  provided  an  approximation  of  the  state  of 
stress  at  the  point  of  rapid  crack  growth.  A  simple  2-D  model  of  the  local  area  was 
constructed  to  evaluate  the  loading  scenarios  that  would  produce  the  high  stress  at  the 
location  of  the  crack  origins  and  a  tensile  principal  stress  distribution  perpendicular  to  the 
crack  path  of  the  primary  crack.  These  studies  used  individual  load  components  and  then 
combinations  of  components  to  assess  their  affects  on  the  stress  states.  The  results 
indicated  that  the  web  shears  induced  by  the  trap  panel  deflections  were  the  major 
contributors  to  the  needed  stress  states.  This  insight  provided  direction  for  the  FEM 
refinements.  The  original  coarse  model  was  refined  to  establish  better  internal  loads  within 
the  trap  panel.  The  internal  loads  were  then  used  as  boundary  conditions  for  the  local  3-D 
model.  The  surface  and  depth  stress  distributions  were  extracted  from  the  3-D  model  along 
the  primary  crack  paths.  The  model  stress  distributions  were  adjusted  to  correlate  with  the 
strain  gage  results  from  the  test  article.  These  adjustments  gave  the  stress  profile  that  would 
have  placed  the  origins  of  the  crack  slightly  outboard  of  the  web  intersection,  along  the  fillet 
radius,  and  biased  toward  the  horizontal  flange.  The  maximum  principal  stress  direction 
would  cause  the  crack  to  turn  and  sever  the  stub  flange  as  it  grew,  as  it  did  in  the  test  article. 

These  stresses  improved  the  correlation  between  the  analysis  and  the  fracture  face,  but 
did  not  resolve  all  the  discrepancies.  Another  iteration  of  crack  growth  analyses  was  made 
using  the  local  cracking  mechanisms  identified  during  the  fractographic  examination  of 
Task  F.  Aspect  ratio  adjustments  were  incorporated  to  represent  the  multiple  crack  link-up. 
The  surface  crack  driving  stresses  and  stress  intensity  solutions  were  taken  at  a  12  degree 
angle  below  the  surface  from  the  point  of  origin,  since  the  tucking  observed  at  the  surface  as 
a  result  of  the  shot  peening  residual  stresses  indicated  the  primary  crack  was  being  driven 
by  the  response  slightly  subsurface.  Figure  8a  shows  the  surface  stress  distribution  with  the 
relative  12  degree  stress  state.  The  differences  in  the  stress  decay  from  inboard  to  outboard 
growth  was  also  included.  The  correlation  of  the  point  of  rapid  crack  growth  required  the 
use  of  the  effective  part  through  surface  crack  toughness,  K«,  as  noted  in  Task  C. 


An  important  distinction  in  this  failure  analyses  was  the  role  that  the  stress  mechanisms 
(i.e.,  thru  stress,  bending  stress,  and  deflections)  and  their  corresponding  stress  intensity 
factors  had  on  the  correlation.  Figure  8b  shows  the  depth  stress  profile  with  the 
mechanisms  partitioned  out.  The  rapid  decay  of  deflection  induced  stress  intensity  factors 
as  a  result  of  the  "relieving  effect"  of  crack  opening  was  needed.  Appropriate  stress 
intensities  were  computed  and  combined  for  each  mechanism. 

The  correlation  of  the  marker  band  spacing  on  the  fracture  face  with  the  above 
analytical  crack  growth  predictions  uses  the  tools  described  by  Task  E.  An  example  of  one 
such  plot  is  shown  in  Figure  9a.  The  crack  extension  for  each  spectrum  segment  as  a 
function  of  crack  size  enables  the  analyst  to  associate  each  marker  band  with  a  particular 
spectrum  segment  For  marker  bands  starting  at  0.4  inch.  Segment  B  and  D  would  result  in 
0.03  inch  and  0.05  inch  of  growth,  respectively.  Segments  A  and  C  approximately  0.090 
inch  each.  Comparing  this  band  spacing  to  the  fracture  face  indicates  B  or  D  is  being 
observed.  The  continued  incrementing  of  subsequent  bands  and  spacing  establishes  the 
scenario  and  order  of  actual  marker  band  spacings.  Figure  9b  presents  the  resulting 
correlation  of  each  segment  to  the  observed  spacing  in  the  respective  time  order  and 
sequence.  Assembling  all  of  the  above  described  procedures  and  results  gives  the  total 
scenario  for  the  failure  as  shown  in  Figure  10.  The  life  prediction  iterations  with  stress 
analysis  accounting  for  all  attributes  of  the  structure  and  stress  state  provides  confidence 
that  all  mechanisms  responsible  for  the  failure  were  included. 

CONCLUSIONS 

A  structured  process  was  established  for  analyzing  failures  which  occur  under  random 
spectrum  loading.  The  tools  and  techniques  for  developing  failure  scenarios  are  highlighted 
using  as  an  example  the  failure  analysis  of  the  C-17  Trap  Panel.  Several  iterations  through 
this  process  are  sometimes  necessary  in  order  to  capture  all  the  unique  features  of  a  failure. 
This  process  has  proven  to  be  highly  successful  in  resolving  very  difficult  failures. 
Successful  failure  assessments  are  critical  in  determining  that  repairs  and/or  re-designs  meet 
durability,  damage  tolerance,  and  structural  integrity  requirements. 
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Figure  4.  Characterization  of  Spectrum  Segments 


Figure  5.  Finite  Element  Modelling  Progression 
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Sketch  C 


Sketch  D 


Figure  7.  Fractographic  Observations  and  Hand  Sketches  of  Cracking  Scenario 
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Figure  8.  Stress  States,  Profiles,  and  Mechanisms 
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Figure  10.  Trap  Panel  Total  Fatigue  Failure  Scenario 
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AIA/CODSIA  -  Government  -  Industry 
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Acquistion  Reform 
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-Technology  insertion 


lication  of  Performance-Based  Acquisition 
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Performance  -  Based  Specifications 
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Specification  T  ree  (Aviation) 
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Electromagnetic  Support  System  Sound  Pressure  Armament  Human/Computer 
Effects  Mobility  Levels  Integration  Interface 


Structural  Integrity  Requirements 
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Advanced  Quality  System 


Performance-Based  Process  -Vendor  Rating 
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The  Evaluation  Process 
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ABSTRACT 

This  paper  presents  finite  element  analyses  for  a  simple  lap  joint  for  three 
different  rivet  geometries,  and  two  levels  of  mesh  refinement.  The  results  describe 
the  compliance  of  the  connection,  the  rivet  tilt,  and  the  peak  contact  pressures,  slip 
amplitudes  and  stress  concentrations.  The  effects  of  plasticity  are  examined  for  the 
coarser  model.  Results  are  compared  with  similar  studies.  The  reliability  of  the 
3-D  analyses  at  present  refinement  levels  is  found  to  be  open  to  question,  and  basic 
features,  such  as  the  peak  stress  concentration  at  the  panel  hole,  remain  ill-defined. 
It  is  also  shown  that  fretting  may  contribute  to  fatigue  crack  initiation. 


INTRODUCTION 

The  stress  concentrations,  local  strains,  and  the  pressure  and  relative  slip 
at  the  contacting  interfaces,  govern  the  fatigue  life  and  fretting  of  riveted  or  bolted 
connections.  These  features  are  now  becoming  accessible  to  numerical  analysis. 
Simple  2-dimensional  analyses  have  been  performed  by  Swenson,  Gondhalekar  and 
Dawicke  [1],  Hutchinson  and  coworkers  [2,3],  and  Iyer  et  al.  [4],  These  analyses 
offer  reliable  estimates  of  the  local  stresses  and  strains  but  are  unable  to  account 
for  the  contributions  from  out-of-plane  bending  and  in-plane  slip  between  the 
panels;  these  are  especially  important  in  a  single  row  lap  joint.  More  realistic,  3- 


1  Graduate  Research  Assistant, 2  Research  Assistant  Professor  and 
3Professor,  Department  of  Mechanical  Engineering,  Vanderbilt  University. 


165 


D,  finite  element  analyses  have  been  reported  by  Sherbourne  and  Bahaari  [5], 
Weissberg,  Wander  and  Itzhakov  [6],  Fung  and  Smart  [7],  and  by  the  present 
authors  [8].  The  3-D  analyses  are  demanding  in  terms  of  computer  time.  Even  a 
relatively  coarse  mesh  consumes  2-5  hours  on  an  advanced  machine.  Fung  and 
Smart  [7]  have  modeled  the  elastic  behavior  of  a  simple  lap  joint,  fastened  with  a 
conventional  “snap”  rivet  and  a  countersunk  rivet,  and  have  examined  the  effects 
of  clamping  forces  and  low  levels  of  interference.  Iyer  et  al.  [8]  have  modeled 
non,  partial  and  fully  countersunk  configurations,  and  examined  the  effects  of 
cyclic  plasticity. 

This  paper  presents  results  for  a  simple  lap  joint  with  3  rivet  geometries, 
and  2  levels  of  mesh  refinement.  The  results  describe  the  compliance  of  the 
connection,  the  rivet  tilt,  and  the  peak  contact  pressures,  slip  amplitudes  and  stress 
concentrations.  The  effects  of  plasticity  are  examined.  Results  are  compared  with 
similar  calculations  by  Fung  and  Smart  [7]  and  shed  light  on  the  adequacy  of  the 
present  levels  of  mesh  refinement.  In  both  cases,  the  models  employed  relatively 
coarse  meshes  and  questionable  surface  elements.  Consequently,  the  reliability  of 
the  3-D  analyses  is  open  to  question,  and  basic  features,  such  as  the  peak  stress 
concentration  at  the  panel  hole,  remain  ill-defined. 

ANALYTICAL  PROCEDURES 

The  model  geometry  consists  of  two  (upper  and  lower)  sheets  and  a  rivet. 
The  different  rivet  geometries  and  material  properties  considered  are  shown  in 
Table  1.  Three  different  rivet  geometries  are  considered:  (1)  Case  A  in  which  the 
rivet  has  one  standard  head  at  its  lower  end  and  one  head  countersunk  to  a  depth 
of  half  the  thickness  of  a  single  sheet,  the  included  angle  being  100°;  (2)  Case  B, 
in  which  the  rivet  has  one  standard  head  at  its  lower  end  and  one  head  countersunk 
to  a  depth  of  the  thickness  of  a  single  sheet.  In  this  case,  the  maximum  and 
minimum  diameter  remain  unchanged  resulting  in  an  included  countersink  angle 
of  60°;  and  (3)  Case  C,  in  which  a  double  headed  rivet  with  no  countersinking  is 
treated.  Models  Al,  B1  and  Cl  simulate  purely  elastic  material  behavior  and  have 
a  relatively  coarse  finite  element  mesh.  Model  B3  differs  from  B1  only  in  that  it 
models  an  elastic-plastic  material  response  (elastic  linear  kinematic  hardening 
plastic,  or  ELKP  behavior  [9]).  The  refined  elastic  models  are  denoted  as  AIR, 
B1R  and  C1R.  Elastic-plastic  calculations  have  not  yet  been  performed  for  the 
refined  models. 

The  dimensions  of  the  model  lap  joint  are  given  in  the  Figure  1  caption. 


A  cyclic  tensile  load  is  applied  at  the  non-overlapping  end  face  of  the  upper  sheet 
while  the  corresponding  face  belonging  to  the  lower  sheet  is  fixed  along  the  x-axis. 
Fig.  1  shows  the  main  features  of  the  more  refined  models  used  in  the  present 
study.  In  addition,  the  edges  A  and  B  are  fixed  in  the  z-direction  to  prevent 
unrestrained  rotation  of  the  body  in  space.  The  geometry  shown  in  Fig.  1 
represents  one  unit  of  a  multi-riveted,  single  row,  long  panel  extending  in  the 
positive  and  negative  y-directions.  Lines  CD  and  EF  represent  the  symmetry  planes 
and  are  constrained  against  motion  in  the  y-direction.  Material  properties  are 
defined  by  the  following  parameters:  oE  =  70  GPa,  oK  =  369.9  MPa,  and  M  = 
57.5  GPa,  the  elastic-plastic  parameters  used  in  Model  B3. 

The  lap  joint  compliance,  C  =  C’  -  C”.  Here,  C’  =  6/P,  is  the 
compliance  of  the  model  joint,  P  is  the  applied  load  and  6  is  the  total  displacement, 
and  C”=  L/(EA)  =  93.4  m/GN,  is  the  compliance  of  a  continuous  panel  having 
the  same  length,  L,  as  the  model  joint  (length  of  the  2  panels  minus  the  overlap) 
and  the  same  cross  sectional  area,  A,  and  elastic  modulus,  E,  as  the  separate 
panels.  As  the  load  is  applied  and  the  rivet  tilts,  the  panels  displace,  bend  and 
deform  around  the  rivet  hole,  distortions  that  are  absent  in  the  continuous  panel. 
The  joint  compliance  is  related  to  these  factors. 

The  coarse  finite  element  meshes,  features  of  which  are  shown  in  Fig.  2, 
typically  consist  of  1837  nodes,  390  user  defined  elements  and  175  internally 
generated  contact  elements.  Typical  figures  for  the  total  number  of  variables  and 
estimated  RMS  wavefront  are  4554  and  519,  respectively.  A  problem  with 
ABAQUS  Version  5.4-1  prevented  the  modeling  of  only  half  of  the  symmetric 
plates  and  rivet;  consequently,  the  entire  system  was  modeled.  A  later  version  of 
ABAQUS  which  resolves  this  problem  is  presently  being  implemented. 
Calculations  with  elastic  material  response  consumed  between  1400s  to  6400s  of 
CPU  time  on  a  SGI  Power  Challenge  Array  supercomputer,  depending  on  the 
value  of  the  friction  coefficient.  Elastic-plastic  calculations  consumed  about  12000s 
(3.3  hours)  of  CPU  time.  In  all  cases,  8  noded,  linear  brick,  incompatible  modes 
elements  (C3D8I)  defined  the  bodies.  For  these  elements,  in  addition  to  the 
displacement  degrees  of  freedom,  incompatible  modes  are  added  internally 
enabling  element  shearing  without  locking.  This  enhances  the  models’  kinematic 
response  to  bending. 

A  more  refined  mesh,  shown  in  Fig.  3,  is  obtained  by  doubling  the  number 
of  elements  along  the  circumferential  edges  and  increasing  the  number  of  radial 
divisions  in  the  overlapping  portions  of  the  sheets  by  1.  The  refinement  along  the 
depth  was  left  unchanged,  as  shown  in  Fig.  1.  These  models  consist  of  4569  nodes 
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out  of  which  991  are  user  defined,  640  user  defined  elements  and  429  internally 
generated  contact  elements.  Typical  figures  for  the  total  number  of  variables  and 
estimated  RMS  wavefront  are  11332  and  739  respectively.  Calculations  were 
performed  for  rivet  types  A,  B  and  C,  elastic  material  response  and  /li =0.2, 
consuming  about  2800s  of  CPU  time.  It  is  suspected  that  the  lower  coefficient  of 
friction  and  the  faster  convergence  due  to  improved  modeling  of  the  contact 
contributed  to  lowering  the  overall  CPU  time,  while  the  larger  size  of  the  model 
contributed  to  an  increase. 

Finite  element  calculations  performed  by  Fung  and  Smart  [7]  employed 
models  consisting  of  20  noded,  quadratic  bricks  in  the  bulks  of  the  sheets  and  the 
rivet,  with  the  interfacial  interactions  modeled  using  9  noded  faces  and  INTER9 
elements  with  ju, =0.06;  the  calculations  were  performed  using  ABAQUS  version 
5.2.  While  quadratic  elements  are  superior  to  linear  elements  in  general,  the  mesh 
used  in  Fung  and  Smart’s  calculations  consisted  of  one  element  thickness  through 
the  depth  of  the  sheets  and  half  as  many  circumferential  elements  compared  to  the 
refined  models  in  the  study  described  in  this  paper.  It  is  therefore  difficult  to 
determine  which  mesh  is  superior  from  a  refinement  point  of  view.  In  addition  to 
these  differences,  there  are  variations  in  the  meshing,  rivet  head  geometries,  and 
countersink  angle  which  could  lead  to  different  results.  The  interface  elements 
used  in  both  studies  to  model  the  contacting  surfaces  connect  specific  sets  of  nodes 
on  the  three  interacting  bodies  and  are  most  effective  when  slip  magnitudes  are 
much  smaller  than  the  characteristic  element  length.  In  situations  involving  large 
sliding  magnitudes,  they  can  conceivably  prevent  sufficient  slip  relaxation  in  the 
interfaces  and  lead  to  higher  stresses.  However,  coarse  elements,  which  satisfy  the 
requirement  that  their  characteristic  length  be  much  larger  than  slip  magnitudes, 
can  artificially  stiffen  the  response  of  the  joint  to  bending,  thus  lowering  tensile 
stresses. 

RESULTS 

Table  2  summarizes  the  results  of  the  3-dimensional  analyses  described 
above.  It  refers  to  Fig.  3,  a  detail  of  the  mesh.  There  are  significant  differences 
between  the  results  obtained  using  the  coarser  and  more  refined  meshes.  For 
example,  peak  stresses  are  as  much  as  50%  higher,  rivet  tilts  are  25%  higher  and 
slip  amplitudes  are  in  most  cases  30%  smaller  for  the  more  refined  models. 
Generally,  it  is  seen  that  the  coarse  models  underpredict  the  rivet  tilt  while  they 
overpredict  the  slip  magnitudes. 

Fig.  4  shows  displaced  meshes  for  the  three  cases.  Noticeable  bending  of 
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panels  and  tilting  of  rivets  produce  stress  and  strain  gradients  in  the  thickness 
direction  which  are  absent  in  the  2-D  representation.  Countersinking  makes  the 
connection  more  compliant  and  increases  rivet  tilt.  Rivet  tilt  is  accompanied  by 
local  bending  of  the  panels.  Compliance  values  for  the  single  row,  rivet  models 
examined  here,  between  27.7  m/GN  and  34.7  m/GN,  are  effectively  about  3x  the 
values  reported  by  Weissberg  et  al.  [6]  for  a  2  row,  steel  bolted  joint.  However, 
as  pointed  out  by  Weissberg  et  al.,  it  should  be  kept  in  mind  that  published 
compliance  measurements  show  considerable  scatter  due  to  varying  and  sometimes 
unknown  values  of  bolt  interference  and  clamping  force.  The  rivet’s  material 
properties  and  the  method  used  to  derive  compliance  can  also  affect  the  results. 

As  shown  in  Fig.  5,  tensile  stresses  are  higher  near  the  inside  panel 
surfaces,  consistent  with  panel  bending.  For  the  countersunk  panel  this  coincides 
with  the  thinned  section.  Peak  tensile  stresses  in  the  partially  countersunk  case  are 
highest.  The  peak  stresses  vary  directly  with  tilt  and  bending.  The  stress  field 
obtained  with  the  2-D  model  is  shown  in  Fig.  6.  The  peak  stress  concentrations 
in  the  3-D  models  are:  6.0,  5.6  and  4.0  for  AIR,  BIR  and  C1R,  respectively;  the 
stress  concentration  obtained  from  the  2D  model  is  6.3.  The  peak  tensile  stress  for 
the  plastically  deformed  case  is  470.0  MPa.  The  peak  stress  concentration  factor 
calculated  by  Fung  and  Smart  is  10  for  /x= 0.06.  Possible  explanations  for 
discrepancies  can  be  found  in  the  next  section.  Fig.  7  shows  the  very  large  relative 
slip  at  the  panel-panel  interface  produced  by  plastic  deformation  during  the  first 
loading  cycle.  This  is  5.7x  larger  than  obtained  for  elastic  deformation  at  the  same 
load. 

Figure  8  shows  angular  locations  of  peak  stresses;  the  90°  direction 
corresponds  with  the  direction  of  tensile  loading.  The  peak  tension  in  the 
countersunk  panels  is  observed  at  0  =11°,  and  0  =169°  ;  in  the  non-countersunk 
case,  the  peaks  are  at  0  =22°  and  0  =  158°.  The  convention  for  labeling  angles 
is  shown  on  Figures  6  and  8a.  for  The  corresponding  results  for  the  2-D  model, 
shown  in  Fig.  6,  are  at  0  =  -4°  and  0  =-184°. 

Figs.  9  and  10  shows  the  distribution  of  the  lateral  stress,  SI  1,  acting  at  the 
rivet  interface;  this  corresponds  approximately  to  the  contact  pressure  acting  on 
the  shank  and  is  the  dominant  component  of  the  pressure  acting  on  the  countersunk 
surfaces.  In  contrast  with  the  2-D  representation,  where  pressures  are  uniform 
along  the  pin  and  panel  thickness  direction  (direction  3),  the  pressures  are  highly 
localized  in  the  3-D  case.  These  non-uniform  distributions  lead  to  peak  pressures 
that  are  100%  larger  than  in  the  2-D  representation.  For  case  B5,  shown  in  Figure 
10b,  the  high  pressures  acting  on  the  rivet  head  produce  a  plastic  bending  buckling 
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of  the  rivet  head  accompanied  by  a  relaxation  of  the  pressure. 

DISCUSSION 

The  traditional  method  of  establishing  the  adequacy  of  mesh  refinement  of 
a  finite  element  model  is  by  ensuring  that  critical  features,  such  as  the  stress 
concentration  factor,  do  not  change  with  further  refinement.  In  view  of  the  large 
differences  between  the  coarse  and  more  refined  3-D  models  examined  here,  the 
adequacy  of  the  mesh  refinement  of  models  AIR,  B1R  and  C1R  is  open  to 
question.  Interpenetration  between  the  upper  sheet  and  rivet  occurred  in  the  coarse 
mesh  due  to  an  excessively  coarse  representation  of  each  body;  this  was  partly 
responsible  for  increasing  computation  time  for  the  coarse  models,  and  has  been 
eliminated  in  the  more  refined  meshes.  The  more  refined  models  have  begun  to 
capture  gross  features  such  as  correlation  between  rivet  tilt  and  compliance.  Stress 
and  slip  gradients  through  the  depth  have  smoothened  considerably  even  though  the 
number  of  elements  along  the  depth  axis  remains  unchanged.  Yet  there  is  further 
evidence  that  a  convergent  solution  has  not  yet  been  reached;  the  calculated  stress 
concentration  factor  continues  to  increase  with  mesh  refinement. 

The  stress  concentration  factor  obtained  from  the  2-D  elastic  model  is  about 
6.3  [4],  in  the  absence  of  countersinking  and  sheet  bending.  Accounting  for  these 
effects,  the  3-D  stress  concentration  should  definitely  be  higher.  Shivakumar  and 
Newman  [10]  calculate  stress  elevation  factors  of  1.25  each  for  the  two  effects. 
Based  on  this  accounting,  the  stress  concentration  should  be  about  10.  However, 
the  clamping  effect  of  the  rivet  head  will  reduce  bending  at  the  location  of  the  peak 
stresses  reducing  the  stress  concentration.  Based  on  the  calculated  stress  gradient 
under  the  head  in  the  thickness  direction,  and  the  2-D  value  of  6.3,  a  peak  stress 
concentration  of  about  8  appears  likely.  The  peak  value  of  10  reported  by  Fung 
and  Smart  [7]  may  reflect  their  larger  countersink  angle  and/or  more  compliant 
rivet  head.  The  present  calculations  show  that  the  stress  concentration  increases 
with  rivet  tilt  and  the  severity  of  countersinking.  These  observations  suggest  that 
even  the  relatively  refined  finite  element  mesh  represents  sheets  which  are 
excessively  stiff  in  bending.  Indications  are  quite  clear  that  localized  mesh 
refinement  around  the  interfacial  region  alone  will  be  insufficient.  Even  regions  far 
removed  from  the  interfacial  areas  are  subject  to  significant  bending  and  should  be 
sufficiently  refined  in  order  to  transmit  the  correct  response  to  the  interface.  The 
presence  of  a  clamping  force  on  the  rivet  head  will  in  fact  push  the  region  of  the 
sheet,  where  severe  local  bending  begins,  outward  from  the  center  of  the  rivet, 
accentuating  the  need  for  a  uniformly  refined  mesh.  The  asymmetry  of  the 
calculated  deformations  about  the  symmetry  plane  are  an  additional  indication  of 


the  inadequacy  of  the  model. 


The  3-D  calculations  also  demonstrate  that  a  2-D  model  does  not  offer 
reliable  descriptions  of  the  deformation  of  a  lap  joint.  The  2-D  model  cannot 
provide  for  contersinking  and  clamping,  and  does  not  account  for  the  effects  of 
rivet  tilt  and  panel  bending.  It  understates  slip  amplitudes  and  peak  contact 
pressures  and  may  understate  the  peak  stress  concentration  as  well.  Panel  bending 
shifts  the  peak  stresses  to  the  interior  panel  surfaces  where  fatigue  cracks  are 
observed  to  initiate.  The  fact  that  the  peak  stresses  at  that  location  are  higher  for 
the  fully  countersunk  case  than  for  the  partially  countersunk  panel  is  consistent 
with  experience  that  fully  countersunk  installations  are  inferior.  The  tilting  of  the 
rivet  head  produces  contact  pressure  at  the  panel-panel  interface  below  the  hole, 
coupled  with  large  slip-amplitudes  at  the  panel-panel  interface.  It  is  thought  that 
the  lower  sheet  crimps  plastically  at  the  edge  of  the  hole  on  its  top  surface  and  frets 
along  the  undersurface  of  the  upper  sheet,  leading  to  the  experimentally  observed 
fretting  scars.  The  shape  of  the  regions  in  compression  resembles  the  fretting  scars 
observed  experimentally  and  visible  in  Fig.  11. 

The  angular  position  of  the  peak  stresses  in  the  countersunk  cases,  0  =11°, 
does  not  coincide  with  sites  of  crack  initiation  in  panels  with  the  same 
configuration  tested  by  the  authors  [8];  these  are  observed,  on  average,  to  occur 
between  0  =-11°  and  0  =-14°.  The  implication,  that  fatigue  is  not  driven  by  the 
tensile  stress  amplitude,  suggests  that  fretting  at  the  rivet-panel  interface,  as  well 
as  fretting  between  the  panels,  and  contributing  to  the  fatigue  crack  initiation 
process.  Considering  the  values  of  local  slip  amplitude  and  contact  pressure  at  the 
river  shank-panel  interface  and  at  the  panel-panel  interface,  the  propensity  for 
fretting  wear  of  the  3-D  lap  joint  is  greater  than  that  calculated  for  the  2-D  model 

[4]- 

CONCLUSIONS 

1.  A  2-D  finite  element  model  is  not  a  valid  representation  of  a  single  rivet- 
row  lap  joint. 

2.  Meshes  more  refined  than  the  ones  employed  here  are  needed  to  reproduce 
the  local  bending  of  the  panels. 

3.  The  rivet  tilt  of  a  single  rivet-row  lap  joint,  joint  compliance,  slip 
amplitudes,  local  panel  bending  and  the  peak  stresses  are  related. 


171 


4.  The  stress  concentration  in  a  single  rivet-row,  lap  joint  can  be  as  high  as  8 
to  10  (in  the  absence  of  interference,  clamping  forces  and  adhesive). 

5.  Slip  amplitudes  of  about  159  /xm  at  the  panel-panel  interface  coupled  with 
high  contact  pressures  arising  from  the  tilted  rivet  head  promote  fretting  at 
the  edge  of  the  rivet  hole. 

6.  Fretting  can  contribute  to  fatigue  crack  initiation. 
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Table  1. 


The  finite  element  models. 


Model 

Rivet  heads 

Coefficient 
of  Friction, 

f4 

Mesh 

Material 

Behavior 

2-D 

Rivet  modeled  as  pin  in  plane  strain. 
Single  sheet. 

0.2 

highly 

refined 

elastic 

A1 

1  standard 

1  countersunk  (to  'A  panel  thickness) 

0.2 

coarse 

elastic 

B1 

1  standard 

1  countersunk  (to  full  panel  thickness) 

0.2 

coarse 

elastic 

B3 

1  standard 

1  countersunk  (to  full  panel  thickness) 

0.2 

coarse 

ELKP 

Cl 

2  standard 

0.2 

coarse 

elastic 

AIR 

1  standard 

1  countersunk  (to  Zz  panel  thickness) 

0.2 

refined 

elastic 

B1R 

1  standard 

1  countersunk  (to  full  panel  thickness) 

0.2 

refined 

elastic 

C1R 

2  standard 

0.2 

refined 

elastic 
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Table  2.  Comparison  of  results  from  two  sets  of  meshes 


MODEL 


Feature 


Joint  Compliance  ( ml  GN) 


Rivet  Tilt,  degrees 


Total  in-plane  slip  at  rivet-panel 
interface  (pm) 


Location* 


Total  in-plane  slip  at  panel-panel 
interface  (pm) 


Total  out-of-plane  slip  (pm) 


Peak  tensile  stress  in  elements 
adjacent  to  rivet  hole  (MPa) 


Contact  Pressure  (MPa) 


A1  B1  B3 

Loading  Unloading 


40.8  32.9 


3.2  3.3  7.33  3.33  2.6 


692.31 


471.94 


-96.44 


725.54 


877.8 


-111.09 


1072.35 


1116.9 


-2.58 


246.25 


19.3 


-8.48 


43.8 


210.3 


352.3 


107.8 


277.9 


133.8 


panel-rivet 

head 


B1R 

C1R 

34.2 

27.7 

a 

3.0 

29.1 

25.0 

31.9 

18.2 

-67.9 

-67.2 

64.7 

48.0 

75.7 

52.0 

-68.1 

-73.0 

176.4 

120.7 

166.7 

135.8 

-33.3 

-32.1 

0.0 

10.2 

7.0 

0.3 

-2.0 

392.5 

447.7 

591.1 

414.4 

528.1 

505.1 

236.9 

341.6 

697.9 

434.6 

408.4 

440.2 

-111.5 

-115 

-117 

-74.9 
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diameter  and  height  are  9.792  mm  and  3.83  mm  respectively. 


Figure  2.  Details  of  the  "coarse"  mesh  Model  A1  (see  Table  1)  showing  the 
rivet  and  ajacent  panel.  Values  of  the  stresses  and  slip  amplitudes  at  locations  a-h 
are  given  in  Table  2. 


Figure  3.  Details  of  the  "refined"  mesh  Model  AIR  (see  Table  1)  showing  the 
rivet  and  ajacent  panel.  Values  of  the  stresses  and  slip  amplitudes  at  locations  a-h 


Figure  4.  Profile  view  of  the  displaced  meshes  for  a  nominal  applied  stress  of 
o  =  125  MPa:  (a)  Model  AIR,  partial  countersink,  (b)  Model  B1R,  full 
countersink,  and  (c)  Modle  C1R,  no  countersink.  Displacements  are  magnified  by 
3x. 


Figures.  Normal  stress  fields  -  on,  where  direction  1  is  the  loading 
direction--  generated  in  the  models:  (a)  Model  AIR,  (b)  Model  B1R  and  (c)  Model 
C1R.  Displacements  are  magnified  3x. 
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Normal  stress  fields  —  oM,  where  the  direction  1  is  the  loading 
viewed  on  the  inner  panel  surface:  (a)  Model  AIR,  and  (b)  Model 


(b) 


Figure  9.  Contact  pressure  distribution  on  rivet  shank:  (a)  Model  AIR  and  (b) 
Model  C1R. 


(b) 


Figure  10.  Contact  pressure  distribution  on  rivet  shank:  (a)  elastic  deformation 
of  "refined"  Model  B1R  and  (b)  elastic-plastic  deformation  of  "coarse"  Model  B3. 
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Figure  11.  Examples  of  fatigue  cracks  produced  in  a  7075-T6  aluminum,  3- 
rivet,  single-row  lap  joint  subjected  to  N  =  3261  cycles  of  nominal  stress  range, 
A o  =  106  MPa,  R  =  0.1.  The  dimensions  of  the  lap  joint  are  nearly  identical  to 
Models  B1  and  B1R  and  the  cracks  are  viewed  on  the  inner  surface  of  the 
countersunk  panel.  The  cracks  intiate  on  average  at  the  angular  locations,  0  =  - 
11°,  169°.  The  dark,  "half-moon"  shaped  regions  below  the  rivet  holes  are 
fretting  damage.  Magnification  8x. 
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ABSTRACT 

The  Federal  Aviation  Administration  Technical  Center  (FAATC)  is  currently 
conducting  and  managing  research  related  to  aging  aircraft.  This  paper  describes 
the  procedures  and  results  of  a  series  of  ground  pressurization  tests  conducted  to 
measure  strains  in  a  retired  Boeing  737  aircraft.  The  strain-gage  tests  were  con¬ 
ducted  at  the  Aging  Aircraft  NDI  Validation  Center  (AANC)  located  at  Sandia 
National  Laboratories.  The  data  collected  from  these  tests  are  compared  to  com¬ 
putational  models  of  fuselage  lap-splice  structures  developed  by  the  Volpe  Na¬ 
tional  Transportation  Systems  Center  (Volpe  Center).  The  data  are  also  compared 
with  results  from  other  areas  of  the  FAATC’s  National  Aging  Aircraft  Research 
Program  (NAARP).  In  particular,  the  AANC  data  are  compared  to:  (1)  laboratory 
measurements  from  curved  stiffened  panels,  and  (2)  data  obtained  from  strain  gage 
tests  performed  by  the  National  Aeronautics  and  Space  Administration  (NASA). 


BACKGROUND 

In  support  of  the  Federal  Aviation  Administration  Technical  Center’s  (FAATC) 
National  Aging  Aircraft  Research  Program  (NAARP),  the  Aging  Aircraft  NDI 
Validation  Center  (AANC)  at  Sandia  National  Laboratories  and  the  Volpe  Na- 


187 


r 


1 


tional  Transportation  Systems  Center  (Volpe  Center)  are  conducting  research  to 
determine  if  current  rules  for  design,  inspection,  and  maintenance  are  sufficient  to 
ensure  the  safe  operation  of  the  aging  fleet.  Particular  emphasis  has  been  given  to 
a  phenomenon  of  multiple  cracking  that  appears  to  be  an  attribute  of  airplanes  that 
have  been  in  service  for  some  time.  Multiple  cracking  along  a  longitudinal  lap 
splice  in  the  fuselage  contributed  to  the  structural  failure  of  Aloha  Airlines  Flight 
243  in  1988  [1],  Such  multiple  cracking  is  sometimes  referred  to  as  “Widespread 
Fatigue  Damage”  (WFD). 

In  1992,  the  AANC  acquired  a  retired  Boeing  737  for  use  as  a  transport  test  bed. 
During  January  and  February  1994,  a  series  of  ground  pressurization  tests  was 
conducted  on  this  airplane  with  gages  installed  at  critical  areas  on  the  fuselage  to 
measure  strains  [2],  The  objectives  of  the  tests  were:  (1)  to  monitor  the  strain  field 
at  the  probable  location  of  failure  initiation  in  Aloha  Airlines  Flight  243,  (2)  to 
verify  the  accuracy  of  empirical  results  from  laboratory  aircraft  panel  tests,  and  (3) 
to  validate  results  from  finite  element  models  of  curved  stiffened  panels  containing 
lap  splices.  For  these  purposes,  five  (5)  lap-splice  bays  on  the  AANC  aircraft  were 
instrumented  with  98  strain  gages. 

The  airplane  acquired  by  the  AANC  is  a  Boeing  737-200,  Serial  Number  19058, 
Line  Number  49.  Figure  1  shows  a  photograph  of  the  FAA/AANC  Boeing  737 
aircraft.  According  to  the  Aircraft  Utilization  Database  [3],  this  airplane  was  in 
service  between  August  1966  and  February  1992.  During  these  dates,  the  airplane 
accumulated  46,358  cycles  in  38,342  flight  hours.  An  important  structural  feature 
of  the  airplane  is  that  the  lap  splices  were  not  altered  by  the  terminating  action1.  In 
other  words,  the  lap  splices  in  this  airplane  all  contained  shear  head  countersunk 
rivets  only. 

Strains  and  displacements  on  a  Boeing  737  aircraft  have  been  measured  previ¬ 
ously  by  NASA  Langley  Research  Center  [5],  The  NASA  data,  however,  were 
obtained  from  a  small  area  near  a  lap  joint  at  the  tail  end  of  the  fuselage.  Moreo¬ 
ver,  the  FAA/AANC  data  provided  an  expansion  of  the  NASA  tests  since  98  strain 
gages  were  used  to  monitor  5  different  lap-splice  bays  compared  to  36  strain  gage 
channels  and  one  lap-splice  bay  in  the  NASA  test. 


STRAIN  GAGE  DEPLOYMENT 

Briefly,  the  selection  of  strain  gage  locations  on  the  FAA/AANC  B737  airplane 
was  based  on  accommodating  the  following  issues: 


1  The  terminating  action  is  a  remedial  repair  which  entails  the  replacement  of  shear  head  coun¬ 
tersunk  rivets  with  universal  head  rivets  that  have  a  larger  shank  diameter.  Boeing  Service  Bul¬ 
letin  737-53A  [4]  describes  this  remedial  action  repair  for  fuselage  lap  splices. 
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(1)  instrumentation  of  several  key  lap-splice  bays,  both  inside  and  outside; 

(2)  instrumentation  of  similar  bays  forward  and  aft  of  the  wing  to  assess  variations 
due  to  bending; 

(3)  selection  of  strain  gage  locations  to  resemble  the  strain-gage  layouts  in  the 
NASA  tests  and  in  laboratory  tests  performed  by  Foster-Miller,  Inc.  [6,7]  to 
allow  for  straightforward  comparisons; 

(4)  determination  of  strain  levels  in  high  gradient  areas  on  the  skin  as  well  as  on 
substructure  elements  such  as  tear  straps,  stringers,  and  frames; 

(5)  configuration  of  gages  in  single-arm  bridges  to  measure  uniaxial  strains  with 
some  rosettes  used  to  provide  principal  strain  data;  and 

(6)  pressurization  of  the  aircraft  up  to  6.5  psi  with  strain  measured  during  increas¬ 
ing  and  decreasing  pressure  to  determine  any  hysteresis  effects. 

The  relative  locations  of  the  five  instrumented  lap-splice  bays  on  the  AANC  air¬ 
plane  are  shown  schematically  in  Figure  2.  The  distribution  of  the  strain  gages  in 

each  test  section  of  the  aircraft  is  summarized  in  Table  1 . 


Table  1.  Summary  of  Strain  Gage  Deployment  on  AANC  Airplane. 


Stringer 

Number 

Body  Station 
Locations 

Number  of 
Gages  in  Bay 

Remarks 

S-4L 

BS470  -  BS480 

36 

IS 

S-10L 

BS470  -  BS480 

36 

Compares  with  initiation  site  on 
Aloha  B737. 

S-14L 

BS780  -  BS790 

10 

Affected  windows  and  floor 
beams. 

S-4L 

BS780  -  BS790 

8 

Affected  by  fuselage  bending. 
Also,  compares  with  NASA  test. 

S-10L 

BS780  -  BS790 

8 

Affected  by  fuselage  bending. 

The  strain-gage  layout  for  the  most  heavily  instrumented  lap  joints  (36-gage  ar¬ 
ray,  see  Table  1)  is  shown  in  Figure  3.  Strains  are  measured  primarily  in  the  hoop 
direction,  although  some  are  also  measured  in  the  longitudinal  direction.  In  the  8- 
gage  and  10-gage  configurations,  the  gages  are  located  along  the  midline  (between 
the  tear  strap  and  the  frame).  Two  of  the  test  sections  between  Body  Stations  470 
and  480  were  instrumented  with  the  most  gages  because  one  location  (at  stringer 


S-10L)  is  directly  related  to  the  failure  initiation  site  on  the  Aloha  airplane  [1],  and 
the  other  (at  stringer  S-4L)  is  relatively  isolated  from  the  structural  effects  of  win¬ 
dows,  floor  beams,  and  fuselage  body  bending. 

The  strain  gages  used  in  these  tests  were  all  encapsulated  constantan  foil  gages 
with  a  nominal  resistance  of  350  ohms  and  a  gage  length  of  0. 125  inch.  All  biaxial 
and  three-element  45°  rosette  gages  were  in  single  plane  or  unstacked  configura¬ 
tion.  The  gages  were  manufactured  to  match  the  thermal  coefficient  of  expansion 
of  2024-T3  aluminum  so  that  the  installation  was  considered  as  a  self-temperature 
compensated  (STC)  set-up.  The  result  was  a  flat  thermal  output  (i.e.,  almost  zero 
thermally  induced  strain)  over  a  temperature  range  between  0  and  200°  F.  The 
sensitivity  or  gage  factor  for  these  gages,  which  relates  the  change  in  resistivity  to 
actual  strain  level,  was  2.05. 

AIRCRAFT  GROUND  PRESSURIZATION 

The  FAA/AANC  airplane  was  pressurized  using  an  Airstart  Unit  borrowed  from 
Kirtland  Air  Force  Base.  The  unit  was  calibrated  to  provide  the  maximum  allow¬ 
able  flow  rate  for  the  Boeing  737  duct  work.  The  maximum  differential  pressure 
applied  to  the  aircraft  was  dictated  by  flow  restrictions  and  aircraft  leakage.  The 
aircraft  was  equipped  with  pressure  relief  valves  that  were  calibrated  to  prevent 
inadvertent  pressurization  beyond  8.5  psi.  Pressurization  rates  were  chosen  to 
closely  match  those  associated  with  normal  climb  rates.  Data  were  recorded  dur¬ 
ing  loading  and  unloading  of  the  fuselage  to  determine  hysteresis  effects.  Strain 
gage  measurements  were  recorded  for  cabin  pressures  between  0  and  6.5  psi  at  0.5 
psi  increments.  A  schematic  of  the  test-up  for  ground  pressurization  and  data  ac¬ 
quisition  on  the  FAA/AANC  B737  airplane  is  shown  in  Figure  4. 

EXPERIMENTAL  STRAIN  DATA 

In  the  data  obtained  from  the  FAA/AANC  ground  pressurization  tests,  particular 
attention  was  given  to  the  state  of  strain  near  the  lap  splices  and  to  the  variation  of 
strain  through  the  joints.  For  instance,  gages  were  installed  in  each  of  the  5  in¬ 
strumented  lap-splice  bays  to  monitor  strain  levels  at  locations  above  and  below 
the  joint  as  well  as  in  the  upper,  middle,  and  lower  rivet  rows  of  the  lap  itself.  Fig¬ 
ure  5  shows  the  hoop  strain  at  different  locations  along  the  midline  at  one  of  the 
instrumented  lap-splice  bays  (S-4L,  BS475)  as  a  function  of  pressure.  In  general, 
the  hoop  strains  are  reasonably  linear  when  plotted  with  respect  to  pressure.  In 
addition,  hysteresis  effects  are  usually  confined  to  the  lower  rivet  row. 


Table  2  summaries  the  measured  strain  variation  in  the  upper  skin  across  the  5 
different  lap  joints  at  the  peak  pressure  of  6.5  psi.  Most  of  the  load  in  the  upper 
skin  above  the  lap-splice  joints  is  transferred  into  the  lower  skin  around  the  upper 
rivet  row.  In  addition,  strain  levels  below  the  lap  joint  on  the  lower  skin  are  ap¬ 
proximately  equal  to  the  strain  level  above  the  joint.  The  strain  levels  are  shown  to 
decrease  drastically  across  the  circumference  of  the  lap  joint  from  the  upper  rivet 
row  to  the  lower  rivet  row.  Referring  to  the  table,  the  middle  rivet  row  of  the  S- 
4L  lap  joint  experiences  17%  of  the  strain  above  the  lap  splice,  while  the  same  area 
of  the  S-10L  lap  joint  experiences  56%  of  the  total  strain.  A  possible  reason  for 
this  difference  could  be  a  difference  in  bond  quality  between  these  two  joints. 

Although  internal  pressurization  of  the  fuselage  generally  produces  positive  hoop 
strains,  strains  in  the  skin  around  the  lower  rivet  row  in  each  of  the  instrumented 
bays  are  negative.  Reverse  or  compressive  type  bending  develops  in  the  lower 
rivet  row  as  the  lap  joint  deforms.  Deformation  of  the  lap  joint,  shown  schemati¬ 
cally  in  Figure  6,  shifts  the  neutral  axis  of  the  structure,  inducing  a  bending  load 
into  the  lap  skins.  This  reverse  bending  creates  compressive  or  negative  bending 
strains  around  the  lower  half  of  the  lap  joint.  The  total  strain  in  the  area,  however, 
includes  a  membrane  component  that  is  positive  but  smaller  in  magnitude  than  the 
bending  component.  The  magnitude  of  the  membrane  component  is  relatively 
small  because  nearly  all  of  the  load  at  this  point  is  transferred  into  the  lower  skin  of 
the  lap.  Since  the  negative  bending  strains  are  greater  in  magnitude  than  the  posi¬ 
tive  membrane  component,  the  gages  show  a  net  compressive  strain. 

Another  way  to  view  the  strain  variation  across  the  lap  joint  is  to  examine  the 
strain  values  on  both  skins  of  the  riveted  assembly.  Figure  7  shows  strains  meas¬ 
ured  on  the  inner  and  outer  skins  at  the  lower  rivet  row  at  the  S-4L,  BS475. 
Comparing  these  results  with  those  shown  in  Figure  5,  the  strains  in  the  lower  rivet 
row  of  the  inner  skin  and  the  upper  rivet  row  of  the  outer  skin  are  on  the  same  or¬ 
der  of  magnitude.  Therefore,  these  two  areas  should  be  treated  similarly  in  fatigue 
and  damage  tolerance  analyses. 

The  strains  measured  from  the  hoop  and  longitudinal  gages  in  the  FAA/AANC 
tests  can  be  used  to  calculate  the  corresponding  membrane  stresses  from  the  fol¬ 
lowing  equations: 


°o=T^T [*•  +  **.]  az  ~  T~~y[sz  +  veff]  (!) 

1  -  v  1  -  v 

where  E  is  the  modulus  of  elasticity  and  v  is  Poisson’s  ratio.  According  to  MIL 
Handbook  5,  these  material  properties  for  2024-T3  aluminum  are  10.5  msi  and 
0.33,  respectively. 
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Table  2.  Strain  Variation  Through  Different  Lap  Splice  Joints  at  6.5  psi. 
(a)  Stringer  S-4L,  Body  Station  475 


Location 

Microstrain 

Percent  of  Strain  from  Skin 
Above  Lap  Joint 

Above  Lap  Splice 

813 

100% 

Upper  Rivet  Row 

771 

95% 

Middle  Rivet  Row 

141 

17% 

Lower  Rivet  Row 

-153 

NA 

Below  Lap  Splice 

1071 

131% 

(b)  Stringer  S-10L,  Body  Station  475 


Location 

Microstrain 

Percent  of  Strain  from  Skin 
Above  Lap  Joint 

Above  Lap  Splice 

907 

100% 

Upper  Rivet  Row 

754 

83% 

Middle  Rivet  Row 

506 

56% 

Lower  Rivet  Row 

-104 

NA 

Below  Lap  Splice 

906 

100% 

(c)  Stringer  S-14L,  Body  Station  475 


Location 

Microstrain 

Percent  of  Strain  from  Skin 
Above  Lap  Joint 

Above  Lap  Splice 

9ii 

100% 

Upper  Rivet  Row 

729 

80% 

Below  Lap  Splice 

-263 

NA 

(d)  Stringer  S-14L,  Body  Station  790 


Location 

Microstrain 

Percent  of  Strain  from  Skin 
Above  Lap  Joint 

Above  Lap  Splice 

956 

100% 

Upper  Rivet  Row 

925 

97% 

Below  Lap  Splice 

933 

98% 

(e)  Stringer  S’ 10L,  Body  Station  790 


Location 

Microstrain 

Percent  of  Strain  from  Skin 
Above  Lap  Joint 

Above  Lap  Splice 

953 

100% 

Upper  Rivet  Row 

1039 

109% 

Below  Lap  Splice 

819 

86% 
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Stresses  in  an  actual  aircraft  are  sometimes  compared  to  the  values  calculated 
from  the  thin-walled  cylinder  approximation.  From  engineering  mechanics  consid¬ 
erations,  the  hoop  and  longitudinal  stresses  in  a  thin-walled  cylinder  are 


where  p  is  the  differential  pressure,  R  is  the  radius  of  curvature  (74  inches)2  and  t  is 
the  skin  thickness  (0.036  inch).  The  stresses  computed  from  the  measured  strains 
are  compared  to  the  stresses  calculated  from  the  theoretical  thin-walled  cylinder 
estimate  in  Table  3.  It  should  be  noted  that  this  comparison  is  valid  only  at  the 
midbay  location3.  As  shown  in  Table  3,  the  actual  stresses  are  between  10%  and 
30%  less  than  the  theoretical  thin-walled  cylinder  estimates  because  load  is  trans¬ 
ferred  to  the  stiffening  elements  (i.e.;  frames  and  stringers)  in  the  actual  fuselage 
structure. 


Table  3.  Comparison  of  Stresses  at  Midbay  in  Each  Test  Section  at  6.5  psi. 


Test  Section 


S-4L,  BS475 


S-10L,  BS475 


S-14L,  BS475 


S-4L,  BS785 


S-10L,  BS785 


Theoretical 


Ratio 

<Jz/(7o 


0.495 


0.503 


0.475 


0.536 


0.499 


0.500 


Figure  8  shows  strain  data  at  the  same  location  over  different  pressure  cycles. 
The  maximum  variation  in  strain  from  one  pressure  cycle  to  another  was  less  than 
10%  at  any  pressure  level.  Moreover,  this  plot  shows  the  repeatability  of  the 
measured  hoop  strains  in  the  FAA/AANC  B737  tests. 

The  structural  effects  of  windows,  floor  beams,  and  fuselage  bending  on  the 
strain  fields  were  examined  by  comparing  the  data  among  the  various  lap-splice 


2  The  numbers  within  parentheses  refer  to  nominal  dimensions  for  the  B737  airplane. 

3  The  thin-walled  cylinder  approximations  are  not  applicable  for  strains  near  the  lap  splice. 
Finite  element  models  were  developed  to  examine  the  strain  distribution  near  the  lap  splice,  and 
are  discussed  in  the  next  section  of  this  paper. 
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test  sections.  These  correlations  revealed  that  the  structural  influence  of  windows 
and  floor  beams  can  increase  strains  from  4%  up  to  46%.  Furthermore,  fuselage 
body  bending  can  increase  strains  by  approximately  30%. 

CORRELATIONS  OF  STRAIN  DATA 

Having  established  a  database  of  strain  data  from  a  retired  Boeing  737  airplane, 
the  data  were  compared  with  results  from  other  research  activities  in  the  aging  air¬ 
craft  program.  Three  comparisons  are  discussed  in  this  paper:  (1)  correlations 
with  computational  models,  (2)  correlations  with  laboratory  panel  data,  and  (3) 
correlations  with  data  collected  from  the  NASA  B737  test. 


Comparisons  with  Finite  Element  Models 

Finite  element  models  of  fuselage  lap-splice  structures  are  being  developed  at  the 
Volpe  Center  using  a  commercially  available  finite  element  code,  ANSYS.  These 
finite  element  models  include  structural  details  such  as  tear  straps,  stringers, 
frames,  stringer  ties,  and  rivets.  Two  models  were  developed  for  direct  compari¬ 
sons  with  the  data  collected  from  the  AANC  airplane.  The  first  model  assumed 
that  the  skins,  tear  straps,  and  structural  fillers  were  attached  by  an  adhesive  bond, 
and  all  other  components  are  attached  by  rivets.  In  this  paper,  this  model  is  re¬ 
ferred  to  as  the  adhesive  lap-splice  model.  The  second  model,  referred  to  as  the 
riveted  lap-splice  model,  assumed  no  adhesive,  and  all  structural  components  were 
attached  by  rivets  only.  Thus,  the  two  models  effectively  bound  the  possible 
conditions  of  bonding  in  the  lap  joint  between  entirely  bonded  and  completely 
debonded. 

Both  finite  element  models  employed  four-noded  shell  elements  to  represent  the 
skins,  tear  straps,  structural  fillers,  frames,  and  stringer  ties  of  the  aircraft  fuselage. 
In  the  adhesive  lap-splice  model,  the  adhesive  bond  between  the  skins,  tear  straps, 
and  structural  fillers  was  modeled  using  three-dimensional,  eight-noded,  ani¬ 
sotropic  material  elements.  In  the  riveted  lap-splice  model,  three-dimensional 
beam  elements  represented  the  rivets  at  the  individual  rivet  locations  throughout 
the  model.  Rivets  were  assumed  to  behave  as  linear  elastic  springs.  The  flexibility 
of  these  rivets  was  estimated  using  the  empirical  formula  derived  by  Swift  [8],  All 
rivets  in  the  model  were  assumed  to  have  the  same  rivet  flexibility.  The  riveted 
lap-splice  model  consisted  of  13,382  nodes  and  12,740  elements  which  resulted  in 
a  total  of  76,737  active  degrees  of  freedom.  The  adhesive  lap-splice  model  used 
6,684  nodes  and  7,042  elements  which  combined  for  37,739  active  degrees  of 


freedom4.  The  adhesive  model  also  included  144  beam  elements  and  1,112  adhe¬ 
sive  elements.  Figure  9  shows  the  finite  element  mesh  pattern  used  to  model  a 
section  of  the  aircraft  fuselage  containing  a  riveted  lap  joint. 

Figure  10  compares  the  measured  hoop  strains  at  various  locations  across  the  lap 
splice  at  Body  Station  475,  Stringer  S-4L,  with  results  from  the  riveted  lap  splice 
model.  The  solid,  dotted,  and  dashed  lines  in  the  figure  represent  results  from  the 
finite  element  models;  the  symbols  indicate  the  measured  strain  gage  data.  Figure 
1 1  compares  the  same  experimental  data  with  results  from  the  adhesive  lap-splice 
model.  Clearly,  the  strain  data  are  characterized  more  accurately  by  the  riveted 
lap-splice  model,  especially  in  the  upper  rivet  row,  suggesting  that  the  cold-bond 
adhesive  has  substantially  degraded  at  that  location  in  the  FAA/AANC  airplane. 
This  result  was  later  confirmed  when  nondestructive  inspection  detected  extensive 
corrosion  and  debonding  in  the  lap  joints. 


Comparisons  with  Full-Scale  Laboratory  Panel  Data 

The  FAA/AANC  strain  data  were  also  correlated  with  data  obtained  from 
curved,  stiffened  panels  tested  by  Foster-Miller,  Inc.  (FMI)  on  a  unique  fixture  that 
uses  water  rather  than  air  as  a  pressurization  medium  [6,7],  Fatigue  testing  of  one 
full-scale  panel  resulted  in  linkup  of  multiple  cracks  which  ultimately  lead  to 
structural  failure5  after  75,263  pressurization  cycles  [9],  This  panel  was  initially 
undamaged,  except  for  an  intentionally  debonded  lap  joint.  A  limited  number  of 
strain  gage  measurements  were  collected  from  this  laboratory  panel  to  ensure  ac¬ 
curate  and  realistic  loading.  Although  the  strain  data  were  in  reasonable  agree¬ 
ment  with  other  available  data,  the  measurements  were  not  sufficient  to  accurately 
characterize  strains  in  areas  experiencing  large  gradients.  Thus,  the  FAA/AANC 
strain  data  were  used  to  verify  whether  the  strains  produced  in  the  laboratory  pan¬ 
els  were  representative  of  those  in  actual  lap-splice  structures. 

Twelve  (12)  coincident  locations  on  the  laboratory  panels  and  a  corresponding 
section  on  the  B737  fuselage  were  identified  relative  to  a  common  lap-splice 
stringer.  In  general,  the  overall  comparison  between  the  FMI  and  FAA/AANC  test 
data  is  reasonable.  Except  for  one  location,  the  hoop  strains  from  both  tests  agree 
within  30%  at  all  pressure  levels.  Based  on  differences  in  skin  thickness  and  radius 


4  The  riveted  lap-splice  model  contained  more  nodes  and  elements  than  the  adhesive  model  be¬ 
cause  nodes  were  placed  at  every  rivet  location  in  the  lap  joint.  Also,  a  more  refined  mesh  was 
generated  within  the  lap  joint  to  examine  the  strain  gradient  between  rivets. 

5  “Failure”  as  used  here  means  the  size  and  distribution  of  multiple  cracking  was  such  that  hy¬ 
draulic  pressure  could  not  be  maintained  to  continue  testing. 
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of  curvature,  a  “perfect”  correlation  would  show  the  FAA/AANC  data  to  be  10% 
higher  than  the  FMI  data. 


Correlations  with  NASA  B737  Data 

Strain  gage  data  from  a  Boeing  737  airplane  have  also  been  collected  by  NASA 
Langley  Research  Center  during  a  ground  pressurization  test  [5j.  In  the  NASA 
test,  the  peak  pressure  was  6.2  psi.  One  section,  located  at  the  longitudinal  lap 
splice  between  Body  Stations  857  and  867  at  stringer  S-4R,  was  monitored  with 
36  channels.  The  most  comparable  test  section  on  the  FAA/AANC  B737  airplane 
was  the  one  between  Body  Stations  780  and  790  at  stringer  S-4L. 

The  strains  from  both  tests  are  within  20%  agreement,  except  at  one  location.  In 
the  upper  rivet  row  location,  the  FAA/AANC  hoop  strains  are  about  40%  higher 
than  those  measured  in  the  NASA  test.  Figure  12  compares  data  it  the  upper  rivet 
row  from  both  the  FAA/AANC  and  the  NASA  tests.  The  figure  also  compares  the 
results  from  the  riveted  and  adhesive  lap-splice  finite  element  models.  As  shown 
previously,  the  results  from  the  rivet  lap-splice  model  correlate  reasonably  well 
with  the  FAA/AANC  data  in  the  upper  rivet  row.  The  NASA  data,  however,  cor¬ 
relate  better  with  the  results  from  the  adhesive  lap-splice  model.  Apparently,  the 
bond  in  the  lap  splice  of  the  NASA  B737  airplane  is  effective,  and  the  adhesive  in 
the  lap  splices  of  the  FAA/AANC  airplane  has  degraded. 


CONCLUSIONS 

The  major  conclusions  from  this  research  are  given  as  follows. 

(1)  Strain  gage  data  have  been  collected  from  a  retired  Boeing  737  airplane  which 
can  be  used  to  validate  analytical  models  of  fuselage  structures  and  laboratory 
data  from  other  experiments. 

(2)  The  data  from  the  FAA/AANC  B737  airplane  correlate  better  with  the  riveted 
lap-splice  model  than  with  the  adhesive  lap-splice  model.  Detection  of  corro¬ 
sion  and  debonds  in  the  lap  splices  of  the  aircraft  through  nondestructive  in¬ 
spections  confirmed  this  finding.  Conversely,  data  from  the  NASA  B737  air¬ 
plane  agreed  better  with  results  from  the  adhesive  lap-splice  model  than  with 
the  rivet  lap-splice  model.  This  result  suggests  that  the  adhesive  bond  in  the 
lap-splice  test-section  of  the  NASA  B737  is  still  effective. 
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(3)  Reasonable  agreement  was  obtained  between  the  strain  data  from  the  FAA/ 
AANC  B737  airplane  and  data  collected  from  the  curved,  laboratory  panels 
used  by  Foster-Miller,  Inc. 

(4)  In  each  test  section  of  the  FAA/ AANC  B737  airplane,  most  of  the  load  in  the 
skin  above  the  lap  joint  is  transferred  into  the  skin  around  the  upper  rivet  row. 
Differences  in  load  transfer  among  the  different  test  sections  appear  to  be  re¬ 
lated  to  differences  in  bond  quality. 

(5)  Even  though  internal  pressurization  of  the  fuselage  generally  produces  posi¬ 
tive  hoop  strains,  strains  around  the  lower  rivet  row  in  all  instrumented  bays 
were  negative.  These  negative  or  compressive  strains  were  a  consequence  of 
reverse  bending  that  develops  when  the  lap  joint  deforms  from  internal  pres¬ 
sure  loading. 

(6)  The  lower  rivet  row  of  the  inner  skin  experiences  the  strains  on  the  same  order 
of  magnitude  as  the  upper  rivet  row  of  the  outer  skin.  Therefore,  these  two 
areas  should  be  treated  similarly  in  fatigue  and  damage  tolerance  analyses. 

(7)  Hoop  and  longitudinal  stresses  at  the  midbay  location  were  between  70%  and 
90%  of  the  theoretical  thin-walled  cylinder  estimates.  These  percentages  are 
reasonable  since  the  actual  airplane  contains  stiffening  elements  that  carry  load 
and  generally  reduce  strain. 
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Figure  1.  FAA/AANC Boeing  737  test  bed. 


Figure  2.  Locations  of  lap-splice  test  sections  on  FAA/AANC  airplane. 
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Figure.  3.  Strain-gage  layout  for  36-gage  array. 


Station  480 
Strain  Gages 


Station  780 
Strain  Gages 


Q  oooDOO^^ooooogooaoooooogoodooo  Q 


Adapted  to 
Nose  Wheel 
Well  Bulkhead 


Pneumatic 

Ground 

Connection 


-Adapted  to 
Lavatory 
Fill  Line 


Dial  Gage 

Uy  Manual 
Valve 


Ji_ 

Data 

Acquisition 

System 


Pressunzahon 

Unit 


o  Stringer  4  Lap  Splice  Bay 
©  Stringer  10  Lap  Splice  Bay 
©  Stringer  14  Lap  Splice  Bay 


Figure  4.  FAA/AANC  B7 37  strain  monitoring  test  set-up. 
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Microstrain 


Differential  Pressure  (psi) 


Figure  5,  External  skin  hoop  strains  along  midline  of  S-4Ly  BS475 . 


Figure  6.  Schematic  of  lap  splice  deformation  due  to  internal  pressurization. 
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Figure  7.  Hoop  strains  in  lower  rivet  row  on  inner  and  outer  lap  skins 

(S-4L,  BS475). 
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Figure  8.  Repeatability  of  strains  measured  at  the  upper  rivet  row 

(S-IOL,  BS785). 
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Figure  11.  Comparison  of  strains  across  lap  splice:  adhesive  lap-splice  model 

versus  experimental  data. 
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Figure  12.  Comparison  of  strains  in  upper  rivet  row  of  FAA/AANC  and  NASA 
B737  lap  splices  with  results  from  finite  element  models. 
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Advances  in  aerospace  technology  have  been  made  possible,  in  part,  through  the  use  of 
lightweight  materials  and  weight-saving  structural  designs.  Joints,  in  particular,  have  been 
and  remain  areas  in  which  weight  can  be  trimmed  from  an  airframe  through  the  use  of  novel 
attachment  techniques.  In  order  to  save  weight  over  traditional  riveted  designs,  to  avoid  the 
introduction  of  stress  concentrations  associated  with  rivet  holes,  and  to  take  full  advantage  of 
advanced  composite  materials,  engineers  and  designers  have  been  specifying  an  ever- 
increasing  number  of  adhesively  bonded  joints  for  use  on  airframes. 
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project  is  to  develop  a  fracture  mechanics  based  approach  to  understanding:  1)  the  behavior 
of  adhesive  joints  under  mixed  mode  loading  and  2)  adhesive  joint  durability  and  changes  in 
mechanical  behavior  associated  with  long-term  exposure. 
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representative  variety  of  adhesives,  adherends,  and  end  uses  is  sought.  Samples  will  be 
obtained  from  materials  used  on  the  F-22  fighter,  the  C-141  transport,  and  the  High  Speed 
Civil  Transport  (HSCT)  project,  thereby  spanning  a  spectrum  of  new,  in-service,  and  future 
adhesive  joints.  In  addition,  this  collection  of  specimens  also  permits  the  evaluation  of 
various  adhesives  with  either  aluminum  or  boron-  or  carbon-fiber  reinforced  composites. 

Monotonic  fracture  and  fatigue  crack  growth  tests  will  be  conducted  using  three  specimen 
geometries  to  investigate  the  mixed  mode  fracture  behavior  of  the  joints.  These  geometries 
are  the  double  cantilever  beam  (DCB),  the  end-notched  flexure  (ENF),  and  the  cracked  lap- 
shear  (CLS).  Specimens  will  be  tested  in  the  as-received  condition  and  following  aging  or 
cycling  in  temperature  and  humidity  levels  indicative  of  aircraft  operation.  Crack  growth  will 
be  monitored  using  compliance  measurements,  crack  growth  gages,  and  visual  inspection. 
SEM  and  finite  element  analyses  will  be  used  to  characterize  fracture  surfaces  and  analyze 
joint  mechanics.  Some  "neat"  resins  may  also  be  tested  under  a  parallel  program  to 
determine  the  durability  of  the  adhesive  alone. 

Results  from  this  program  will  aid  in  the  specification  of  adhesives  for  future  airframe  usage, 
assist  in  the  design  of  bonded  joints  through  increasing  the  understanding  of  likely  fracture 
modes,  and  permit  life  extension  of  current  aging  aircraft  by  adding  to  the  knowledge  base  of 
bonded  repair  techniques. 

Principal  Advisor:  Prof.  Steve  Johnson,  School  of  Materials  Science  and  Engineering 

Thesis  Committee:  Prof.  David  McDowell,  School  of  Mechanical  Engineering 

Prof.  Jianmin  Qu,  School  of  Mechanical  Engineering 
Prof.  Richard  Neu,  School  of  Mechanical  Engineering 
Prof.  Erian  Armanios,  School  of  Aeronautical  Engineering 
Mr.  James  Rudd,  Leader,  Aging  Systems  Integrated  Product  Team, 

Wright-Patterson  AFB,  OH 

Material  Suppliers:  Lockheed  Aeronautical  Systems  Company,  Marietta,  GA 

Boeing  Commercial  Airplane  Company,  Seattle,  WA 
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Source:  Johnson,  W.S.  and  Mangalgiri,  P.D.,  “Influence  of  the  Resin  on  Interlaminar  Mixed-Mode  Fracture"  in  Toughened 
_ Composites,  ASTM  STP  937,  N.J.  Johnston,  ed.,  American  Society  for  Testing  and  Materials,  Philadelphia,  1987,  pg.  309. 
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Source:  Johnson,  W.S.  and  Mall,  S.,  NA  Fracture  Mechanics  Approach  for  Designing  Adhesively  Bonded  Joints’*  in  Delamination  and  I 
of  Materials.  ASTM  STP  876.  W.S.  Johnson,  ed.,  American  Society  for  Testing  and  Materials,  Philadelphia,  1985,  pg.  196. 
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•  121°C  (250°F)  cure/82°C  (180°F)  use 

-  Environments:  •  71  °C  (160°F)/95%rh  exposure 

•  -54°C  (-65°F)  to  71  °C  (160°F)  cycling 
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Experimental  Observation  of  the  Effect  of  Contact  Parameters  on 
Fretting  Fatigue  Crack  Nucleation 

*Mr.  Matthew  P.  Szolwinski 
Mr.  G.  Harish 
Prof.  Thomas  N.  Farris 

School  of  Aeronautics  and  Astronautics — Purdue  University 
West  Lafayette,  Indiana  47907-1282 


Abstract 

The  onset  of  multiple-site  damage  and  corrosion  is  often  found  to  occur  at 
fastener/hole  interfaces  in  lap  joints  or  other  airframe  structural  members.  The 
nature  of  the  load  transfer  at  the  contact  interface  results  in  a  damage  process 
known  as  fretting.  The  combination  of  micro-slip  at  the  contact  surfaces  and  the 
cyclic  contact  stresses  associated  with  fretting  reduce  the  number  of  cycles 
required  to  nucleate  a  crack  from  the  fastener  hole,  compared  to  predictions  that 
neglect  these  effects.  The  current  experimental  program  focuses  on  the  study  of 
fretting  fatigue  crack  formation  in  common  aircraft  aluminum  alloys,  including 
2024-T3  and  7075-T6  alloys,  with  the  goal  of  verifying  lives  as  predicted  by  a 
numerical  method  based  on  multiaxial  fatigue  life  models.  The  experiments  will 
assess  (a)  the  effect  of  the  contact  parameters,  including  the  magnitude  of  the 
normal  and  tangential  loads  transferred,  (b)  friction  coefficient  at  the  interface, 
and  (c)  material  properties,  on  crack  nucleation  through  the  use  of  a  fretting 
fatigue  test  rig.  The  following  details  the  relationship  between  the  test  program 
and  aging  aircraft  concerns;  the  design  and  verification  of  a  fretting  fatigue  test 
rig;  and  a  system  developed  for  automated  data  acquisition. 

Background 

Fretting  is  the  damage  process  associated  with  the  small-scale  oscillatory 
relative  motion  of  two  contacting  clamped  surfaces;  the  damage  process  involves 
wear,  fatigue  and  corrosion  phenomena,  each  driven  by  the  localized  shear 
traction  and  microslip  at  the  contact  surface.  Occurrences  of  fretting  in  structural 


members  such  as  bolted  flange  joints,  riveted  lap  joints  or  even  rocket  propulsion 
fuel  tanks  have  been  well-documented  (Hattori  (1994),  Rollins  et  al.  (1989))  and 
often  attributed  to  unpredicted  early  failures  of  a  myriad  of  mechanical 
components  and  structural  members. 

The  nucleation  of  cracks  under  the  influence  of  the  oscillatory  contact 
stresses  and  strains  arising  from  the  fretting  action  is  of  particular  interest  to  the 
community  of  officials,  researchers  and  technicians  charged  with  insuring  the  safe 
operation  of  both  civil  and  military  aging  aircraft  well  beyond  their  intended 
design  lifetimes.  Critical  to  this  effort  is  the  proper  inspection,  identification  and 
evaluation  of  widespread  fatigue  damage  (WFD)  on  the  airframe.  With  hundreds 
of  joints  and  hundreds  of  thousands  of  individual  rivet  holes,  the  nucleation  of 
cracks  under  the  influence  of  fretting  is  inevitable  and  the  task  of  complete 
inspection  nearly  impossible.  The  presence  and  interaction  of  large  numbers  of 
these  small  cracks  in  structural  components,  a  state  often  referred  to  as  multi-site 
damage  (MSD),  can  lead  to  sudden  and  catastrophic  failure  of  the  airframe  during 
service. 

In  light  of  the  consequences  of  the  nucleation  of  cracks,  the  motivation  for  a 
clear  understanding  of  the  role  fretting  plays  is  clearly  evident.  While  several 
researchers  (Waterhouse  &  Taylor  (1971),  Nishioka  et  al.  (1968)  and  Endo  & 
Goto  (1976))  have  addressed  the  problem  of  fretting  fatigue  with  experimental 
studies,  these  early  programs  were  primarily  concerned  with  fretting  of  steel. 
Recent  interest  in  aging  aircraft  has  renewed  research  into  the  fretting  of 
aluminum,  with  attention  given  to  the  phenomenon  because  of  its  role  in  the 
nucleation  of  cracks  at  the  fastener/skin  interface  and  at  the  interface  between 
panels  in  lap  joints.  The  current  experimental  effort  is  designed  to  study  the  role 
of  fretting  contact  on  the  formation  of  fatigue  cracks  in  aircraft  aluminum. 

Figure  1  illustrates  the  relationship  between  the  fretting  conditions 
experienced  in  aircraft  operation  and  the  localized  contact  stresses  at  the  rivet/skin 
interface  modeled  in  the  experimental  setup.  During  the  life  of  an  airframe,  its 
various  structural  members  carry  a  variety  of  cyclic  loads.  For  example, 
turbulence  or  aeroelastic  effects  lead  to  oscillatory  loading  of  the  wing  and 
repeated  pressurization  and  depressurization  of  the  cabin  causes  cyclic  stresses  in 
the  fuselage.  This  global  effect  is  represented  schematically  in  Figure  1  with  a  lap 
splice  subjected  to  a  cyclic  remote  stress.  The  load  transfer  to  the  structure  takes 
place  on  a  local  scale,  though,  at  the  rivet/skin  interface.  The  remote  global  load 
causes  both  normal  and  shear  loading  of  the  rivet,  an  effect  that  induces  both  a 
normal  pressure  and  shear  traction  over  the  area  of  contact  between  the  rivet  and 
rivet  hole. 
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Figure  1:  An  illustration  of  the  relationship  between  an  aircraft  lap  splice 
structural  joint  and  the  fretting  contact  problem. 

The  normal  pressure  distribution  can  be  approximated  using  Hertzian  or 
non-conformal  contact  theory  that  holds  for  contact  sizes  much  smaller  than  the 
characteristic  sizes  of  the  contacting  bodies.  The  applied  tangential  force  (Q) 
must  be  less  than  the  global  frictional  force  (pP)  to  prohibit  sliding  at  the 
rivet/skin  interface.  This  condition  leads  to  a  region  of  stick  spanning  the  middle 
of  contact  flanked  by  a  region  of  microslip.  It  is  this  stick/slip  configuration  that 
must  be  achieved  by  the  fretting  fatigue  rig  via  controlled  and  measurable 
application  of  normal  and  tangential  forces  to  the  fatigue  specimen.  In  addition, 
the  magnitudes  of  the  loads  must  be  chosen  so  as  to  generate  contact  stresses 
similar  to  those  at  the  rivet/skin  interface. 


Fretting  Fatigue  Test  Rig 

Simulation  of  basic  fretting  contact  typically  involves  clamping  either  a 
spherical  or  cylindrical  indenter  into  contact  with  a  flat  specimen  and  then 
applying  an  oscillatory  tangential  load  to  the  indenter.  An  alternative 
configuration  applies  the  oscillatory  load  to  the  specimen.  Such  a  configuration 
can  be  achieved  using  a  rig  and  a  standard  uniaxial  servo-hydraulic  testing 
machine  as  shown  in  Figure  2.  The  rig  (similar  to  one  suggested  by  Hills  et  al. 
(1988)),  designed  for  plane-strain  fretting  contact,  allows  for  the  controlled 
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Figure  2:  A  schematic  of  a  fretting  fatigue  test  rig  highlighting  the  relationship 
between  its  structural  features  and  the  fretting  loads. 

application  and  measurement  of  both  the  normal  and  tangential  loads.  With  a 
specimen  mounted  in  the  grips  of  the  load  frame,  the  curved  fretting  pads  are 
clamped  into  contact  with  the  flat  surface  of  the  specimen  by  two  drawbars. 
Compliant  springs  mounted  over  the  drawbars  ensure  a  constant  normal  load  as 
the  contact  surfaces  wear  and  wear  particles  are  ejected.  Upon  application  of  a 
load  by  the  lower  grip/actuator  assembly,  the  specimen  transmits  loads  to  the 
beams  through  friction  between  the  specimen  and  pads.  The  beam  stiffness  and 
applied  load  must  be  chosen  in  tandem  to  assure  stick/slip  contact  characteristic  of 
fretting.  Note  that  a  bulk  tension  is  superposed  on  the  fretting  contact  stresses  in 
the  specimen. 

Control  of  the  contact  parameters  involved  in  fretting  contact  is  done  by 
varying  the  geometric  characteristics  and  applied  load  conditions  in  the 
experimental  setup.  Changing  the  radii  of  curvature  of  the  fretting  pads  or  the 
clamping  force  P  alters  the  size  of  the  contact  area  and  the  maximum  Hertzian 
contact  pressure,  a  value  that  is  directly  proportional  to  the  amplitudes  of  the 
elastic  contact  stresses  and  strains.  The  magnitude  of  the  shear  force  can  be 
increased  by  increasing  the  applied  remote  stress  or  the  stiffness  of  the  beams 
mounted  to  the  rig  chassis. 

Measurement  of  critical  contact  parameters,  P,  Q  and  the  average  coefficient 
of  friction,  \x,  is  done  with  an  array  of  strain  gages,  placed  at  various  locations  on 
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the  rig  and  specimen.  The  total  normal  force,  P,  is  obtained  from  load  washers 
mounted  over  each  of  the  drawbars.  The  shear  force,  Q,  can  be  measured  in  two 
ways:  (1)  with  strain  gages  placed  above  and  below  the  contact  point  on  the 
specimen,  and  (2)  with  strain  gages  bonded  onto  the  beams.  With  the  first 
approach,  global  static  equilibrium  of  the  rig/specimen  combination  is  considered: 
the  load  transmitted  by  the  rig  is  calculated  as  the  difference  between  the  load 
applied  by  the  actuator  to  the  portion  of  the  specimen  below  the  contact  and  the 
reaction  load  detected  by  a  pair  of  gages  above  the  contact.  This  method  is  also 
used  to  determine  a  calibration  relationship  between  the  tangential  force,  Q,  and 
deflection  of  the  beam,  as  measured  by  strain  gages  mounted  on  the  beams.  This 
calibration  eliminates  the  need  for  mounting  gages  on  each  test  specimen. 

An  estimate  of  the  apparent  coefficient  of  friction  can  be  obtained  by  a 
method  suggested  by  Nowell  and  Hills  (1990).  Recall  that  global  sliding  occurs 
when  the  applied  tangential  force,  Q,  equals  the  global  applied  frictional  force, 
defined  as  the  product  of  the  apparent  coefficient  of  friction,  p,  and  the  global 
clamping  force,  P.  If  the  value  of  p  is  desired  after  a  given  number  of  cycles  of 
fretting,  the  constant  amplitude  cyclic  loading  is  terminated  and  a  separate  cyclic 
tangential  load  with  steadily  increasing  amplitude  is  applied  until  gross  sliding  is 
detected. 

Data  Acquisition 

As  with  any  fatigue  test  involving  a  large  number  of  cycles,  automated 
testing  and  data  acquisition  is  important.  The  need  for  an  efficient  data 
acquisition  system  is  magnified  when  considering  the  number  of  measurements 
required  to  characterize  the  conditions  of  fretting  fatigue.  This  fact  is  emphasized 
by  Attia  (1992)  in  a  summaiy  of  a  series  of  papers  aimed  at  developing  a  fretting 
fatigue  test  standard.  Attia  (1992)  notes  that  measurement  of  contact  parameters 
and  automation  of  the  testing  procedure  and  data  acquisition  are  still  areas  to  be 
addressed  by  the  fretting  fatigue  test  community. 

Braun  (1994)  assesses  the  past,  current  and  future  directions  of  automated 
fatigue  and  fracture  testing,  identifying  the  characteristics  of  a  next-generation  test 
setup.  These  characteristics  include:  (1)  a  digital  control  system  that  implements 
the  control  loop  and  function  generation  for  the  waveform  applied  by  the  servo- 
hydraulic  loadffame  via  software,  (2)  a  flexible  data  acquisition  scheme  allowing 
for  a  wide  variety  of  experimental  configurations  and  (3)  an  intuitive  software- 
based  user  interface  that  relies  on  a  graphical-user  interface  (GUI).  Several 
diversified  approaches  have  been  taken  to  realize  such  a  system,  including  use  of  a 
UNIX-based  workstation  and  analog  controller  (McKeighan,  et  al.  (1990))  and 
general  purpose  fatigue  testing  software  (Dharmavasan  and  Peers  (1990))  with  a 
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Figure  3:  A  schematic  showing  the  experimental  setup  and  associated 
computer  control,  monitoring  and  data  acquisition  system 

digital  controller.  Each  of  these  approaches  required  a  significant  investment  of 
time  and  effort  for  constructing  the  base  code  for  efficient  communication 
between  the  myriad  of  components  in  the  test  system. 

The  current  experimental  setup  relies  exclusively  on  commercially-available 
hardware  components  and  software  package  to  achieve  a  single,  flexible 
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graphically-oriented,  Pentium™  personal  computer  (PC)  based  system  for  control, 
data  acquisition  (DAQ)  and  on-line  data  processing.  A  schematic  of  the  system  is 
presented  in  Figure  3.  The  fatigue  loading  of  the  specimen  is  accomplished  with 
an  Instron  22  kip  servo-hydraulic  load  frame  fitted  with  hydraulic  wedge  grips. 
The  requisite  control  signals  corresponding  to  a  given  set  of  frequency,  waveform 
and  amplitude  parameters  are  sent  to  the  servo- valves  by  an  Instron  8500  digital 
controller.  The  controller  can  operate  either  stand-alone  through  an  attached 
panel-style  user  interface  or  remotely  through  a  digital  input/output  (I/O)  line  that 
relies  on  a  standardized  general  purpose  interface  bus  (GPIB).  It  is  this  GPIB 
connection  that  allows  for  integration  of  the  controller  with  the  standard  PC  bus 
architecture. 

The  pairs  of  strain  gages  mounted  on  the  beams  and  above  and  below  the 
contact  are  wired  into  half-bridge  Wheatstone  bridge  circuits  constructed  on  a 
printed  circuit  board.  The  load  cells  require  a  similar  full-bridge  circuit.  The 
excitation  of  each  of  these  bridges  and  subsequent  conditioning  of  the  analog 
signals  from  the  sensors  is  achieved  with  a  general-purpose  Signal  Conditioning 
extensions  for  Instrumentation  chassis  (SCXI)  manufactured  by  National 
Instruments.  The  module  allows  for  user-definable  excitation  voltages  (3.333  or 
10  V),  two-stage  signal  gains  (from  1  to  1000)  and  two-stage  filters  (4Hz  or  10 
kHz).  The  current  configuration  offers  up  to  eight  channels,  with  the  potential  for 
expansion  to  twelve. 

The  preconditioned  analog  signals  from  the  array  of  sensors  are  then  read 
from  the  SCXI  chassis  in  either  a  multiplexed  or  parallel  mode  by  a  16-bit  analog- 
to-digital  (A/D)  data  acquisition  card  in  the  PC.  This  card,  an  AT-MIO-16FE  card 
also  manufactured  by  National  Instruments,  can  read  up  to  16  single-ended  or  8 
differential  channels  at  a  maximum  of  20  kilosamples/second  10  kHz  and  a 
maximum  resolution  of  3  pV.  It  is  completely  software-configurable,  complying 
with  the  latest  “Plug  and  Play”  hardware  standards.  This  software  configuration 
thus  eliminates  the  need  for  cumbersome  hardware  jumper  adjustments  for  varied 
experimental  configurations. 

The  real  strength  of  this  experimental  setup  lies  not  necessarily  in  the 
performance  and  flexibility  of  its  hardware,  but  in  the  ability  for  the  hardware  to 
be  integrated  into  a  single  suite  of  user-friendly  GUI  panels  that  allow  for  the  on¬ 
line  control,  monitoring  and  analysis  of  each  fatigue  experiment.  This  software 
platform  was  developed  using  National  Instrument’s  Lab  VIEW™  (the  Laboratory 
Virtual  Instrument  Engineering  Workbench  package  for  Microsoft  Windows).  In 
short,  Lab  VIEW  is  a  general  purpose  graphical  “language”  that  allows  the  user  to 
develop  complex  virtual  instruments  (VI)  for  interfacing  with  a  myriad  of  DAQ 
entities  by  “wiring”  basic  subroutines  together  in  a  diagram.  Since  many  of  the 
base  level  operations  such  as  direct  communication  with  the  DAQ  hardware, 
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generation  of  complex  GUI’s  and  data  file  creation  and  management  are  inherent 
parts  of  the  Lab  VIEW  subroutines,  the  time  required  to  develop  flexible,  powerful 
software  platforms  for  large-scale  experimental  setups  is  slashed. 

The  current  experimental  effort  relies  on  an  integrated  suite  of  custom- 
designed  virtual  instruments  to  control,  monitor  and  analyze  the  fretting  fatigue 
tests,  as  presented  in  Figure  4.  An  initial  panel  serves  as  an  interface  to  the  8500 
digital  controller  for  the  load  frame.  The  user  selects  parameters  from  dialog 
boxes  such  as  the  control  channel  (load  or  position);  waveform  type,  amplitude 
and  frequency;  and  any  limit  values.  Complete  remote  operation  of  the  loadframe 
is  possible  from  this  GUI.  Two  other  GUI  panels  serve  to  configure,  control  and 
monitor  graphically  the  data  acquisition  of  both  the  load  and  position  digital 
signals  from  the  8500  and  the  multiple  channels  of  analog  signals  from  the  array 
of  sensors  on  the  fretting  rig.  The  user  can  configure  the  number  of  channels 
collected,  the  frequency  of  data  collection  and  the  number  of  points  collected  per 
cycle.  Once  this  data  is  collected  from  the  various  sources,  it  can  be  manipulated 
in  several  ways:  presented  in  real-time  on  screen  in  graphical  format,  processed 
on-line  with  a  wide  variety  of  mathematical  functions  provided  in  Lab  VIEW,  or 
written  automatically  in  binary  or  ASCII  format  to  a  storage  device  at  user-defined 
cycle  numbers  for  subsequent  post-processing. 

Verification  of  the  Fretting  Fatigue  Rig 

A  finite  element  model  of  the  rig  (Figure  5)  was  developed  using  ANSYS  to 
assist  in  the  design  refinement  and  verification  process  for  the  fretting  fatigue  rig. 
(ANSYS™  is  a  commercial  finite  element  package  provided  on  an  academic 
license  to  Purdue  University  by  Swanson  Analysis  Systems.)  The  purpose  of  this 
model  is  threefold:  (1)  to  characterize  the  relationship  between  the  loads  applied 
by  the  actuator  and  drawbars  and  the  associated  shear  load  on  the  pads,  (2)  to  help 
predict  the  magnitude  of  any  dynamic  load  effects  associated  with  the  forced 
vibration  of  the  fretting  fatigue  rig,  and  (3)  to  compare  measured  and  predicted 
shear  force  magnitudes,  Q. 

The  rig  was  modeled  using  two-dimensional  beam  elements  with  shear 
deformation  and  the  subsequent  analysis  was  linear  elastic.  The  specimen-pad 
contact  was  assumed  to  be  adhesive,  imposing  the  condition  of  no  relative  motion 
at  the  contact  surfaces.  No  stress  stiffening  was  considered.  Finally,  the  drawbars 
were  assumed  to  deform  predominantly  along  their  axis  and  hence  were  modeled 
as  spring  elements. 

From  an  analysis  of  the  results,  it  was  concluded  that  the  thickness  of  the 
cantilever  beams  had  the  largest  effect  on  the  compliance  of  the  fretting  rig. 
Subsequent  analyses  were  performed  for  varied  structural  configurations  and 
compared  with  the  corresponding  stiffness  values  measured  experimentally.  The 
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Figure  4:  Snapshots  of  two  virtual  instrument  (VI)  panels  used  in  the  fretting 
fatigue  experiments.  Figure  4(a)  shows  the  panel  configuring  and  monitoring 
the  DAQ  over  the  GPIB  connection  with  the  Instron  8500  controller,  while 
Figure  4(b)  displays  the  GUI  used  with  the  converted  analog  signals  from  the 
SCXI  chassis  and  A/D  board. 
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Figure  5  :  A  two-dimensional  finite  element  model  of  the  fretting  fatigue  test  rig. 
The  model  was  used  as  a  design  and  verification  tool  during  the  current 
experimental  program. 

parameter  used  to  benchmark  the  stiffness  of  the  rig  was  Q/F  ,  with  Q  being  the 
transverse  force  in  each  cantilever  and  F  the  bulk  load  applied  by  the  servo- 
hydraulic  load  frame. 

Two  experimental  configurations  that  employ  different  cantilever  stiffnesses 
are  being  used  in  the  current  study.  The  experimental  value  of  F  was  taken  from 
the  load  cell  of  the  servo-hydraulic  load  frame,  while  the  value  of  Q  was  taken 
from  the  difference  in  the  specimen  strain  gage  readings  above  and  below  the 
contact.  For  the  first  configuration,  the  FEM  solution  predicted  a  Q/F  ratio  of 
8.8%,  agreeing  well  with  the  experimental  ratio  of  9.2%  .  For  the  second 
configuration,  the  FEM  solution  predicted  a  ratio  of  12.9%,  compared  to  the 
experimentally-obtained  ratio  of  12.7%.  Thus  the  FEM  model  is  established  as  a 
useful  design  tool  to  predict  effects  of  modifications  of  the  individual  rig 
components  on  the  ability  of  a  given  configuration  to  generate  the  requisite  forces 
for  fretting  fatigue  contact.  It  was  also  observed  that  the  compliant  springs 
mounted  on  the  drawbars  reduce  the  effects  of  the  coupling  between  the  cyclic 
remote  loading  and  the  pressure  transmitted  through  the  drawbars  onto  the  fretting 
pads. 

In  the  spirit  of  ASTM  standard  E  467-90,  a  modal  analysis  of  the  rig  was 
performed  to  investigate  potential  structural  dynamic  effects.  Results  of  this  effort 
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revealed  the  principal  natural  frequency  of  the  rig  to  be  approximately  174  Hz.  As 
this  first  resonant  frequency  is  over  an  order  of  magnitude  higher  than  the 
operating  frequency  range  of  5-15  Hz  for  the  fretting  fatigue  tests,  the  effect  of 
structural  resonances  on  the  applied  fretting  loads  can  be  neglected  comfortably. 
The  modal  analysis  also  showed  the  response  of  the  system  to  be  linear  in  the 
operating  frequency  range. 

Further  refinement  of  the  model  is  currently  underway  to  correlate  the  strain 
readings  from  the  cantilever  beams  with  the  induced  tangential  force  on  the 
fretting  pads.  As  alluded  to  earlier,  such  a  calibration  will  enable  direct 
measurement  of  the  tangential  force,  Q,  from  the  strains  experienced  by  the 
cantilevers. 


Current  Experimental  Effort 

The  thrust  of  the  current  experimental  effort  is  to  correlate  the  nucleation 
behavior  of  fretting  fatigue  cracks  with  predictions  made  by  the  multiaxial  fatigue 
life  model  detailed  elsewhere  (Szolwinski  &  Farris  (1995)).  Past  studies  of 
fretting  fatigue  have  focused  primarily  on  the  role  of  fretting  fatigue  in  reducing 
total  fatigue  life.  The  studies  that  have  concentrated  on  fretting  crack  nucleation 
have  presented  only  either  empirical  observations  or  data  on  cycles  to  failure. 

By  choosing  an  appropriate  range  of  contact  parameters  (contact  halfwidths 
greater  than  approximately  1  mm  and  a  ratio  of  applied  tangential  force  to 
clamping  force  (Q/P)  between  0.25  and  0.50)  the  fretting  fatigue  crack  formation 


Experimental  Parameter 

Level  1 

Level  2 

Level  3 

_ Po(ksi) _ 

24 

28 

32 

12 

14 

16 

R  (in) 

5 

9.5 

12 

Q/P 

0.25 

0.35 

0.5  i 

Table  1:  Summary  of  typical  experimental  parameters  chosen  for  the  fretting 
fatigue  crack  nucleation  study 


damage  mechanism  dominates  over  any  wear  or  corrosion  processes.  This  study 
thus  focuses  on  determining  the  number  of  cycles  required  to  form  a  crack  of 
length  1  mm,  to  allow  for  correlation  with  multiaxial  fatigue  life  predictions. 
Values  of  maximum  contact  pressure  and  bulk  applied  stress  amplitude  were 
chosen  to  reflect  conditions  similar  to  those  experienced  by  the  rivet/skin  contact. 
Typical  experimental  parameters  are  summarized  in  Table  1 . 

These  parameters,  when  combined  with  the  apparent  coefficient  of  friction 
at  the  contact  interface,  characterize  fully  the  cyclic  stresses  and  strains  associated 


Cycles 

Figure  6:  A  plot  of  two  times  the  tangential  load,  2Q,  over  the  first  600  cycles  of 
a  fretting  fatigue  experiment.  Note  how  the  tangential  force  increases  rapidly  in 
the  first  few  cycles  and  then  levels  out  corresponding  to  a  rapid  increase  and 
eventual  stabilization  of  the  friction  coefficient  at  the  contact  interface. 

with  the  2-D,  plane  strain  fretting  fatigue  contact  problem  present  in  the 
experimental  setup  (Szolwinski  (1995)).  While  each  of  the  parameters  in  Table  1 
can  be  monitored  during  the  course  of  the  experiment,  the  apparent  coefficient  of 
friction  cannot  be  determined  directly  during  the  course  of  the  fatigue  experiment. 
Reviewing  Figure  6,  a  plot  of  the  applied  tangential  force,  Q,  during  the  initial  600 
cycles  of  an  experiment,  reveals  that  within  the  first  few  cycles,  the  tangential 
force  rises  rapidly  and  then  begins  to  approach  an  asymptotic  level.  This  behavior 
is  attributed  to  the  rapid  increase  and  stabilization  of  the  apparent  coefficient  of 
friction  under  the  partial  slip  conditions  present  in  the  fretting  contact  zone,  a 
behavior  reported  by  others  (Nishioka  &  Hirakawa  (1969),  Hills  et  al.  (1988))  in 
studies  of  the  fretting  of  steel  and  aluminum,  respectively. 

The  apparent  coefficient  of  friction  is  determined  by  halting  the  constant- 
amplitude  cyclic  loading  of  the  pads  and  specimen  and  then  applying  a  low 
frequency  (~  1  Hz)  cyclic  waveform  with  an  increasing  amplitude  envelope. 
Global  sliding  is  detected  by  monitoring  the  tangential  force  response.  As  the 
applied  load  cycles,  the  tangential  force  varies  in  phase  until  global  sliding 
commences.  Once  this  occurs,  the  peaks  of  the  tangential  force  response  are 
“clipped,”  as  the  surface  shear  traction  at  the  contact  interface  can  no  longer  resist 
the  applied  tangential  load.  At  this  point  of  incipient  sliding,  the  apparent 
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coefficient  of  friction  is  defined  as  p  =  Q/P.  Preliminary  test  results  for  contact 
between  2024-T351  aluminum  indicate  that  the  steady-state  apparent  coefficient 
of  friction  ranges  between  0.65  and  0.70,  confirming  observations  reported  by 
others  (Hills  et  al.  (1988))  for  ahiminum-on-ahiminum  contact. 

Since  this  estimate  of  friction  coefficient  at  the  contact  interface  completes 
the  characterization  of  the  fretting  fatigue  contact  conditions,  predictions  about 
the  nucleation  behavior  of  fretting  fatigue  cracks  based  on  multiaxial  fatigue 
theory  can  be  made.  Figure  7  presents  comparisons  between  the  life  predictions 
and  data  both  published  in  the  literature  (Nowell  &  Hills  (1990))  and  generated  as 
part  of  this  study.  The  necessary  fatigue  constants  for  the  material  used  in  the 
published  study  (assumed  to  be  2024-T4)  and  the  current  material  (2024-T351) 
were  obtained  in  the  literature  (Fuchs  &  Stephens  (1980)).  Comparison  between 
the  predictions  and  observed  lifetimes  shows  strong  agreement  between  the  theory 
and  experiment.  The  stress  calculation  in  this  prediction  is  a  modified  version  of 
the  Mindlin  stresses  field  that  does  not  account  for  the  effect  of  the  bulk  tension 
on  the  tangential  shear  traction.  Finite  element  analysis  of  the  fretting  contact  in 
the  experiment  by  McVeigh  (1995)  justifies  this  assumption. 
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Figure  7:  Comparisons  between  multiaxial  life  predictions  and  experimental 
observations. 
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Implications  to  Aging  Aircraft 

Application  of  the  multiaxial  fatigue  life  criterion  to  the  three  structural 
configurations  presented  in  Figure  8  delivers  a  striking  commentary  about  the 
critical  role  contact  plays  in  the  nucleation  of  cracks  at  the  rivet/skin  interface. 
Each  member  (a  simple  strip,  a  strip  with  a  hole  and  a  hole/rivet  assembly 
experiencing  load  transfer)  is  subjected  to  a  bulk  oscillatory  stress  of  12  ksi, 
typical  of  those  seen  by  a  common  aircraft  member  during  service.  For  the  first 
member,  the  stress  amplitude  of  12  ksi  is  well  below  the  22  ksi  endurance  limit 
for  2024-T3  aluminum  and  runout  occurs.  However,  for  the  second  member,  the 
plate  with  a  hole,  the  stress  concentration  of  approximately  three  at  the  edge  of  the 
hole  results  in  the  nucleation  of  a  crack  in  about  500,000  reversals  (2  reversals  =  1 
cycle).  Finally,  for  a  typical  case  of  36%  load  transfer  through  a  single  rivet/skin 
contact,  the  life  to  nucleate  a  crack  of  1  mm  in  length  is  predicted  to  be  only 
50,000  reversals  (Farris  et  al.  (1996)).  The  importance  of  this  prediction  is 
amplified  by  recalling  that  these  rivet  hole  cracks  are  not  isolated  damage  sites; 
they  have  the  potential  to  interact  and  lead  to  sudden,  catastrophic  failure. 


2Nf  >  1 07  reversals  2N,  ~  5  xl  0s  reversals  2N,  <  5  x  1 04  reversals 

Figure  8:  A  sketch  of  three  simple  structural  components  with  identical  remote 
loadings  and  the  associated  number  of  reversals  to  nucleate  a  crack.  Note  the 
sharp  reduction  in  life  due  to  the  contact  between  the  rivet  and  hole. 
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Conclusions 

Fretting  is  important  to  the  nucleation  of  MSD  in  aging  aircraft.  A  fully- 
automated  test  procedure  for  examining  fretting  crack  formation  lives  is 
underway.  Preliminary  results  indicate  that  multiaxial  fatigue  theory  can  be 
combined  with  the  fully-characterized  stress  state  to  predict  crack  formation  life. 
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Experimental  Observation  of  the  Effect 
of  Contact  Parameters  on 
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Fatigue  Crack  Growth  in  Riveted  Lap  Joints 
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Abstract 

Fatigue  life  predictions  of  longitudinal  riveted  lap  joints  in  a  transport  aircraft 
pressurized  fuselage  has  been  a  growing  concern  due  to  recent  catastophic  failures 
and  the  large  number  of  geriatric  aircraft  in  both  the  military  and  civil  fleets.  An 
adequate  prediction  methodology  has  yet  to  be  developed  which  models 
representative  structure  under  combined  loading.  Predictions  in  coupon  specimens 
under  combined  tension  and  bending  have  proved  successful  for  the  part  through 
crack  growth;  however,  the  through  crack  portion  remains  inadequate.  For  the 
asymmetric  riveted  lap  joints  tested,  obtaining  a  crack  growth  history  in  is  difficult 
since  the  cracks  nucleate  on  the  faying  surface  of  the  joint.  However,  employing  a 
simple  marker  load  spectrum,  understanding  of  the  crack  growth  rate  and  stress 
intensity  is  obtained. 


Introduction 


The  inherent  complexity  of  mechanically  fastened  joints  has  restricted 
development  of  prediction  techniques  which  accurately  model  the  physical 
structure  in  the  operational  environment.  The  discussion  here  will  focus  on  those 
parameters  germane  to  riveted,  single  shear,  lap  joints  common  to  transport 
aircraft  fuselages.  Specifically,  the  sheet  material  is  quite  thin,  1.0  -  2.2  mm,  rivet 
diameter  4.8  mm,  rivet  pitch  20  -  25  mm.  Although  only  joints  with  two  rivet 
rows  have  been  investigated  thus  far,  the  number  of  rivet  rows  used  in  practice 
ranges  from  two  to  five  with  stiffening  elements  running  the  length  of  the  joint 
inside  the  fuselage.  The  primary  load  condition  is  pressurization  of  the  fuselage 
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giving  hoop  stresses  ranging  from  70  -  100  MPa1 .  How  the  hoop  stress  is 
distributed  through  the  lap  joint  is  of  fundamental  importance.  The  local  behavior 
in  the  lap  joint  significantly  contributes  to  the  stress  state  at  the  fatigue  critical 
locations. 


Background 

Little  experimental  evidence  is  available  regarding  fatigue  crack  growth  in 
riveted  lap  joints.  In  order  to  understand  the  fatigue  behavior  in  the  actual  built  up 
structure,  the  behavior  in  the  component  parts  must  first  be  understood.  This 
research  is  evolutionary  in  development  beginning  with  simple  sheet  specimens 
containing  an  open  hole  and  ultimately  concluding  with  component  sized  stiffened 
curved  panels.  The  goal  of  each  phase  in  the  program  is  to  understand  the  effect 
of  geometry  and  load  conditions  on  the  crack  growth  rate,  crack  front  shape,  and 
stress  intensity  factor. 

In  light  of  the  complexity  of  the  riveted  lap  joint,  special  consideration  is 
given  to  employing  various  experimental  techniques  to  facilitate  measurement  of 
the  aforementioned  parameters  of  interest.  Specifically,  crack  growth  in  the  lap 
joint  is  extremely  difficult  to  monitor  in  situ  since  the  crack  is  not  visible  until 
penetration  of  the  back  surface.  Recall,  in  a  single  shear  lap  joint  the  maximum 
bending  occurs  on  the  mating  surface  not  on  the  free  surface;  therefore,  the  part 
through  crack  must  grow  through  the  thickness  before  becoming  visible.  Also, 
due  to  the  significant  amount  of  bending,  the  back  surface  (free)  crack  front  does 
not  catch  up  to  front  surface  (faying)  as  quickly  as  in  fatigue  under  pure  tension. 
Continuous  crack  growth  monitoring  provides  information  regarding  crack  growth 
rate  and  stress  intensity,  but  crack  front  shape  can  only  be  accurately  determined 
by  destructive  inspection  of  the  fracture  surface.  As  a  result,  tests  are  conducted 
to  obtain  all  three  parameters  of  interest. 

The  loading  in  lap  joints  is  a  combination  of  remote  tension  (biaxial), 
remote  bending,  local  bending,  rivet  load,  rivet  interference,  clamp  up,  and  friction. 
The  magnitude  of  the  bending  stress  due  to  the  hoop  stress  ranges  from  one  half  to 
two  times  the  remote  tensile  stress.2  The  first  series  of  tests,  open  hole  specimens, 
were  designed  to  investigate  the  effect  of  the  bending  stress  on  the  crack  growth 
behavior.  The  second  series,  asymmetric  lap  joint,  targeted  the  effect  of  pin 
loading. 


Experimental 


A  method  of  reliably  introducing  cyclical  tension  and  bending  in  a  thin 
sheet  fatigue  specimen  was  developed.  Nam  et  al.  had  developed  such  a  specimen 
which  was  asymmetrically  milled  from  thick  plate  material.3  The  stress  intensity 
factor  depends  on  thickness  and  manufacturing  process  (for  example,  cold  rolling, 
extruding,  forging);  therefore,  using  a  milled  to  thickness  specimen  introduces 
another  unwanted  degree  of  variability.  In  addition,  to  maintain  the  representation 
of  typical  aircraft  structure,  the  thin  sheet  specimen  was  chosen. 

Several  open  hole  tension  and  bending  specimens  were  tested.  Typical 
specimen  design  is  shown  Figure  1 . 


Loaded  Adhesive  Layer  Not  Shown  for  Clarity 


Figure  1.  Typical  Open  Hole  Specimen 

Due  to  the  eccentricity  in  the  bonded  joint,  a  controllable  bending  moment  is 
introduced  in  the  specimen  as  a  non  linear  function  of  the  applied  load.  The 
bonded  joint  allows  for  smooth  load  transfer  into  the  specimen  unlike  that  of  a 
mechanically  fastened  joint.  The  specimen  was  designed  to  obtain  a  bending  factor 
of  1.0  where  the  bending  factor  is  defined  as 
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,  ®  bending 

k  = - 

®  tension 

Miiller  has  shown  the  secondary  bending  in  a  riveted  lap  joint  can  yield  bending 
factors  ranging  from  0.5  -  2.0.  All  three  test  series  performed  with  2024-T3  clad 
aluminum  designed  to  have  k  =  1.0,  thickness  of  1.6  mm,  and  hole  diameter  of 
4.8  mm.  The  width  varied  to  accommodate  the  number  of  holes,  one,  five,  or 
seven,  while  maintaining  a  hole  pitch  of  25  mm.  The  length  was  chosen  by 
convenience  keeping  in  mind  the  effect  on  the  bending  moment  is  negligible  if 
greater  than  the  width.  The  holes  were  drilled  undersized  then  reamed  to  4.8  mm. 
Fatigue  and  static  tests  were  performed  on  60  and  250  kN  electro  servo  hydraulic 
load  frames  For  each  specimen  type,  a  strain  survey  was  completed  to  determine 
the  stress  field  in  the  area  of  interest  in  addition  to  verifying  the  applicability  of  the 
analytical  solution  for  predicting  the  bending  moment.  Each  of  the  three 
specimens  had  a  unique  purpose  even  though  they  were  fundamentally  common. 
The  five  hole  specimen  was  tested  first  in  order  to  determine  the  utility  of  the 
specimen  design  in  creating  the  desire  bending  moment.  In  addition,  crack 
initiation,  crack  growth  rate,  and  fatigue  life  were  obtained.  Next,  the  single  hole 
specimen  was  intended  to  negate  any  crack  interaction  which  may  be  present  in  the 
multi-hole  specimens.  Lastly,  the  seven  hole  specimen  was  used  to  determine  the 
effect  of  secondary  bending  on  part  through  and  through  crack  development  from 
crack  detection  to  failure. 

An  asymmetric  single  shear  riveted  lap  joint  was  also  investigated  and  is 
shown  in  Figure  2.  The  asymmetry  negates  the  difficulty  in  calculating  the  load 


transfer,  but  still  allows  for  observation  of  the  effect  of  the  rivet  load  on  fatigue. 


The  lap  joint  test  is  the  first  step  towards  built  up  structure  offering  the 
benefits  of  realism  and  complexity  of  variability.  Much  of  this  specimen  design 
was  effected  by  Miiller’  s  work  with  respect  to  specimen  size  and  rivet  squeeze 
force.  To  avoid  the  edge  effect  seen  in  coupon  size  lap  joints,  a  relatively  narrow 
width  was  chosen.  In  the  overlap  region,  the  thickness  and  therefore  stiffness  of 
the  specimen  is  greater  offering  a  higher  resistance  to  poisson  contraction  with 
respect  to  the  single  sheet  areas.  The  edge  effect  is  premature  cracking  at  the 
outer  rivets  due  to  the  higher  rivet  loads  caused  by  the  poisson  constraint.  Muller 
the  force  with  which  the  rivet  is  driven  can  have  a  significant  effect  on  load 
transmission,  crack  nucleation,  and  fatigue  life2.  A  low  rivet  squeeze  force  was 
chosen  in  an  attempt  to  isolate  load  transmission  by  the  rivet  only  and  not  by 
friction  and  clamp  up  forces  which  are  present  at  higher  squeeze  forces.  In 
addition,  less  hole  expansion  thus  less  residual  stresses  around  the  hole  are  present 
which  effect  small  crack  growth  behavior. 

In  situ  crack  detection  and  growth  was  monitored  using  traveling  optical 
microscopes  ranging  in  magnification  from  20  -  80X.  Since  cracks  nucleating  and 
growing  in  lap  joints  do  so  on  the  faying,  hidden,  surface;  the  cracks  are  not  visible 
until  they  have  penetrated  the  back  free  surface.  The  gel  electrode  method  was 
also  attempted  but  due  to  the  high  stress  levels  was  not  successful.  A  viable  in  situ 
crack  monitoring  techniques  for  small  crack  has  yet  to  be  developed. 

Discussion  and  Results 

By  isolating  each  contributing  factor  to  crack  growth  in  riveted  lap  joints,  a 
better  understanding  of  the  the  individual  factors  can  be  obtained.  Tension  and 
bending  being  the  predominant  loading  were  investigated  first.  As  seen  in  Figure 
3,  the  analytical  model  predicts  both  the  tensile  and  bending  behavior  of  the  open 
hole  specimens.  This  model  was  used  to  design  all  subsequent  specimens; 
however,  each  new  design  was  validated  with  a  strain  survey  in  the  area  of  interest. 
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Figure  3. 1-Hole,  Open  Hole  Specimen  Stress  Behavior  and  Prediction 


The  effect  of  secondary  bending  has  a  large  effect  on  the  fatigue  performance  as 
seen  in  Figure  4. 
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Figure  4.  Effect  of  Secondary  Bending  on  Fatigue  Life  of  5-Hole  Open  Hole 
Specimen 
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Predictions  of  the  fatigue  crack  growth  for  the  single  and  seven  hole  specimens 
have  been  made  for  the  part  through  crack  using  the  Newman/Raju  finite  element 
stress  intensity  solution.4  Figure  5  depicts  five  separate  cracks  from  one  7-hole 
specimen  that  was  statically  overloaded  prior  to  fatigue  failure.  The  crack  growth 
behavior  is  strongly  influenced  by  the  flaw  shape;  therefore,  the  small  errors  in  the 
predictions  can  be  attributed  to  a  poor  initial  flaw  shape  assumption.  In  a  pure 
tensile  fatigue  test,  the  crack  depth  grows  faster  than  the  crack  length  on  the  free 


Symbols:  Measured  Data 

-  Predictions 

121.95  kcycles 


0  0.1  02  0.3  0.4  0.5  0.6  0.7  0.8  0.9  1  1.1  1.2  13  1.4  1.5  1.6  1.7 

Crack  Length,  c  (mm) 

Figure  5.  Part  Through  Crack  Predictions  for  7-Hole 
Open  Hole  Specimen 

surface  due  to  the  higher  stress  intensity  in  the  depth  direction.  However,  with 
bending  present,  the  stress  at  the  free  surface  is  higher  than  at  the  crack  depth 
which  appears  to  result  a  similar  crack  driving  force  at  both  locations.  As  might  be 
expected,  as  the  bending  factor  changes  so  does  the  aspect  ratio;  increasing  k  leads 
to  shallow  cracks,  decreasing  k  deep  cracks.  The  aspect  ratio  for  all  cracks 
measured  ranged  from  0.75  - 1.1  with  a  mean  value  of  approximately  0.95. 


Predicting  the  through  the  thickness  cracks  has  not  resulted  in  similar 
success  as  that  of  the  part  through  crack.  The  NASGRO  TC09  solution  was  used 
for  all  through  cracks  and  yielded  poor  results.  For  instance,  the  single  open  hole 
specimen  results  are  shown  in  Figure  65  ’6  ’7  ’8 . 
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Figure  6.  NASGRO  TC09  Predictions  for  1-Hole  Open  Hole  Specimen 


The  poor  performance  of  this  solution  for  the  given  test  data,  in  addition  to  the 
asymmetric  lap  joint  data,  has  three  possible  sources.  With  respect  to  the  bending 
component,  either  the  bending  stress  in  the  area  of  interest  in  incorrectly 
characterized,  or  the  boundary  correction  factor  equation  is  inadequate.  This 
solution  has  been  shown  to  satisfactorily  predict  fatigue  life  for  tension  only  fatigue 
tests.  The  crack  front  shapes  of  the  through  crack,  as  shown  in  Figure  7,  are 
oblique. 
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Figure  7.  Oblique  Crack  Front  in  7-Hole  Open  Hole  Specimen 


Once  the  part  through  crack  penetrates  the  back  surface,  the  back  surface  crack  tip 
does  not  “catch  up”  to  the  front  surface  crack  tip  as  it  does  under  pure  tension. 

The  crack  front  remains  oblique  until  the  onset  of  instability.  This  solution  does 
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not  account  for  a  non  straight  crack  front.  The  cause  of  the  error  in  predicting  the 
bending  behavior  has  yet  to  be  determined,  but  all  predictions  under  estimate  the 
fatigue  life  meaning  the  stress  intensity  is  being  over  estimated.  Three  dimensional 
finite  element  analysis  is  being  used  to  develop  the  stress  intensity  factor  solutions 
for  an  oblique  through  crack. 

The  fatigue  tests  of  the  asymmetric  lap  joint  have  shown  the  dependence  of 
the  crack  nucleation  site  on  the  rivet  squeeze  force.  For  the  NAS  1097AD6-6 
rivet,  a  squeeze  force  of  10  kN,  resulting  in  a  ratio  of  the  driven  head  diameter  to 
nominal  diameter  of  1 . 1 ,  yields  cracking  at  the  net  section.  Increasing  the  rivet 
squeeze  force  shifts  the  nucleation  site  above  the  hole.  Muller  found  that  with  a 
diameter  ratio  of  1.75,  the  cracks  do  not  nucleate  at  the  hole,  but  above  the  hole 
where  the  local  bending  is  highest2.  Due  to  the  difficulties  in  measuring  the 
penetrated  crack  length,  a  crack  length  versus  cycles  curve  could  not  be  reliably 
constructed.  Crack  measurement  is  hindered  by  the  plasticity  around  the  crack  and 
the  distortion  of  the  area  surrounding  the  crack  due  to  the  compressive  stress  on 
the  free  surface  during  a  majority  of  the  load  cycle. 

An  alternative  to  visually  measuring  the  cracks  during  the  test  is  to  add  a 
marker  load  cycle  to  the  otherwise  constant  amplitude  spectrum  to  mark  the 
fracture  surface.  By  examining  the  fracture  surface  with  a  scanning  electron 
microscope,  the  crack  length  versus  cycles  can  be  deduced.  The  clearest  marker 
bands  were  visible  with  a  fatigue  cycle  stress  ratio,  R,  of  0.5  and  a  marker  cycle 
with  R  =  0.0.  The  fatigue  cycle  stress  ratio  was  systematically  decreased  to 
determine  the  minimum  value  which  would  produce  reliably  countable  marker 
bands.  Ideally,  the  test  stress  level  should  mirror  the  operational  environment 
stress  level  which  yields  an  R  =  0  for  the  ground-air-ground  cycle;  however,  for 
marker  bands  the  minimum  R  is  0.2.  The  spectrum  used  50  fatigue  cycles 
followed  by  only  one  marker  cycle.  Marker  bands  were  visible  for  cracks  as  small 
as  0.03  mm.  As  can  be  seen  from  Figure  8  the  crack  growth  rate  determined  from 
ffactography  is  consistent  with  that  from  visual  observation. 
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Figure  8.  CCT  Specimen  with  Marker  Load 

The  introduction  of  the  marker  load  in  the  fatigue  tests  of  the  asymmetric  lap  joints 
may  give  insight  to  the  magnitude  of  the  stress  intensity  for  small  cracks  around 
the  rivet  hole.  The  marker  bands  tend  to  disappear  at  higher  crack  growth  rates, 
therefore,  constructing  a  crack  length  versus  cycles  history  for  the  complete 
fatigue  life  doesn’t  not  appear  possible. 

Conclusions  and  Future  Work 

Predictions  for  the  open  hole  specimens  loaded  under  remote  tension  and 
bending  are  excellent.  Once  the  crack  penetrates  the  back  surface  the  current 
methodology  is  lacking.  Work  is  currently  underway  to  develop  stress  intensity 
factor  equations  for  a  through  crack  with  the  an  oblique  front  under  general 
combined  loading.  The  marker  load  spectrum  offers  potential  insight  to  the  fatigue 
crack  growth  in  rivet  lap  joints  and  will  be  explored  further.  As  prediction 
methods  for  the  simple  structure  are  validated,  the  realism  of  the  structure  will  be 
increased  in  an  attempt  to  predict  fatigue  crack  growth  in  a  longitudinal  riveted  lap 
joint  of  a  pressurized  fuselage  in  a  transport  aircraft. 
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NASA  Deliverables:  FRANC3D  /  STAGS,  CTO  A  fracture  criterion 


FRANC3D  /  STAGS  Residual  Strength  Analysis  Methodology 


0> 

© 

U  38 

^  £ 
'w  * 
fl 

©  s* 

2  >o 
s 

S| 

oil 

rJlO 

<z>  s>% 

'O  »C> 

5i*S 

•  mm  ^ 

cd  ^ 

Z  ^ 
<  ^ 

s  | 

54 

$  I  »3 


j»  "o 

«  J 
-S.5 
oil 

—  o 
co 
u 

S*^ 

Oita 

& 

°  §* 
CA  ^ 

is 

£■« 

c,  « 

<1  £ 

i3r 

3 

HI 

cd 


'gt* 
rl  *> 
u  g. 

» .s 

o  ^ 

a  g> 

53 

Cfl  > 

O  ^ 

H^ 

cn 


W)"55 

®ta 
o  O 

a  a, 
o  ® 
x 

«  S 

S'* 

15 

!•§ 
•<3  ^ 
x  > 
W)*3 

C 

O 

O 


u>  -  Jg 

«  fa 

tM  £  a 

®  2  & 

CA  W)  O) 

*CA  M  L- 

>i  «®  2 

J-  0  3 

3  3  0 

C  o  C 

3  .22  ®  a 

v3  >5  o  5 

•a  3  a  a  » 

1  SSBb 

€  "  §  •?  3  8 

o  ©  c  S3  a  ’So 

^  5^  ?  2  3 

£  a  *  c  s  2 

5  c5 « 

o  CA  O  gjj 

2  o  S  g  §  a 

cS  03  —  ««  -2  a 

flj  “  *■*  O) 

a  c  fi 

a  13  g  2  f  £ 
a  a  .2  O  *-  - 
§o  u  3  S  a  g 

•«  .a  Su  o  3  .a 

6  h  a>  **  o  pC 

Cm  ’tl  rj  *— • ■»  O 

^  ©  51  ©  £ 

^  S  &.>  5  g 

<2  SiUs.2 
8  “|5j3'b 
I  3  a  -  %  -3 

3  O  O  o  O 

x  _  a  a  S  ® 

5  ^3  3  3  B#S 

«  *S  s  §  •*  8 

o  o  o  o  o  X 

a  ts  a  3  © 
o  J2  a  a  «-  p-j 

a 


296 


Stable  tearing  and  fracture  criteria 


FRANC3D  /  STAGS  (turning  crack,  mesh  mapping) 
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Crack  Analysis  Using  FRANC3D  /  STAGS 

odels:  internal  pressure,  bending,  vertical  shear 

2-bay  model,  edge  displacements  from  6-bay  by  6-bay  model 


Curvilinear  Crack  Extension:  internal  Pressure  +  Shear 
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CRITICAL  CRACK-TIP-OPENING  ANGLE  (CTOA) 

FRACTURE  CRITERION 
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PREDICTION  METHODOLOGY  VERIFICATION  PROGRAM 
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Landing  Parameter  Surveys  of  Transport  Aircraft 

Mr.  Richard  P.  Micklos 

Naval  Air  Warfare  Center,  Aircraft  Division,  Warminster 
P.O.  Box  5152,  Warminster,  Pa.  18974-0591 


Background: 

The  Naval  Air  Warfare  Center,  Aircraft  Division,  Warminster  PA., 
developed  the  Naval  Aircraft  Approach  and  Landing  Data  Acquisition  System 
(NAALDAS)  to  collected  landing  parameter  data  for  carrier  landings.  As  part 
of  an  interagency  agreement  with  the  Federal  Aviation  Administration 
Technical  Center,  we  have  successfully  modified  NAALDAS  to  measure 
landing  parameters  of  commercial  jet  transport  aircraft.  This  report  will 
describe  some  of  the  results  and  preliminary  findings  from  these  surveys. 

Three  surveys  of  jet  transport  aircraft  have  been  performed.  The  first 
FAA  sponsored  survey  was  performed  at  John  F.  Kennedy  International 
Airport  in  June  of  1994.  A  second  FAA  survey  was  completed  at 
Washington  National  Airport  in  June  1995.  An  additional  FAA  survey  is 
scheduled  for  this  fiscal  year  and  others  have  been  proposed.  Over  one 
thousand  landings  were  recorded  at  both  John  F.  Kennedy  and  National 
Airports.  The  Navy  funded  a  survey  at  Tinker  Air  Force  Base  in  July  1994.  A 
much  smaller  sample  (135  landings)  of  Boeing  707  type  aircraft  were 
analyzed  from  Tinker  Air  Force  Base 

Purpose: 

These  landing  parameter  surveys  are  being  conducted  to  acquire  large 
amounts  of  typical  transport  operational  data  to:  (1)  validate/update  current 
design  requirements,  references  (a  ),  which  for  commercial  aircraft  are 
derived  from  usage  data  measured  during  the  1950s,  (2)  provide  detailed 
characterization  of  typical  transport  airplane  landing  velocities  and  angular 
displacements,  and  (3)  determine  if  there  are  any  significant  operational 
trends  which  would  warrant  further  analysis. 

Reference  (b)  states  that  landing  gear  was  the  most  common 
commercial  jet  transport  system  involved  in  an  accident.  In  addition,  for  all 
the  landing/taxi  accidents,  hard  landings  events  were  the  most  common. 
Figure  (1)  presents  the  chronological  listing  of  hard  landing  accidents  by 
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calendar  time.  Figure  (2)  presents  the  hard  landing  accident  rate  data  which 
indicates  that  the  rate  of  hard  landing  accidents  has  not  changes  over  the 
previous  twenty  years. 

The  first  video  landing  survey  was  conducted  at  JFK  International  to 
collect  large  quantities  of  wide  body  jet  aircraft  data.  The  prior  NASA 
surveys  collected  only  data  from  narrow  body  B-707  and  DC-8  airplanes.  In 
fact,  the  preliminary  results  from  the  JFK  video  survey  suggests  that  aircraft 
sink  rates  increase  with  airplane  weight.  Data  from  these  and  future  surveys 
could  be  significant  in  the  design  and  certification  of  a  very  large  transport. 

Although  commercial  jet  transport  landing  loads  are  evaluated  as  part 
of  the  test  and  certification  program,  no  known  program  exists  to  analyze  the 
actual  loads  imposed  during  commercial  operations.  There  is  very  little 
operational  landing  data  available  for  commercial  aircraft  design,  and  none  for 
wide  bodied  jet  transports.  Implementation  of  this  new  video  technology 
permits  the  FAA  to  determine  structural  loads  information  for  commercial 
aircraft  operations.  Operational  and  safety  constraints  limited  the  use  of  the 
Navy's  film  based  landing  parameter  system  in  this  application. 

For  both  military  and  civil  applications,  these  survey  methods  have  the 
following  advantages  over  using  on-board  instrumentation: 

-The  analysis  requires  no  installation  of  equipment  on  the  observed 
aircraft 

-  Records  are  obtained  without  interference  with  normal  airport 
operations 

-  Records  yield  a  large  number  of  aircraft  approach  and  initial  contact 
parameters 

-  The  system  enables  the  study  of  a  large  number  of  landings  at 
minimal  costs 

-  Permanent  records  are  available  for  reference  purposes 


Brief  Description  of  NAALDAS: 

The  data  acquisition  system  consists  of  a  high  resolution  frame  grab 
video  camera,  laser  disk  recorder,  and  computer  control  unit.  Figure  (3) 
shows  a  typical  video  camera  installation  used  during  the  National  Airport 
Survey. 

NAALDAS  has  been  modified  for  commercial  transport  applications  by 
the  addition  of  a  series  of  four  (4)  video  cameras  located  along  the  edge  of 
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FIGURE  1:  HARD  LANDING  ACCIDENTS 
BY  CALENDER  YEAR 


Hard  Landing  Accidents  (World  Wide 
Trend  Data,  Western  Made  A/C) 
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FIGURE  2:  HARD  LANDING  ACCIDENT  RATE 
PER  100,000  LANDINGS 
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the  runway.  Figure  (4)  is  a  sketch  of  the  camera  location  and  coverage  of  the 
multiple  camera  system.  The  images  from  these  cameras  are  recorded 
sequentially  as  the  aircraft  passes  through  their  field  of  view.  This 
modification  expands  the  system  coverage  area  to  approximately  2000  ft  of 
the  touchdown  region  of  the  runway.  To  eliminate  interference  and  line 
losses  between  the  cameras  and  recording  station,  fiber  optic  signal  cables 
are  used. 

Image  features  are  measured  on  each  video  frame.  Figure  (5)  is  a 
typical  video  image  showing  the  track  windows  which  are  used  to  track 
image  features.  These  measurements  are  then  corrected  for  angular 
distortion  caused  by  camera  location  and  for  aircraft  roll  and  yaw  attitude. 
The  image  measurements  are  compared  with  known  dimensions  on  the 
aircraft.  The  differences  in  measured  positions  in  successive  frames  are  used 
to  calculate  displacement  time  curves  of  the  image  features.  These  curves 
are  differentiated  and  the  values  of  aircraft  velocities  are  determined. 

This  system  provides  data  on  the  following  landing  parameters: 

Engaging  Speed  (Closure  speed  with  the  camera) 

Approach  Speed  (Engaging  Speed  plus  prevailing  wind 
component) 

Sinking  Speeds  of  the  port,  starboard  and  nose  landing  gear 
wheels 

Sinking  Speed  of  the  average  position  of  the  main  wheels. 

Roll  attitude  and  rate 

Pitch  attitude  and  rate 

Runway  off  center  distance 

Runway  threshold  to  touchdown  distance 

Yaw  angle  at  touchdown 

Flight  Path  Angle  at  touchdown 

Glide  slope  Angle  (Instantaneous  and  Geometric) 

A  more  complete  description  of  the  NAALDAS  System  was  provided  in 
previous  Air  Force  Structural  Integrity  Program  presentations,  references  (c) 
and  (d). 

System  Operational  Advantages: 

The  NAALDAS  landing  parameter  survey  system  collects  data  in  the 
actual  operational  environment.  During  these  surveys,  data  has  been 
collected  during  low  visibility  Instrument  Landing  System  (ILS)  landings. 
Landings  with  significant  cross  wind  and  tail  wind  components  have  been 
observed  both  at  JFK  International  and  Washington  National  Airport.  During 
system  testing,  landings  were  even  recorded  during  a  snow  storm  at  the 
Atlantic  City  International  Airport. 
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AIRPORT  CAMERA  SETUP 
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FIGURE  4:  SKETCH  OF  VIDEO  CAMERA  COVERAGE 
DURING  COMMERCIAL  AIRCRAFT  LANDING  SURVEY 


Figure  5:  Video  Image  of  NAVY  E-6  Aircraft  Landing 
Showing  Track  Windows  Used  to  Track  the  Aircraft 
Landing  Gear  to  Determine  Image  Feature  Positions 


The  analysis  of  the  video  image  data  provides  the  aircraft's  closure 
speed  with  respect  to  the  camera.  Approach  speed  is  the  sum  of  closure 
speed  and  the  component  of  wind  parallel  to  the  centerline  of  the  runway. 

The  use  of  hourly  weather  summaries  to  provide  wind  data  resulted  in  an 
approximate  value  of  approach  speed  reported  for  the  JFK  survey.  A  survey 
anemometer  was  installed  to  collect  more  reliable  wind  information  during  the 
Washington  National  and  Tinker  Air  Force  Base  surveys. 

Current  equipment  constraints  permitted  us  to  instrument  only  one  end 
of  one  runway  at  each  survey  site.  We  are  currently  expanding  our  capability 
to  instrument  a  second  location  for  future  surveys. 

JFK  Airport  Survey  Results: 

With  two  thirds  of  the  1 030  JFK  landings  processed,  some  trends  have 
been  observed.  However,  this  is  only  an  initial  data  sample  and  the  trends 
may  not  be  typical  of  operations  at  other  airports. 

The  approach  to  runway  1 3L  requires  a  right  turn  on  to  final  and  the 
cross  winds  at  times  appeared  to  contribute  to  line  up  difficulties  for  some 
pilots.  Discussions  with  airport  operations  personnel  indicated  that  this  was 
a  normal  operating  condition  in  the  summer  months. 

Landing  parameters  for  over  230  wide  body  jet  transports,  250  narrow 
bodied  transports  and  160  commuter  aircraft  landings  have  been  processed. 
Statistical  summaries  of  the  principle  landing  parameters  for  the  landings 
processed  to  date  are  presented  in  table  1 .  These  summaries  are  grouped  by 
aircraft  categories,  either  wide  body,  narrow  body  or  commuter.  In  addition 
six  landings  of  the  Concorde  were  also  processed.  Scatter  plots  of  aircraft 
sink  speed  versus  landing  weight  and  approach  speed  versus  landing  weight 
are  presented  as  figures  (6)  and  (7). 

The  first  observation  made  was  the  number  of  high  sink  speed  landings 
in  this  survey.  While  the  NAVY  routinely  observes  aircraft  sink  speeds  of 
1 0  ft/sec  during  carrier  operations,  it  was  anticipated  that  an  event  greater 
than  four  ft/sec  would  be  rather  rare  in  commercial  operations.  The  results 
to  date  indicate  that  over  ninety  landings  (over  1 5%)  had  sink  speeds  in 
excess  of  four  ft/sec  and  six  landings  were  in  the  eight  to  nine  ft/sec  range. 
The  design  limit  descent  velocity  is  ten  ft/sec.  The  military  specification, 
MIL-A-8866,  for  transport  aircraft  assumes  a  ten  ft/sec  landing  occurs  once 
in  two  thousand  landings  and  a  nine  ft/sec  landing  once  in  one  thousand 
landings.  Figure  (8)  compares  the  observed  sink  speed  frequency  distribution 
from  JFK  with  the  criterion  of  Mil  A-8866. 

Although  the  primary  objective  of  this  survey  was  to  determine  typical 
landing  parameters  for  heavy  wide  body  and  wide  body  jet  transports, 
significant  numbers  of  narrow  body  jet  transports  and  commuter  types  were 
recorded.  During  the  analysis  of  the  wide  bodied  jets,  it  became  apparent 
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JOHN  F.  KENNEDY  INTERNATIONAL  AIRPORT  SURVEY  PRELIMINARY  DATA 
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TABLE  I:  JFK  LANDING  DATA  COMPARISON  BY  AIRCRAFT  CATEGORY 
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FAA  JFK  SURVEY 


APPROACH  SPEED  VS  LANDING  WEIGHT,  ALL  JET 
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ALL  JET  TRANSPORTS 
FAA  JFK  SURVEY 
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FIGURE  8:  COMPARISON  OF  SINK  SPEED  PR' 
BY  AIRCRAFT  CATEGORIES 


that  the  larger  wide  body  aircraft  were  landing  at  an  even  higher  sink  rate 
than  the  twin  jet  aircraft  in  the  same  classification.  The  mean  sink  speed  for 
the  "heavy  wide  body  jets"  was  found  to  be  over  3.0  ft/sec.  The  "heavy 
wide  body"  category  for  this  study  was  defined  as  consisting  of  the  Boeing 
747,  McDonnell  Douglas  DC-10  and  MD-1 1  as  well  as  the  Lockheed  L-101 1 . 
The  twin  jet  aircraft,  Boeing  767,  Airbus  A300  and  A3 10  were  grouped  in 
the  "wide  body  jet"  category.  These  twin  jets  had  an  average  sink  speed  of 
2.4  (ft/sec)  which  is  much  closer  to  the  value  of  2.1  ft/sec  reported  for  the 
narrow  body  jet  aircraft. 

Histograms  presenting  the  sink  speed  distribution  for  these  category  of 
aircraft  are  presented  in  figures  (9),  (10),  (11)  and  (12). 

Heavy  Wide  Body  Aircraft: 

Two  of  the  six  highest  sink  speed  landings  of  figure  (6)  are  heavy  wide 
bodied  aircraft;  one  Boeing  747,  and  one  Lockheed  LI  01 1 

The  Boeing  747  landing  at  almost  nine  (9)  ft/sec.  and  the  L-101 1  at 
over  eight  (8)  ft/sec.  The  Boeing  747  landed  when  the  prevailing  cross  wind 
component  was  14  knots  and  the  LI  01 1  had  a  ten  knot  cross  wind 
component.  Cross  wind  gusts  during  these  landings  may  have  had  a 
significant  effect  but  this  information  was  not  available.  Both  of  these 
landings  were  recorded  by  the  first  camera  (closest  to  the  runway  threshold) 
in  the  four  camera  configuration,  indicating  the  aircraft  did  not  flare  during 
these  landings.  Thus  they  landed  in  the  first  500  ft  of  the  camera  coverage 
zone. 

Separate  plots  of  the  heavy  wide  body  aircraft  landing  parameter  sets 
were  generated.  Figure  (13)  is  a  sink  speed  vs  landing  weight  plot  and  figure 
(14)  is  an  approach  speed  vs  landing  weight  plot.  The  sink  speed  plot  shows 
an  increase  in  sinking  speed  in  addition  to  an  increase  in  scatter  with 
increasing  landing  weight. 

An  attempt  to  characterize  the  effect  of  cross  winds  on  sinking  speed 
and  approach  speed  is  presented  in  figures  (15)  and  (16)  respectively.  The 
cross  wind  components  were  derived  from  the  prevailing  winds  tabulated 
from  weather  information  and  does  not  include  any  gust  information.  A  plot 
relating  aircraft  touchdown  position  to  sink  speed  is  included  as  figure  (17). 
This  figure  shows  that  the  bulk  of  the  high  sink  rate  landings  occurred  in  the 
first  1200  feet  from  the  runway  threshold. 

Wide  Body  Aircraft: 

Two  of  the  six  highest  sink  speed  landings  of  figure  (6)  are  wide  bodied 
aircraft;  both  Boeing  767s.  One  of  these  jets  landed  with  an  average  sink 
speed  over  nine  (9)  ft/sec. 
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Histogram  of  Heavy  Wide  Body  Jet 
Transports,  Average  Main  Wheel 
Sinking  Speed,  FAA  JFK  Survey 


Sinking  Speed  (ft/sec) 


FIGURE  9:  HISTOGRAM  OF  HEAVY  WIDE  BODY 
AIRCRAFT  SINK  SPEED 


Histogram  of  Wide  Body  Jet 
Transport  Average  Main  Wheel 
Sink  Speed,  FAA  JFK  Survey 
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FIGURE  10:  HISTOGRAM  OF  WIDE  BODY 
AIRCRAFT  SINK  SPEED 
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Histogram  of  Narrow  Body  Jet 
Aircraft  Average  Main  Wheel 
Sinking  Speed,  FAA  JFK  Survey 
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FIGURE  11:  HISTOGRAM  OF  NARROW  BODY 
AIRCRAFT  SINK  SPEED 


Histogram  of  Commuter  Aircraft 
Average  Main  Wheel  Sinking 
Speed,  FAA  JFK  Survey 
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FIGURE  12:  HISTOGRAM  OF  COMMUTER 
AIRCRAFT  SINK  SPEED 
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APPROACH  SPEED  AVERAGE 

(KNOTS)  SINKING  SPEED 

(FT/SEC) 


AVERAGE  SINKING  SPEED  VS  LANDING 
WEIGHT  FOR  HEAVY  WIDE  BODIED  JET 
TRANSPORTS  RECORDED  DURING  FAA  JFK 
SURVEY 
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"IGURE  13:  SINK  SPEED  DATA  FOR  ALL  HEAVY  WIDE  BODY 
JET  TRANSPORTS,  FAA  JFK  SURVEY 


APPROACH  SPEED  VS  LANDING  WEIGHT 
FOR  HEAVY  WIDE  BODIED  JET 
TRANSPORTS,  FAA  JFK  SURVEY 
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FIGURE  14:  APPROACH  SPEED  DATA  FOR  ALL  HEAVY  WIDE  BODY 
JET  TRANSPORTS,  FAA  JFK  SURVEY 
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SINK  SPEED  !  APPROACH  SINK  SPEED 

(FT/SEC)  |  SPEED  (KNOTS)  (FT/SEC) 


CROSS  WIND  VS  SINK  SPEED,  HEAVY  WIDE  BODY  JET 
AIRCRAFT,  FAA  JFK  SURVEY 
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FIGURE  15:  CROSS  WIND  VERSUS  SINK  SPEED, 
HEAVY  WIDE  BODY  TRANSPORTS 


CROSS  WIND  VS  APPROACH  SPEED,  HEAVY  WIDE 
BODY  JET  TRANSPORTS,  FAA  JFK  SURVEY 
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FIGURE  16:  CROSS  WIND  VERSUS  APPROACH  SPEED, 
HEAVY  WIDE  BODY  TRANSPORTS 


HEAVY  WIDE  BODY  AIRCRAFT  SINK  SPEED  VS  TOUCHDOWN 

POINT 
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FIGURE  17:  HEAVY  WIDE  BODY  TRANSPORTS,  SINK  SPEED  VS 
RUNWAY  TOUCHDOWN  POINT 
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One  of  the  767  aircraft  had  ten  knot  cross  wind  components  and  the 
other  767  landed  with  eight  knot  cross  wind.  One  of  these  landings  were 
recorded  by  the  first  camera  (closest  to  the  runway  threshold)  in  the  four 
camera  configuration,  indicating  the  aircraft  did  not  flare  during  these 
landings.  Thus  it  landed  in  the  first  500  ft  of  the  camera  coverage  zone. 

The  other  landed  in  the  second  camera's  field  of  view,  within  the  first  1000 
feet  of  coverage. 

Figure  (18)  is  a  sink  speed  vs  landing  weight  plot  of  the  wide  body 
aircraft  landings.  This  plot  shows  an  increase  in  sinking  speed  and  an 
increase  in  scatter  with  increasing  landing  weight. 

A  plot  relating  aircraft  touchdown  position  to  sinking  speed  is  included 
as  figure  (19).  This  figure  shows  that  all  but  one  of  the  wide  body  jet 
landings  with  a  sink  rate  of  five  foot  per  second  or  higher  occurred  within  the 
first  1000  feet  of  the  runway  threshold. 

Narrow  Body  Aircraft: 

In  this  group,  only  two  out  of  173  landings  were  in  the  eight  to  nine 
ft/sec  range.  This  aircraft  classification  includes  Airbus  A-320's,  Boeing 
707,  727,  737  and  757  aircraft  along  with  McDonnell  Douglas  DC-8,  DC-9, 
and  MD-80  aircraft. 

Both  of  the  high  sink  speed  landings  for  this  classification  occurred 
with  high  cross  winds,  an  18  knot  cross  wind  landing  of  a  DC-9-82  and  12 
knot  cross  wind  for  a  Boeing  727.  Both  aircraft  touched  down  in  the  first 
500  ft  of  the  camera  coverage  area. 

Approach  speed  and  sink  speed  plots  for  these  aircraft  tend  to  confirm 
that  these  models  were  flying  in  general  agreement  with  the  original  design 
assumptions.  Sink  speeds  do  not  appear  to  vary  with  landing  weight  for 
these  aircraft  nor  do  approach  speeds.  See  figures(20)  and  (21). 

A  plot  relating  aircraft  touchdown  position  to  sinking  speed  is  included 
as  figure  (22).  This  figure  shows  that  the  higher  sink  rate  landings  occurred 
within  750  ft  of  the  runway  threshold. 

National  Airport  Survey  Results: 

NOTE:  The  processing  and  analysis  of  landing  parameters  from  the  National 
Airport  Survey  is  currently  underway,  these  results  are  preliminary  in  nature 
since  all  the  parameter  data  has  not  been  tabulated  and  reviewed.  The 
results  presented  are  preliminary  in  nature  but  do  reflect  the  broad  results 
expected  in  the  final  analysis. 

Flight  operations  at  National  airport  are  limited  to  narrow  body  jets  and 
commuter  aircraft.  It  was  selected  as  a  survey  site  because  of  the  large 
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AVERAGE  SINKING  SPEED  VS  LANDING 
WEIGHT  FOR  NARROW  BODIED  JET 
TRANSPORTS,  FAA  JFK  SURVEY 


0  50000  100000  150000  200000  250000 


LANDING  WEIGHT  (LBS) 


FIGURE  20:  SINK  SPEED  DATA  FOR  ALL  NARROW  BODY 
JET  TRANSPORTS,  FAA  JFK  SURVEY 
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FIGURE  21:  APPROACH  SPEED  DATA  FOR  ALL  NARROW 
BODY  JET  TRANSPORTS,  FAA  JFK  SURVEY 
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volume  of  operations  on  a  relatively  short  runway.  The  largest  aircraft 
routinely  operating  from  this  airport  were  Boeing  757  and  Airbus  A-320 
transports.  The  bulk  of  the  iandings  were  performed  by  Boeing  727s,  737s 
along  with  McDonnell  Douglas  DC-9  &  MD-80  aircraft.  Thus,  the  survey 
results  for  all  the  jet  transports  correspond  to  the  narrow  body  jet  category 
from  the  JFK  survey. 

Figure  (23)  is  a  histogram  of  aircraft  sink  speeds  for  these  aircraft 
observed  at  National  Airport.  The  plot,  which  covers  over  600  landings,  is 
very  similar  to  the  narrow  body  jet  category  from  JFK.  It  also  indicates  a 
number  of  landings  with  sink  speeds  in  the  range  of  eight  to  ten  ft/sec.  The 
mean  sink  speed  for  these  aircraft  was  measured  as  2.4  ft/sec  with  a 
standard  deviation  of  1.8  ft/sec.  The  comparable  group  of  JFK  landings 
resulted  in  a  sink  speed  mean  of  2.1  ft/sec  with  a  standard  deviation  of  1.6 
ft/sec. 

The  runway  configurations  at  both  JFK  International  and  Washington 
National  required  that  the  camera  covering  the  last  survey  area,  furthest  from 
the  runway  threshold,  view  the  aircraft  from  the  rear.  This  caused  revisions 
in  our  software  and  analysis  procedures.  Because  of  this,  analysis  of  these 
landings  have  not  been  completed  for  the  National  survey.  As  indicated  from 
JFK,  these  landings  tend  to  be  at  lower  sink  rates  and  the  overall  average  at 
National  may  drop  slightly  once  the  analysis  is  completed. 

Table  (2)  compares  the  approach  speed  and  sink  speeds  for  the  aircraft 
models  recorded  at  both  NATIONAL  and  JFK.  The  results  at  National  show 
higher  sink  rates  and  generally  lower  approach  speeds  than  JFK.  The  effect 
of  the  shorter  runway  and  larger  number  of  landings  in  poor  visibility 
conditions  could  cause  this  variation.  Still  the  National  results  tend  to 
confirm  the  data  distribution  for  these  aircraft  from  JFK. 

Tinker  Air  Force  Base  Survey: 

The  Navy  operates  E-6  aircraft  (a  modified  Boeing  707)  from  Tinker  Air 
Force  Base.  A  landing  loads  survey  was  performed  during  training  operations 
to  establish  a  data  base  for  the  landing  performance  of  that  aircraft.  In 
addition,  a  limited  sample  of  E-3,  KC-135  and  Boeing  707  aircraft  were 
observed.  The  operations  were  relatively  benign  when  compared  to 
operations  at  JFK  or  National,  with  a  mean  sink  speed  approximately  2.0 
ft/sec  and  standard  deviation  of  less  than  0.5  ft/sec.  The  maximum 
observed  sink  speed  from  this  survey  was  6.1  ft/sec. 

Conclusions: 

NAALDAS  has  been  converted  from  a  highly  specialized  tool  to  one 
suitable  for  use  in  all  segments  of  the  aviation  community.  The  multiple 
camera  system  can  survey  normal  field  (flared)  landings.  It  can  also  be  used 
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TABLE  II:  COMPARISON  OF  APPROACH  SPEED  AND  SINK  SPEED  MEASUREMENTS  FOR 
NARROW  BODY  JETS  FROM  FAA  NATIONAL  AIRPORT  &  JFK  AIRPORT  SURVEYS 


Histogram  of  Narrow  Body  Jet  Aircraft  Average  Main  Wheel  Sink 
Speed,  FAA  National  Airport  Survey 
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FIGURE  23:  HISTOGRAM  OF  NARROW  BODY  AIRCRAFT  SINK  SPEED 


to  monitor  the  effect  of  special  approach  procedures,  noise  abatement 
procedures,  or  particular  terrain  problems. 

The  ability  to  temporarily  install  and  operate  NAALDAS  at  any  location, 
and  collect  data  without  interfering  with  normal  operations,  makes  this 
system  unique.  The  technology  transfer  between  FAA  and  Navy  is 
particularly  beneficial  in  today's  environment  of  reduced  government 
spending. 

It  is  apparent  that  the  sink  rates  observed  for  wide  body  aircraft  in  this 
study  are  higher  than  those  of  narrow  body  aircraft  and  this  observation 
warrants  further  investigation.  Initial  results  from  the  JFK  landings  indicate 
that  the  heavy  wide  body  jet  aircraft  are  experiencing  approximately  a  one 
foot  per  second  greater  ground  impact  vertical  velocity  at  initial  gear/runway 
contact  than  the  narrow  body  jets. 

Figure  (24)  is  a  plot  of  aircraft  sinking  speed  vs  landing  weight  for  the 
JFK  survey.  The  segmented  straight  line  on  the  top  of  the  plot  is  a  result  of 
statistical  analysis  of  the  results  of  the  survey.  This  line  predicts  the  once-in- 
a-life-time  maximum  sink  speed  that  could  be  expected  for  a  commercial 
aircraft  as  a  function  of  landing  weight.  The  current  aircraft  design 
specification,  reference  (b)  calls  for  a  constant  value  of  10  ft/sec  as  the 
maximum  design  sink  speed  for  transport  category  jet  aircraft.  This  figure 
suggests  that  future  large  transport  aircraft  design  requirements  should  be 
reviewed  for  higher  design  sinking  speeds.  Data  for  future  surveys  is 
required  to  verify  this  analysis. 

A  comparison  of  heavy  wide  jet  body,  wide  body  jet  data,  narrow  body 
jet  data  and  MIL-A-8866  criteria  for  the  JFK  landings  is  presented  as  Fig.  (8). 
The  measured  sink  speed  distribution  for  both  wide  body  aircraft  categories 
exceeds  that  of  MIL-A-8866.  Further  surveys  are  scheduled  to  validate  this 
observation. 

These  limited  data  samples  indicate  that  operations  in  cross  wind 
conditions  tend  to  increase  both  aircraft  sink  rates  and  approach  speeds. 

This  is  a  significant  area  for  future  research. 

The  landing  data  collected  at  JFK  airport  shows  a  strong  correlation 
between  aircraft  sinking  speed  at  the  aircraft's  touchdown  location  on  the 
runway.  The  highest  sink  speed  landings  occurred  in  the  first  1 200  feet  from 
the  runway  threshold.  While  this  may  be  a  result  of  local  operating 
conditions,  such  as  wind,  weather  or  the  pace  of  airport  operations,  this 
observation  also  warrants  additional  study. 
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FIGURE  24:  ESTIMATE  OF  ONCE  IN  A  LIFE  TIME  SINK  SPEED  AS 
A  FUNCTION  OF  LANDING  WEIGHT  FROM  FAA  LANDING 
SURVEY  AT  JFK  AIRPORT 


to  monitor  the  effect  of  special  approach  procedures,  noise  abatement 
procedures,  or  particular  terrain  problems. 

The  ability  to  temporarily  install  and  operate  NAALDAS  at  any  location, 
and  collect  data  without  interfering  with  normal  operations,  makes  this 
system  unique.  The  technology  transfer  between  FAA  and  Navy  is 
particularly  beneficial  in  today's  environment  of  reduced  government 
spending. 

It  is  apparent  that  the  sink  rates  observed  for  wide  body  aircraft  in  this 
study  are  higher  than  those  of  narrow  body  aircraft  and  this  observation 
warrants  further  investigation.  Initial  results  from  the  JFK  landings  indicate 
that  the  heavy  wide  body  jet  aircraft  are  experiencing  approximately  a  one 
foot  per  second  greater  ground  impact  vertical  velocity  at  initial  gear/runway 
contact  than  the  narrow  body  jets. 

Figure  (24)  is  a  plot  of  aircraft  sinking  speed  vs  landing  weight  for  the 
JFK  survey.  The  segmented  straight  line  on  the  top  of  the  plot  is  a  result  of 
statistical  analysis  of  the  results  of  the  survey.  This  line  predicts  the  once-in- 
a-life-time  maximum  sink  speed  that  could  be  expected  for  a  commercial 
aircraft  as  a  function  of  landing  weight.  Once  in  a  life  time  was  calculated 
based  on  50,000  landings.  The  current  aircraft  design  specification, 
reference  (b),  calls  for  a  constant  value  of  10  ft/sec  as  the  maximum  design 
sink  speed  for  transport  category  jet  aircraft.  This  figure  suggests  that 
anticipated  landing  weight  should  be  considered  a  factor  for  future  large 
transport  aircraft  design  requirements.  Additional  data  from  future  surveys  is 
required  to  verify  this  analysis. 

A  comparison  of  heavy  wide  jet  body,  wide  body  jet  data,  narrow  body 
jet  data  and  MIL-A-8866  criteria  for  the  JFK  landings  is  presented  as  Fig.  (8). 
The  measured  sink  speed  distribution  for  both  wide  body  aircraft  categories 
exceeds  that  of  MIL-A-8866.  Further  surveys  are  scheduled  to  validate  this 
observation. 

These  limited  data  samples  indicate  that  operations  in  cross  wind 
conditions  tend  to  increase  both  aircraft  sink  rates  and  approach  speeds, 
especially  for  light  weight  transport  aircraft.  This  is  a  significant  area  for 
future  research. 

The  landing  data  collected  at  JFK  airport  shows  a  strong  correlation 
between  aircraft  sinking  speed  at  the  aircraft's  touchdown  location  on  the 
runway.  All  six  sink  speeds  in  excess  of  eight  foot  per  second,  occurred  in 
the  first  1200  feet  from  the  runway  threshold.  While  this  may  be  a  result  of 
local  operating  conditions,  such  as  wind,  weather  or  the  pace  of  airport 
operations,  this  observation  also  warrants  additional  study. 
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L  SUMMARY 

Many  aircraft  in  the  current  Air  Force  fleet  are  facing  structural  life  extensions  rather 
than  retirement.  Several  of  these  aircraft  have  had  or  are  experiencing  failures  due  to 
unsteady/separated  flow.  The  repair  and  redesign  to  correct  tail  buffet  problems  on  the 
twin  tail  fighters  has  been  excessively  expensive.  Other  buffet  problems  involve  outer 
wing  panels,  fuselage  missile  carriage,  and  ventral  fins.  A  common  problem  for  fighters 
carrying  external  stores  is  Limit  Cycle  Oscillations  (LCO)  which  limits  performance  for 
many  store  loadings.  Acoustics  and  sonic  fatigue  has  been  a  problem  for  many  years  and 
aircraft  which  carry  weapons  internally  can  have  acoustic  levels  high  enough  to  cause 
structural  damage  to  the  aircraft  and  the  internally  carried  weapon. 

Accurate  prediction  and  control  of  dynamic  loads  is  necessary  to  assure  the  structural 
integrity  of  the  aircraft  and  weapons.  This  paper  will  present  in-house  and  contractual 
research  in  the  areas  of  aeroelasticity  and  acoustics,  with  special  emphasis  on  buffet,  LCO, 
and  weapon  bay  acoustics. 

2.  ACOUSTICS -WEAPON  BAYS 

2.1  BACKGROUND 

The  study  of  flow  induced  cavity  acoustic  environments  which  relate  to  aircraft 
weapon  bays  date  back  to  the  mid  1950s  when  Roshko  (1)  and  Krishnamurty  (2) 
conducted  research  in  this  area.  Roshko  varied  the  cavity  dimensions  systematically  while 
obtaining  the  time  averaged  effects  in  the  cavity.  He  measured  the  pressure  on  the  walls 
and  floor.  A  single  vortex  was  seen  to  exist  for  the  shallow  case.  For  very  shallow 
configurations  he  noted  that  the  shear  layer  reattached  to  the  cavity  floor.  This 
observation  has  been  repeated  many  times  in  more  recent  studies  of  very  shallow  cavities. 
As  missiles  became  longer  and  smaller  diameter,  the  need  for  shallower  weapon  bays 
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arose.  Roshko  noted  that  the  impingement  of  the  shear  layer  on  the  downstream  wall  of 
the  cavity  was  the  cause  of  increased  drag  which  occur  with  open  cavities.  Karamcheti, 
conducting  his  research  at  about  the  same  time  as  Roshko,  studied  rectangular  cavities 
exposed  to  free  stream  Mach  number  flows  of  0.25  to  1.5.  He  actually  obtained  sound 
pressure  levels  from  his  tests  with  levels  as  high  as  160  dB  being  observed.  An  important 
observation  made  by  Karamcheti  was  that  there  is  a  minimum  cavity  length  at  which  the 
shear  layer  will  span  the  opening  and  not  impinge  on  the  downstream  wall  of  the  cavity, 
thus  not  resulting  in  acoustic  resonance.  This  is  the  physical  basis  of  control  of  the  high 
acoustic  environment  in  cavities.  If  the  shear  layer  can  be  made  to  span  the  cavity,  or 
reattach  at  a  stable  stagnation  point,  no  feedback  process  is  established  and  hence  no 
resonance. 

One  of  the  most  referenced  historical  works  in  the  flow  induced  cavity  acoustic  area 
is  that  of  Rossiter  (3).  He  made  measurements  of  the  time  average  and  unsteady  pressures 
on  the  "roof  (or  floor)  and  behind  a  series  of  rectangular  cavies  set  in  the  roof  of  a  2  foot 
by  1.5  foot  transonic  wind  tunnel.  Data  for  cavities  with  length-to-depth  ratios  from  1  to 
10  were  presented  for  Mach  numbers  from  0.4  to  1.2.  His  major  conclusions  were 
shallow  cavities  (L/D>4)  produce  mainly  broadband  acoustic  spectra  and  deeper  cavities 
(L/D<4)  produce  a  periodic  tone.  The  periodic  tone  was  attributed  to  acoustic  resonance 
in  the  cavity  and  excited  by  a  phenomenon  similar  to  that  causing  edge  tones.  The 
amplitude  of  the  periodic  tone  can  be  as  large  as  0.35  times  the  free  stream  dynamic 
pressure.  He  also  investigated  methods  to  suppress  the  periodic  fluctuations  and 
concluded  that  they  may  be  suppressed  by  placing  a  small  spoiler  ahead  of  the  cavity.  The 
only  explanation  given  as  to  why  a  spoiler  is  effective  is  that  it  thickens  the  boundary 
layer.  He  is  most  referenced  because  of  his  equation  to  predict  the  possible  resonant 
frequencies  in  an  open  cavity.  Even  today  it  is  referenced  often  as  the  "Rossiter  Equation" 
and  gives  a  very  good  prediction  of  the  resonant  frequencies  in  a  cavity,  if  the  correct 
phase  and  convection  terms  are  used.  The  equation  will  be  presented  later  in  the  paper. 

Plumbee  et  al  (4)  conducted  theoretical  and  experimental  investigations  of  the  flow 
induced  cavity  acoustic  problem.  A  detailed  analytical  prediction  method  was  developed 
based  on  the  radiation  impedance  of  the  cavity  opening.  A  table  of  radiation  resistance 
and  reactance  was  provided  to  utilize  the  method.  It  is  an  iterative  approach  and  does  not 
readily  converge.  The  method  has  not  been  referenced  in  subsequent  publications  mainly 
due  to  the  difficulty  in  use  of  it.  They  also  conducted  extensive  experimental  tests  on 
cavities  obtaining  wind  tunnel  data  for  Mach  numbers  from  0.2  to  5.0.  The  major 
conclusions  were  that  the  acoustic  levels  were  higher  in  the  rear  of  the  cavity,  width  has 
little  effect  on  acoustic  levels,  and  there  exist  an  onset  Mach  number  below  which  the 
cavity  tones  are  not  excited.  Smith  and  Shaw  (5)  formulated  an  empirical  acoustic 
predictions  method  which  was  based  on  an  extensive  flight  test  data  base.  The  method 
predicts  the  frequency  and  amplitudes  of  the  first  three  acoustic  modes  in  the  cavity  as 
well  as  the  broadband  spectrum  level.  The  prediction  method  also  gives  the  spatial 
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distribution  of  the  modal  energy.  It  is  easy  to  use  and  gives  a  good  first  order  prediction  of 
the  flow  induced  levels. 


Shaw  and  Smith  (6)  presented  results  of  a  full  scale  flight  test  of  an  instrumented 
store  in  a  weapons  bay.  The  aircraft  was  an  F-lll  and  the  store  was  a  BDU-8/B 
instrumented  with  21  microphones.  Data  were  recorded  for  altitudes  of  3,000,  10,000, 
and  30,000  feet  and  Mach  numbers  from  0.75  to  1.3.  The  results  showed  that  the  acoustic 
levels  on  the  store  scale  with  free  stream  dynamic  pressure.  The  levels  on  the  store 
increased  toward  the  rear.  There  are  significant  circumferential  variations  in  the  acoustic 
levels  at  different  longitudinal  locations. 

Shaw  (7)  presented  results  from  a  flight  test  for  suppression  of  the  cavity  internal 
acoustic  levels.  Numerous  leading  edge  and  trailing  edge  suppression  devices  were  flight 
tested.  Excellent  suppression  results  were  obtained  for  simple  leading  edge  spoilers  and 
rear  bulkhead  ramps.  Nearly  30  dB  suppression  was  obtained  for  the  best  configuration. 
The  list  of  references  of  work  related  to  open  cavities  is  very  long.  Only  a  small  percent 
of  even  the  major  efforts  are  referenced  in  this  paper.  As  an  example  of  the  large  number 
of  reports  presenting  results  related  to  aircraft  cavity  flow,  in  1982  Betry  and  Rohrer  (8) 
compiled  a  survey  containing  144  references  on  this  subject.  Since  then  at  least  another 
50-100  have  been  published.  Thus  only  high  relevancy  efforts  are  referenced  herein. 

An  example  of  the  acoustic  environment  in  the  B-1A  weapons  bay  is  shown  in  Figure 
1.  The  amplitudes  of  the  resonant  modes  are  well  above  the  broadband  level  for  the  first 
four  modes.  The  spectrum  level  of  the  first  mode  is  seen  to  be  155  dB  which  is  high 
enough  to  cause  structural  damage  in  a  very  short  time.  The  first  mode  frequency  is  18 
Hertz  and  the  second  mode  is  approximately  45  Hertz.  These  low  frequencies  can  easily 
coincide  with  structural  resonant  frequencies  and  thus  cause  structural  resonant  response 
and  possibly  failure.  Spectra  from  the  F-lll  are  shown  Figure  2.  The  acoustic  modes  do 
not  appear  as  broad  as  in  Figure  4  because  these  spectra  are  1/3  octave  band  and  each 
tone  includes  a  wider  band  of  energy.  Caution  must  be  used  to  compare  the  two  data.  If 
the  tone  is  at  least  ten  dB  above  the  broadband  level  in  1/3  octave  band  data,  one  can 
safely  assume  that  the  peak  level  is  close  to  the  spectrum  peak  of  the  same  data.  The 
second  mode  peak  in  Figure  2  is  161  dB  but  the  equivalent  spectrum  level  would  be 
approximately  159  dB.  This  is  an  extremely  high  level  and  will  cause  damage.  The  other 
spectrum  in  the  figure  will  be  discussed  later.  Based  on  the  spectra  from  these  two  aircraft 
the  need  for  understanding  the  phenomenon  and  controlling  the  amplitudes  is  readily 
evident 


2.2  PREDICTION 
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In  the  design  stage  of  an  aircraft  it  is  necessary  to  be  able  to  predict  the  environment 
and  loads  that  the  structure  and  equipment  must  be  designed  and  qualified  for.  The 
environment  in  the  weapons  bay  includes  the  frequency  of  the  acoustic  modes,  amplitudes 
of  the  modes,  and  the  broadband  level.  There  have  been  many  methods  developed  to 
predict  the  cavity  flow  induced  acoustic  environment  but  only  a  few  of  the  more  useable 
and  typical  examples  will  be  discussed. 

Prediction  of  the  resonant  acoustic  frequencies  has  been  addressed  at  least  an  order  of 
magnitude  more  than  the  amplitude.  The  most  referenced  and  utilized  method  for 
predicting  the  frequencies  is  the  so  called  Rossiter  (3)  equation.  The  equation  is: 

±  L  (m  -  o) 

,<r  =  M/{1+ sun  )•'>+*  (1) 

where  a  is  a  phase  lag  term,  y  is  the  ratio  of  the  specific  heats,  and  Kv  is  the 
convection  speed  of  the  shear  layer.  The  equation  is  derived  by  assuming  the  complete 
cycle  time  is  the  sum  of  the  downstream  convection  time  and  the  upstream  acoustic 
propagation  time  along  with  a  phase  lag  of  a  between  the  two. 

Prediction  of  the  amplitudes  of  the  weapons  bay  or  cavity  acoustic  environment  is 
much  more  difficult  than  predicting  the  resonant  frequencies.  One  of  the  earliest 
theoretical  amplitude  prediction  methods  was  presented  by  Plumblee  et  al  (4).  The 
method  relies  on  the  calculation  of  the  radiation  impedance  of  the  cavity  opening  and  then 
solving  the  wave  equation  with  the  other  five  sides  of  the  cavity  having  infinite  impendace. 
It  is  an  iterative  solution  which  must  converge.  It  is  not  convenient  to  utilize  and  is  not 
that  accurate. 

Smith  and  Shaw  (5)  developed  an  empirical  prediction  method  for  the  amplitudes  of 
the  resonant  frequencies  as  well  as  the  longitudinal  distribution  of  the  energy  in  the  cavity. 
The  method  is  presented  here  because  of  its  ease  of  use  and  very  good  first  order 
prediction  of  the  flow  induced  acoustic  environment. 
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Another  semiempirical  prediction  method  was  recently  developed  by  Bauer  and  Dix 
(9).  They  utilized  the  Rossiter  frequency  equation  but  proposed  a  modified  convection 
term.  The  amplitudes  were  based  on  a  response  coefficient  for  each  mode  which  was  a 
function  of  viscous  and  wave  damping.  The  results  of  their  effort  are  somewhat  lacking 
because  the  predictions  do  not  agree  well  with  data  and  their  predicted  overall  acoustic 
level  is  below  the  level  of  the  resonant  modes.  This  is  totally  incorrect.  Figure  3  is  an 
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example  of  a  comparison  of  their  prediction  method  (CAP  code)  with  data.  The 
disagreement  is  clearly  evident.  Until  this  method  is  further  refined,  it  is  not  recommend. 


2.3  SUPPRESSION 

Literally  hundreds  of  passive  suppression  concepts  have  been  tested  for  their 
effectiveness  in  controlling  the  acoustic  environment  in  open  cavities.  Tests  with  small 
scale  wind  tunnels  up  to  full  size  aircraft  have  been  conducted.  Water  table  tests  have 
been  effective  in  evaluating  a  large  number  of  devices.  Rossiter  (3)  in  1966  concluded  that 
the  acoustic  environment  could  be  suppressed  by  placing  a  small  spoiler  ahead  of  the 
cavity.  Heller  and  Bliss  (10)  tested  a  large  number  of  suppression  concepts  which 
included  both  leading  edge  and  trailing  edge  devices.  Figure  4  shows  their  four  most 
successful  concepts  and  Figure  5  illustrates  the  typical  level  of  suppression  they  achieved. 
Shaw  (11)  presented  full  scale  F-lll  weapon  bay  acoustic  suppression  results.  The 
concepts  tested  were  a  leading  edge  sawtooth  spoiler,  leading  edge  45  degree  spoilers, 
and  a  45  degree  rear  bulkhead  ramp.  An  effective  suppression  for  the  45  degree  leading 
edge  spoilers  is  shown  in  Figure  5  and  is  noted  to  be  24  dB  for  the  peak  one-third  octave 
bond.  The  other  devices  were  not  as  effective  as  the  45  degree  leading  edge  spoiler. 
Tipton  (12)  documented  data  from  the  B-1A  weapons  bay  with  and  without  suppressers. 
The  effectiveness  of  a  porous  leading  edge  spoiler  is  demonstrated  in  Figure  6.  The 
modal  tones  are  greatly  reduced  or  eliminated  and  the  broadband  level  is  also  reduced  by 
15  dB.  However,  suppression  data  were  obtained  at  a  wide  range  of  Mach  numbers  and 
the  effectiveness  of  the  leading  edge  spoilers  was  observed  to  decrease  at  higher  Mach 
numbers.  This  trend  is  shown  in  Figure  7.  It  points  out  the  need  for  a  better  suppression 
technique  which  is  effective  at  all  speeds.  Shaw  et  al  (13)  also  documented  the  small 
Mach  number  range  which  a  suppressor  is  effective  in  as  shown  in  Figure  8.  If  a 
suppresser  is  actively  controlled  it  then  can  be  made  to  be  effective  at  a  much  wider  range 
of  Mach  numbers.  Current  research  is  addressing  the  possibility  of  utilizing  an  active 
suppression  concept  for  application  to  the  aircraft  weapons  bay  problem.  Concepts  such  as 
leading  edge  oscillating  flaps,  leading  edge  pulsed  air  jet,  tunable  Helmholtz  resonators, 
oscillating  walls,  upstream  surface  excitation,  and  acoustic  excitation  are  being  considered. 
Figure  9  shows  a  sketch  of  an  active  flap  concept  recently  tested.  The  results  for  the  active 
flap  are  shown  in  Figure  10.  It  is  evident  that  significant  suppression  is  realized  at  all  Mach 
numbers  but  different  flap  positions  and  frequencies  are  required  for  each  Mach  number. 
In  the  same  test  a  high  frequency  tone  generator,  as  shown  in  Figure  11,  was  tested.  It 
excited  the  shear  layer  at  a  frequency  above  the  resonant  frequency.  The  effectiveness  of  it 
is  shown  in  Figure  12.  The  resonant  tones  are  suppressed  and  the  broadband  levels  are 
suppressed  as  well.  Similar  success  was  had  for  other  Mach  numbers  and  configurations. 
Active  Helmholtz  resonators  were  evaluated  and  shown  to  be  effective.  The  model  and  a 


typical  spectrum  is  given  in  Figure  13.  The  resonant  tone  is  reduced  but  the  broadband 
levels  are  not  effected. 


3.  AEROELASTICITY  -  BUFFET  AND  LCO 

3.1  BACKGROUND 

The  buffet  or  aerodynamic  excitation  associated  with  separated  flow  is  normally 
broad-band  random  fluctuations  with  predominant  frequencies  associated  with  the  air  flow 
properties  of  the  aircraft  (e.g.  vortex  flow  from  inlets  and  sharp  comers,  wakes  behind 
pods  or  other  components  of  the  aircraft).  The  buffeting,  or  structural  response  to  buffet, 
can  result  in  large  oscillatory  responses  at  resonant  frequencies  of  the  aircraft.  A  good 
review  of  the  general  principles  of  the  buffet  problem  including  the  basic  features  of  the 
fluctuating  pressures  and  the  response  of  the  flexible  aircraft  structure  is  given  by  Jones 
(14).  The  effects  of  buffeting  and  other  transonic  phenomena  on  maneuvering  aircraft 
were  the  subject  of  a  study  of  an  AGARD  Working  Group  (15).  Lamar  (16)  summarized 
this  study  and  documented  the  comprehensive  state-of-the-art  review  of  buffet  techniques 
and  prediction  methods  by  the  Working  Group.  Another  assessment  of  dynamic  loads  due 
to  flow  separation  is  reported  by  Mabey  (17). 

Current  fighters  are  required  to  maneuver  at  elevated  loading  conditions  and  are 
experiencing  structural  problems  due  to  buffet  on  aft  components  of  the  empenage,  in 
particular  vertical  tails.  The  ability  to  accurately  predict  the  buffet  on  a  vertical  is  difficult 
due  to  the  complexity  of  the  interaction  between  the  aircraft  geometry,  flow  field,  vortex 
trajectory  and  empenage  structure.  In  the  past,  the  dynamic  buffet  loads  have  been 
estimated  from  model  tests  by  means  of  scaling  procedures.  References  18,19,  and  20 
report  buffet  testing  on  the  F-15,  F/A-18,  and  F-lll  TACT  aircraft. 

Limit  Cycle  Oscillation  (LCO)  is  an  aeroelastic  problem  involving  the  interaction  of 
the  structural  response  with  the  highly  nonlinear  aerodynamic  forces.  An  example  of  the 
nonlinear  aerodynamic  phenomena  is  incipient  leading  edge  separation  where  small 
oscillations  of  the  surface  can  drive  the  flow  from  attached  to  separated  to  attached,  etc. 
A  similar  example  exists  for  shock  induced  trailing  edge  separation.  LCO  is  a  common 
problem  on  fighters  carrying  external  stores  and  limits  performance  for  many  store 
configurations  (21). 

32  BUFFET  TESTS 

In  1981,  buffeting  pressure  measurements  were  made  on  the  vertical  tail  surfaces  of  a 
13  percent  F-15  model  (18).  The  test  variables  included  dynamic  pressure,  angle  of 
attack,  vertical  tail  incidence  and  rudder  deflection.  The  pressures  and  associated 
vibration  response  levels  reached  a  maximum  at  approximately  22  degrees  angle  of  attack. 
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The  flow  field  characteristics  in  the  vicinity  of  the  vertical  tail  were  investigated  and  are 
shown  in  Figure  14.  In  an  in-house  program,  a  4.7  percent  F-15  model  with  one  flexible 
and  one  rigid  vertical  tail  is  being  tested  to  obtain  buffet  data  and  to  evaluate  suppression 
concepts.  The  first  entry  (Oct.  -  Nov.  1995)  will  evaluate  blowing  concepts  to  control  the 
buffet  and  reduce  the  response  of  the  flexible  tail.  Three  tangential  blowing  ports  (nose, 
gun  bump,  and  inboard  leading  edge  of  the  wing)  are  being  used.  A  second  entry  is 
scheduled  in  1996  to  evaluate  the  use  of  piezoelectric  actuators  for  buffet  suppression. 

The  vortical  flow  pattern  on  the  F/A-18  aircraft  at  high  angle  of  attack  is  shown  in 
Figure  15.  The  burst  vortex  travels  aft  and  upward,  impinging  on  the  vertical  tail  and 
causes  very  high  dynamic  loads.  A  full-scale  F/A-18  aircraft,  shown  in  Figure  16,  was 
tested  in  the  National  Full  Scale  Aerodynamic  Complex  80  by  120  Foot  wind  tunnel  at 
NASA  Ames.  Buffeting  pressures  and  the  resulting  structural  response  of  the  vertical  tails 
were  obtained  over  a  range  of  angle  of  attack  and  sideslip  conditions  (22).  The  tests  were 
conducted  with  and  without  the  Leading-Edge-Extension  (LEX)  fences  (installed  to 
reduce  the  buffet  loads).  Currendy  the  Structural  Dynamics  Branch  of  Wright  Laboratory 
is  supporting  a  NASA  Langley  buffet  test  on  a  16  percent  scale  F-18  model.  This  support 
involves  instrumentation  from  the  full  scale  test  at  Ames,  data  acquisition  equipment,  and 
technical  support.  Three  different  suppression  concepts  are  being  evaluated  (existing 
rudder,  oscillating  cylinder,  and  piezoelectric  actuators). 

Under  a  Phase  II  SBIR  (Small  Business  Innovative  Research)  contract.  Active 
Control  eXperts  (ACX)  is  developing  a  buffet  load  alleviation  control  system  for  an  F/A- 
18  Under  this  contract  the  suppression  system  will  be  demonstrated  by  ground  tests  on  a 
full  scale  vertical  tail. 

33  UNSTEADY  PRESSURE  TESTS 

A  wind  tunnel  test  program  was  conducted  to  investigate  the  unsteady  aerodynamic 
aspects  of  transonic  Limit  Cycle  Oscillations  (LCO)  on  fighter  type  aircraft.  This  program 
was  a  cooperative  effort  between  Lockheed  Fort  Worth  and  the  National  Aerospace 
Laboratory  (NLR)  in  the  Netherlands  and  was  funded  by  the  Air  Force  and  the  Dutch 
Ministry  of  Defense.  Two  tests  were  conducted,  a  wing  body  configuration  and  a  simple 
wing-strake  configuration.  The  first  test  was  conducted  with  the  wing  body  configuration 
(Figure  17)  to  obtain  unsteady  pressures  and  forces  necessary  for  identifying  the  transonic 
nature  of  LCO  encountered  on  fighters  with  external  stores.  The  wing  panel  was 
oscillated  in  pitch  at  amplitudes  and  frequencies  typical  of  LCO.  Unsteady  pressure  data 
was  measured  at  the  pressure  sections  shown  in  Figure  17.  In  addition  to  providing  a 
detailed  set  of  pressure  data  for  code  validation,  the  test  provided  aerodynamic  time  lag 
and  damping  characteristics  needed  to  perform  LCO  calculations. 


The  simple  wing-strake  configuration  used  the  wing  panel  from  the  LCO  test  and  a 
strake  section  which  was  attached  to  and  moved  with  the  wing.  This  wing-strake  (Figure 
18)  was  oscillated  in  pitch  at  various  amplitudes  and  frequencies.  The  test  Mach  numbers 
were  0.225, 0.6,  and  0.9.  The  objectives  were  to  understand  the  physics  of  high  incidence 
unsteady  flow  and  to  provide  steady  and  unsteady  pressure  data  for  validation  of  CFD 
codes(23).  In  order  to  better  understand  the  flow  fields  that  produced  this  data,  an 
ongoing  investigation  will  determine  the  flow  field  characteristics  for  limit  cycle 
oscillations  and  transonic  high  alpha  flow  over  the  oscillating  straked  wing.  Figure  19 
shows  the  location  of  the  light  sheets  for  the  clean  wing.  The  locations  were  chosen  to 
correspond  to  the  pressure  measurement  stations  and  one  along  the  vortex  core.  The 
issues  of  turbulence  structure  for  buffeting  and  transonic  pitching  moment  anomalies  at 
high  incidence  will  be  addressed  with  this  configuration.  A  tip  launcher  and  tip  store  will 
be  added  to  address  tip  store  geometry  effects  and  store  effects  on  wing  flow  fields.  The 
light  sheet  locations  for  this  configuration  is  shown  in  Figure  20.  The  detailed  pressure 
data  and  the  associated  flow  field  data  from  this  test  can  be  used  to  improve  the  prediction 
of  various  nonlinear  phenomena  associated  with  aircraft  flight  at  transonic  speeds. 

3.4  LCO  PREDICTION  METHOD 

A  semi-empirical  method  (21)  was  developed  specifically  for  F-16  LCO  prediction. 
Under  a  new  Wright  Laboratory  contract,  Lockheed  Fort  Worth  will  develop  a  generic 
method  for  predicting  nonlinear  aeroelastic  characteristics  of  wing  type  surfaces.  The 
generic  method  will  be  validated  on  subsonic  LCO,  transonic  LCO  (shock  induced 
separation),  and  buffet  (ventral  fin). 

3.5  COMPUTATIONAL  AEROELASTICITY 

The  advances  in  computer  technology  and  the  emerging  Computational  Fluid 
Dynamics  (CFD)  methods  are  providing  a  computational  aeroelasticity  capability.  The 
ENS3DAE  (Euler/Navier-Stokes  3  Dimensional  AEroelastic)  code  (24)  has  been  extended 
and  improved  to  provide  a  general  aeroelastic  capability  for  complex  configurations.  The 
aerodynamic  analysis  procedure  in  ENS3DAE  uses  an  implicit  finite  difference  algorithm 
to  integrate  the  Navier-Stokes  equations.  The  equations  are  solved  using  a  fixed  time  step 
for  time-accurate  cases  and  a  spatially  varying  time  step  for  steady-state  computations. 
The  linear  structural  dynamics  equations  of  motion  are  integrated  using  an  explicit 
predictor-corrector  scheme.  This  code  has  been  validated  for  steady  aerodynamics  , 
unsteady  aerodynamics  (pitching  wing),  and  static  aeroelastic  calculations.  Validation  of 
the  dynamic  aeroelastic  capability  is  underway. 

An  aeroelastically  tailored  fighter  wing/body  configuration  (Figure  21)  is  shown  to 
demonstrate  the  static  aeroelastic  capability  of  the  code.  Figure  22  shows  the  calculated 
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(rigid  and  flexible)  and  the  measured  pressure  distribution  at  approximately  midspan  of  the 
wing  for  a  Mach  number  of  0.9  and  an  angle  of  attack  of  9  degrees.  As  shown  by  the 
figure,  the  flexibility  of  the  wing  must  be  included  for  accurate  pressure  calculations.  The 
computed  and  measured  twist  distribution  is  shown  in  Figure  23.  The  F-15  wind  tunnel 
model  (18)  is  being  used  to  evaluate  the  new  version  of  the  ENS3DAE  code.  The 
calculations  will  be  performed  at  a  Mach  number  of  0.3  and  alpha  of  12  degrees.  The 
pressure  distribution  and  the  dynamic  response  of  the  vertical  tail  will  be  calculated  and 
compared  with  test  data.  Additional  applications  of  this  code  is  needed  to  further  validate 
it  and  to  determine  its  range  of  applicability  for  computing  dynamic  loads  on  twin  tail 
configurations. 

4.  CONCLUDING  REMARKS 

Experimental  programs  are  underway  by  several  organizations  to  evaluate  concepts  to 
control  or  suppress  weapons  bay  acoustics,  buffet,  and  limit  cycle  oscillations. 
Computational  efforts  are  also  being  conducted  but  lag  the  experimental  work  because  of 
the  complex  nature  of  the  nonlinear  aerodynamics  involved.  Additional  research  is  needed 
for  computational  aeroacoustics  and  computational  aeroelasticity.  Further  testing  of 
promising  active  concepts  are  needed  to  develop  an  active  suppression  system  for 
weapons  bay  acoustics 
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Fig  1  Full  scale  B-l  A  weapons  bay  acoustic  Fig  3  Comparison  of  Cavity  Acoustic  Pressure 

levels  for  Mach  number  0.7  at  20,000  feet  (CAP)  code  with  Mach  0.6  Data  (Ref  9) 
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Fig  2  Full  scale  F-l  1 1  weapons  bay  spectra  Fig  4  Four  most  promising  suppression 

concepts  (Ref  6) 
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Fig  5  Example  suppression  of  leading  edge 
spoilers  (Ref  6) 


Fig  7  Variation  of  suppressor  effectiveness  with 
Mach  number  (Ref  12) 


Fig  6  Forward  and  center  bay  acoustic  levels 
(Ref  12) 


Fig  8  Optimized  Suppression  of  Maximum 
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Fig  9  Sketch  of  recently  tested  active  flap 
acoustic  suppressor 
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Fig  14  Vertical  Tail  Flowfield  Characteristics  at  a  =  22' 
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Fig  17  F-16  Wing/Store  Model  Fig  18  Simple  Straked  Wing  Model 
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Fig  20  Tip  Store  Configuration  Light  Sheet  Locations 
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ABSTRACT 

A  service  life  assessment  program,  (SLAP)  was  recently  completed  to  appraise 
the  service  life  of  the  US  Navy's  P-3C  aircraft.  As  part  of  this  effort  an  interim 
fatigue  tracking  algorithm  was  developed  to  improve  the  accuracy  of  the  current 
tracking  system,  and  provide  better  service  life  projection.  The  program  will 
culminate  with  the  installation  of  a  new  multi-channel  recorder,  the  AN/ASH-37, 
also  known  as  the  Structural  Data  Recording  Set  (SDRS),  on  every  P-3C.  The 
original  tracking  methodology  used  the  individual  aircraft's  mission  mix  but  load 
spectra  were  based  on  average  usage  at  the  time  the  system  was  developed.  The 
interim  methodology  incorporates  current  individual  aircraft  usage  data  such  as 
vertical  acceleration  (Nz)  from  the  accelerometer  reports.  The  missions  and  new 
flight  segments,  or  points-in-the  sky  (PITS),  were  redefined  based  on  an 
instrumented  flight  loads  survey  and  an  extensive  fleet  paper  survey.  The  aircraft 
loads  were  updated  to  better  correlate  with  the  original  flight  and  ground  test  data. 
A  sequence  accountable  local  strain  approach  was  also  used  to  calculate  the 
accumulated  fatigue  damage.  A  future  tracking  system  will  incorporate  the  SDRS 
data  to  provide  better  individual  usage  tracking  information.  With  more  accurate 
fatigue  life  expended  (FLE)  estimates,  preemptive  corrective  actions  can  be 
instituted  in  a  timely  manner  to  ensure  safety  and  maintain  fleet  operational 
readiness. 
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INTRODUCTION 


The  current  economic  climate  of  diminishing  resources  highlights  the  need  for 
better  fleet  management.  Improvements  in  fleet  management  are  necessary  to 
maintain  the  existing  airframe  longer  than  originally  planned.  With  better  tracking 
of  usage,  more  accurate  fatigue  life  estimates  and  pro-active  corrective  actions  can 
be  made  in  a  timely  manner.  The  individual  aircraft  fatigue  tracking  program  is 
performed  by  the  US  Navy  as  an  input  to  optimize  fleet  management. 

In  1990,  the  US  Navy  initiated  a  service  life  assessment  program  (SLAP)  to 
estimate  the  structural  fatigue  life  for  the  P-3C  aircraft.  As  part  of  this  effort,  an 
interim  tracking  program  was  developed  using  improved  fatigue  methodology  and 
current  mission  usage  data.  The  accuracy  of  the  fatigue  estimates  were  improved 
by  making  use  of  available  flight  and  usage  information  for  individual  P-3C 
aircraft. 

This  paper  describes  the  interim  P-3C  fatigue  tracking  methodology  that  was 
used  to  re-baseline  the  current  FLEs  and  produce  incremental  fatigue  damage  rates 
for  the  Navy's  Structural  Appraisal  of  Fatigue  Effects  (SAFE)  quarterly  reports 
until  the  SDRS  installations  are  complete. 

APPROACH 


Major  technical  aspects  of  the  P-3C  fatigue  life  algorithm  were  evaluated  and 
improved,  where  possible,  for  the  interim  fatigue  tracking  program.  The  primary 
improvements  are: 

a.  correlated  maneuver  and  taxi  loads  based  on  the  original  structural 
demonstration  flight  and  taxi  tests. 

b.  updated  missions,  mission  mixes,  and  PITS  definitions  based  on  the 
instrumented  flight  loads  and  fleet  paper  surveys. 

c.  created  capability  to  incorporate  accelerometer  data  where  applicable. 

d.  correlated  effective  stress  concentration  factors  (Kn's)  at  critical 
tracking  locations  to  P-3A  full-scaled  fatigue  test  results  and/or  actual  service 
experience. 

e.  replaced  the  stress-based  linear  damage  algorithm  with  a  local  strain- 
based,  sequence-dependent  fatigue  analysis  algorithm. 

Compatibility  with  the  future  Structural  Data  Recording  Set  (SDRS)  system  was 
considered  at  every  step. 


The  development  of  the  interim  tracking  program  included  reviewing  the 
current  tracking  locations,  re-defining  the  nominal  stress  concentration  factors  and 
the  reference  stresses,  updating  the  service  spectra,  developing  the  interim  fatigue 
tracking  algorithm,  and  calculating  the  fatigue  life  expended  (FLE).  These  topics 
are  described  in  the  Vu-graphs  that  follow. 


SUMMARY 

An  interim  fatigue  tracking  program  was  developed  for  the  P-3C  aircraft.  It 
uses  individual  aircraft  information  for  correct  sequencing  of  the  missions  and  the 
Nz  counts,  if  any,  from  the  individual  CAG  from  monthly  reports.  The  tracking 
program  has  been  written  in  a  modular  code  that  will  allow  for  later  incorporation 
of  data  from  the  SDRS  system  to  further  improve  the  accuracy  of  the  fatigue  life 
estimates.  In  particular  with  the  SDRS,  fuel  weight,  Mach  number,  altitude,  and 
time  will  be  recorded  when  Nz  is  triggered.  The  stress  coefficients  can  be  used  for 
the  PITS  associated  with  the  event,  making  the  load  calculation  more  accurate. 
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Abstract 

Completed  work  is  reviewed  for  a  series  of  tasks  required  to  develop  a 
Structural  Integrity  Computer  Program  (SICP)  to  be  used  in  support  of  Aircraft 
Structural  Integrity  Programs  for  USAF  aging  rotorcraft.  A  general  description  of 
the  SICP  is  provided,  followed  by  a  discussion  of  helicopter  fatigue  failure  modes 
and  results  of  tasks  comparing  fracture  mechanics  techniques  for  large  and  small 
crack  growth.  Recommendations  for  further  technology  improvements  are  given. 

Introduction 

The  application  of  damage  tolerance  analysis  (DTA)  to  rotorcraft  presents  many 
technical  challenges  over  their  fixed-wing  brethren.  Vertical  lift  aircraft  are  more 
weight  critical,  necessitating  thinner  and  lighter  structure  subjected  to  a  high 
variability  of  applied  loads.  Rotorcraft  components  accumulate  fatigue  cycles  much 
faster  (typically  in  the  3  to  50  Hz  range)  than  aging  fixed-wing  aircraft,  which  are 
often  effected  mainly  by  constant  amplitude  pressure-cycles.  Consequently,  more 
accuracy  is  required  for  crack  growth  predictions  since  times  to  failure  are  often  on 
the  order  of  a  few  flight  hours. 

Georgia  Tech  and  Sikorsky  Aircraft  have  supported  structural  integrity  efforts 
for  USAF  helicopters,  developing  a  Structural  Integrity  Computer  Program  (SICP), 
Figure  1 ,  that  offers  a  hybrid  approach  to  aging  helicopters.  Until  the  recent  RAH- 
66  Comanche  program,  DTA  criteria  were  never  specified  for  helicopters,  and  so 
globally  applying  damage  tolerance  based  fleet  management  to  mature  weapons 
systems  using  current  military  standards  is  not  practical,  but  is  however  still 
possible  for  a  significant  amount  of  selected  helicopter  structures  [1].  The  SICP 
provides  a  means  to  transition  the  application  of  DTA  to  helicopters  while 
maintaining  the  traditional  links  to  established  practices. 
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Figure  1 .  Structural  Integrity  Computer  Program  Architecture. 


A  survey  of  H-53  fatigue  test  reports  and  field  failure  data  was  performed  to 
assess  the  variety  of  cracks  found  in  rotorcraft  structures  [2].  The  study  revealed 
the  following  most  frequently  encountered  crack  geometries,  which  are  assumed  to 
be  representative  of  aging  helicopter  structure  in  general: 


1 .  comer  cracks  from  loaded  and  open  holes 

2 .  multiple  thru-cracks  along  rivet  lines 

3 .  surface  cracks  in  plates  under  nonuniform  and 
mixed  mode  loading 

4 .  comer  cracks  in  plates  under  nonuniform  stresses 

5 .  comer  cracks  in  lugs 

6.  transverse  surface  cracks  in  hollow  cylinders 

7 .  surface  cracks  in  thread  roots 


Aging  rotorcraft  cracks  are  concentrated  in  rotating  mechanical  system 
components  occurring  near  structural  details  (e.g.  fillets)  and  on  cylindrical  parts. 
Often,  cracks  propagate  in  mixed  mode  conditions  and  through  severe  nonlinear 
stress  gradients.  Rotor  systems  experience  highly  variable  periodic  loading  and 
have  lower  safety  margins  because  of  their  low  weight  requirements,  and  therefore 
demand  more  accurate  analytical  solutions. 
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The  first  technology  task  to  improve  SICP  capabilities  addressed  S1F  solutions 
and  the  impact  of  long  cracL  material  data  for  aging  rotorcraft  applications  [2]. 
While  rotorcraft  fuselage  structural  integrity  is  similar  to  that  for  fixed  wing  aircraft, 
many  issues  are  peculiar  to  rotorcraft  applications  particularly  with  regard  to 
dynamic  components,  where  the  application  of  small  crack  technology  is  most 
needed.  This  paper  researches  available  analytical  techniques  for  small  cracks  and 
gives  recommendations  on  integrating  the  technology  into  the  SICP. 

Small  Crack  Research  Approaches 

An  appendix  to  ASTM  Test  Method  E  647  (1993)  defines  a  "small"  crack  as  a 
three-dimensional  crack  (i.e.  full  or  part-elliptical)  whose  physical  dimensions 
compare  to  a  microstructural  feature,  such  as  a  grain,  shown  in  Figure  la.  A 
"short"  crack  is  two-dimensional  (through  thickness)  and  the  dimension  compares 

to  the  part  width  or  thickness.  Small  cracks  grow  under  values  of  AK  which  are 
less  than  the  long  crack  threshold  value  and  at  rates  higher  than  the  long  crack 
da/dN  curve,  shown  in  Figure  2b.  The  initial  growth  rate  of  short  cracks  is 
relatively  high  and  can  either  go  to  zero  (crack  arrest),  or  drop  and  then  increase 
toward  long  crack  behavior,  showing  a  dip  in  the  curve.  The  phenomenon  is 
effected  greatly  by  applied  stress  level. 
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Figure  2.  Small  Crack  Definition  and  Behavior. 


Small  crack  research  activity  has  grown  steadily  over  the  years,  and  since  there 
is  not  yet  a  consensus  on  the  most  acceptable  techniques  to  address  small  crack 
effects,  research  must  continue  to  investigate  this  complex  problem.  Five  general 
analytical  approaches  are  found  in  the  literature,  which  are  not  mutually  exclusive: 
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1 .  linear  elastic  fracture  mechanics  (LEFM), 

2.  elastic-plastic  fracture  mechanics  (EPFM), 

3 .  crack  closure, 

4.  probabilistic  techniques,  and 

5 .  microstructural  mechanics. 

Long  crack  growth  analytical  procedures  are  based  on  linear  elastic  fracture 
mechanics  (LEFM),  which  is  limited  by  some  critical  assumptions,  namely  small 
scale  yielding  requirements.  Most  of  the  fatigue  process  is  spent  in  the  initiation 
and  small  crack  propagation  phases,  with  a  relatively  small  percentage  in  long  crack 
propagation.  Cracks  initiate  in  several  ways,  ideally  from  atomic  slip  bands  or 
microstructural  high  stress  concentrations  in  defects  such  as  crystal  imperfections, 
dislocations,  microcracks,  voids,  etc.  While  the  damage  tolerant  approach  is  sound 
in  assuming  the  presence  of  defects,  most  of  the  defects  responsible  for  initiating 
cracks  and  propagating  small  cracks  are  outside  the  analytical  boundaries  of  LEFM. 

Most  LEFM  small  crack  approaches  try  to  correct  the  elastic  models  for 
plasticity  effects  through  some  artificial  means  to  simulate  the  plastic  zone  in  front 
of  the  crack.  An  effective  elastic  crack  length  is  used  for  fatigue  crack  growth 
calculations.  Variations  on  the  Dugdale  model  are  the  most  common.  Modeling  the 
crack  growth  rate  in  the  threshold  region  is  difficult  because  the  rate  magnitude  is 
extremely  small  and  hard  to  measure  experimentally.  Significant  test  data  is  often 
lacking  to  confidently  define  this  point  and  observe  the  effect  of  mean  stress. 

EPFM  is  characterized  by  the  J-integral  formulation,  based  on  deformation 
theory  which  assumes  a  one-to-one  relationship  between  stress  and  strain.  This 
does  not  account  for  elastic  unloading  and  non-proportional  loading,  but  the  stress 
strain  relationships  can  be  improved  when  combined  with  hysteresis  loops  via  the 

cyclic  AJ  parameter.  J-integral  solutions  for  various  crack  geometries  are  becoming 
more  widely  applicable  to  cyclic  fatigue  crack  growth. 

Crack  closure  observes  that  cracks  do  not  immediately  open  upon  application  of 
tensile  load.  The  effect  is  highly  dependent  on  stress  ratio,  R,  in  terms  of  the  actual 
opening  stress  level.  Plasticity  induced  closure  results  from  material  deformation  in 
the  wake  of  the  crack.  Other  forms  of  closure  due  to  asperities  from  corrosion  or 
roughness  are  believed  to  be  significant.  Beevers  and  Carlson  [3]  developed  an 
asperities  closure  model  that  considers  both  Mode  I  and  Mode  II  for  roughness. 

Probabilistic  techniques  are  becoming  more  popular  to  quantify  risk. 
Probabilistic  representation  of  long  crack  threshold  parameters  can  provide  some 
measurement  of  crack  growth  sensitivity  in  this  region.  Stochastic  models 
emphasize  the  detailed  statistical  nature  of  the  problem  and  test  data,  however  data 
of  sufficient  statistical  quality  is  frequently  not  readily  available  [4],  Engineering 
approaches  use  conservative  bounding  techniques  similar  to  safe-life  methods,  and 
require  a  large  amount  of  test  data  for  high  statistical  confidence. 
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Microstructural  mechanics  theories  vary  widely  and  consider  crystallographic 
dislocations,  persistent  slip  bands,  and  grain  boundary  interactions.  The  most 
complex  models  capture  all  micromechanical  features  while  simple  mechanical 
models  try  to  duplicate  observed  behavior  via  correction  factors  and  additional 
terms  in  equations.  Characterizing  crack  growth  with  these  considerations  involves 
many  variables  and  correlation  with  experimental  observations  can  be  difficult. 

A  few  recent  key  test  programs  aimed  at  small  crack  effects  in  aerospace 
materials  have  done  an  excellent  job  of  providing  the  fundamental  information  for 
establishing  a  small  cracks  database  [5-8]: 

1 .  AGARD  Cooperative  Test  Program  for  an  Aluminum  Alloy  (1988) 

2.  AGARD  Supplemental  Test  Program  for  Aerospace  Alloys  (1990) 

3 .  NASA/CAE  Program  for  High-Strength  Aluminum  Alloys  (1994) 

4 .  Sikorsky  Test  Program  for  Helicopter  Materials  ( 1 994) 

These  programs  have  focused  on  a  approximately  10  alloys  in  few  classes  of 
materials,  and  much  more  testing  is  required  for  other  alloy  systems.  Near¬ 
threshold  data  can  be  highly  sensitive  to  the  test  method  used,  and  until  national 
standards  under  development  become  generally  accepted,  the  problem  of  reliability 
of  test  data  will  remain.  It  has  been  observed  that  short  and  small  cracks  in  titanium 
and  small  cracks  in  aluminum  alloys  grow  faster  than  long  cracks,  but  short  cracks 
do  not  exhibit  a  characteristic  dip  in  crack  growth  rate  near  the  threshold  [9].  Some 
steels  show  a  distinct  threshold  and  can  be  corrected,  whereas  aluminums  lack  a 
small  crack  threshold. 

Comparison  of  Available  Methods 

Available  long  and  small  crack  growth  capabilities  of  several  widely  used 
computer  programs  were  compared.  Several  flat  plate  geometries  modeled  in 
Figure  3  were  selected  for  a  benchmark  helicopter  component  comparison: 

1 .  Comer  &  Through  Crack  in  a  Lug  Hole, 

2 .  Comer  &  Through  Crack  in  a  40%  Loaded  Hole, 

3 .  Comer  &  Through  Crack  in  an  Open  Hole,  and 

4 .  Comer  &  Through  Edge  Crack  in  a  Plate 


Figure  3.  Benchmark  Flat  Plate  Geometry. 


Initially,  the  effects  of  stress  intensity  factors  and  long  crack  material  data  were 
considered  for  the  last  three  geometries  using  4340-180  steel  data  [2].  The 
computer  codes  selected  for  evaluation  were  those  with  which  WR-ALC,  Georgia 
Tech,  and  Sikorsky  were  most  familiar:  FLAGRO  [10,1 1],  MODGRO  [12],  and 
SACGAP  [13].  A  standard  block  size  of  10,000  cycles  was  used  in  constant 
amplitude  loading  conditions  (20,  40,  60,  80  ksi)  and  initial  flaw  sizes  (.005,  .010, 
.030  ins).  Table  1  shows  the  maximum  variations  in  stress  intensity  factor  and 
crack  growth. 


TABLE  1 .  Results  of  Comparison  using  Long  Crack  Data 


GEOMETRY 

MAX  SIF 

MAX  GROWTH 

VARIATION 

VARIATION 

Loaded  Hole 

63% 

43%  /  65% 

Open  Hole 

15% 

17%/ 97% 

Edge  Crack 

5% 

86%  /  120%* 

Note:  Results  are  with/without  same  material  da/dN  data. 


*  For  finite  crack  growth  times  only. 

Stress  intensity  factor  solutions  show  the  most  inconsistency  for  the  loaded 
hole.  Furthermore,  the  SIF  for  the  lug  geometry,  the  most  prevalent  helicopter 
rotor  system  connections,  showed  differences  of  as  much  as  130%.  In  addition, 
available  models  for  general  nonuniform  stress  fields  were  found  to  be  limited. 
Models  studied  included  a  correction  factor  technique  which  was  simple  yet  robust, 
weight  function  methods  which  were  specific  to  geometries,  and  a  slice  synthesis 
technique  which  was  robust  but  computationally  expensive. 


Predicted  growth  times  were  effected  by  differences  in  stress  intensity  factors, 
failure  criteria,  and  default  long  crack  da/dN  material.  When  material  data  was 
duplicated,  differences  among  the  predictions  decreased,  so  that  scatter  was  usually 
on  the  order  of  15%.  Low  stress  levels  (20  ksi)  and  flaw  sizes  (.005  in)  produced 
the  maximum  variations.  Threshold  effects  and  material  data  variation  accounted 
for  the  largest  differences  in  crack  growth  predictions,  as  shown  by  the  edge  crack 
which  had  only  a  5%  difference  in  SIF,  but  gave  the  highest  variation,  even  when 
the  same  material  data  was  used,  because  of  growth  near  the  threshold.  One 
computer  code  gave  an  infinite  crack  growth  time,  while  another  gave  finite  results. 

In  order  to  assess  this  highly  sensitive  near-threshold  behavior,  small  crack 
growth  analysis  capabilities  of  available  computer  codes  were  examined.  The  codes 
selected  were  the  latest  version  of  FLAGRO  [11],  FASTRAN  II  [14],  and 
PFAFAT  II  [15]  which  incorporate  LEFM,  closure,  and  probabilistic  methods 
respectively.  A  dedicated  cyclic  EPFM  code  could  not  be  found,  but  one  is 
presently  being  developed  for  the  NASA  Marshall  Space  Flight  Center  for  space 
shuttle  main  engine  analysis  [16], 


For  very  small  crack  cases  of  embedded,  surface,  or  corner  flaws  of  .025 

inches  or  less,  early  versions  of  FLAGRO  conservatively  assumed  that  AKth=0. 
The  latest  version  uses  a  modified  arctan  rule  to  empirically  capture  the 
experimentally  observed  relationship  between  the  LEFM  threshold  and  stress  ratio 
for  small  cracks.  The  following  relationship  is  applied  to  all  material  classes. 

AKth  =  AK0  arctan  (1-R) 

Here,  AKo  is  the  long  crack  threshold  for  R=0.  The  intrinsic  crack  length,  ao, 
has  not  been  proven  to  have  any  physical  significance  but  is  fixed  at  .004  inches  to 
provide  a  good  fit  to  data  points  showing  the  onset  of  small  crack  behavior  for 

crack  lengths  <  .025  inches.  The  threshold  equation  is  used  such  that  AKth 
becomes  constant  for  R  >  .7  due  to  lack  of  closure  effects,  consistent  with 
experimental  observations. 

FASTRAN  II  is  an  LEFM  program  based  on  the  plasticity-induced  crack 
closure  concept  to  account  for  growth  near  the  threshold.  This  program  has  been 
used  to  model  crack  initiation  from  a  microflaw  in  steels  and  has  successfully 
captured  load  history  effects.  Crack  opening  stress  levels  are  calculated  from 
deformed  material  left  in  the  wake  of  the  growing  crack  which  depend  on  load 
interaction  effects  in  variable  amplitude  spectra.  Residual  stresses  in  the  wake  and 
crack  tip  plastic  zone  are  calculated  using  a  modified  Dugdale  strip  yield  model  with 
rigid  perfectly-plastic  elements.  The  elastic  SIF  range  is  adjusted  to  an  effective 
value  based  on  plastic  zone  corrections: 

AKeff  =  (S  -  S'o)  (3 
d  =  c  +  co/4 

S'o  is  the  crack  opening  stress  level,  |3  is  the  stress  intensity  ,  and  d  is  the 
plasticity  corrected  crack  length  defined  as  the  actual  length,  c,  plus  a  fraction  of  the 
closure-corrected  cyclic  plastic  zone  size,  (0.  The  term  co/4  is  based  on  equating 

estimates  of  AJ  with  a  plasticity  corrected  AKp  and  is  the  subject  of  further 
investigation  [17].  The  closure  model  in  FASTRAN  II  requires  da/dN  data  in  terms 

of  AKeff  which  accounts  for  closure  and  stress  ratio  effects.  The  growth  rate  data 
for  small  cracks  in  the  first  three  test  programs  discussed  previously  was  processed 
in  this  way  for  constant  amplitude  and  various  spectrum  load  sequences. 

PFAFAT  II  incorporates  the  Probabilistic  Failure  Assessment  (PFA)  approach 
which  takes  into  account  both  test  and  analytical  model  data  to  quantify  risk.  Monte 
Carlo  simulation  is  used  with  LEFM  crack  growth  models  to  quantify  the 
distribution  of  failure  times  based  on  variability  in  usage,  dimensions,  strength, 
load,  or  environment  data.  The  following  generalized  Forman  equation  is  modified 
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by  uncertainty  parameters  to  change  the  da/dN  curve.  The  uncertainty  in  XKth  and 
?iKc  may  be  characterized  either  by  probability  distributions  or  parametrically. 
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The  lug,  open  hole,  and  edge  crack  geometries  were  used  in  the  small  crack 
comparison.  Identical  SIF  solutions  were  programmed  into  each  computer  code  so 
that  no  variation  due  to  this  parameter  is  present  in  the  results.  The  matrix  of 
constant  amplitude  loading  conditions  and  initial  flaw  sizes  was  altered  to 
accommodate  a  smaller  flaw  size.  The  4340-180  steel  does  not  show  a  pronounced 
small  crack  effect  but  was  used  in  this  study  for  correlation  to  the  previous  long 
crack  study.  Because  aluminum  materials  are  more  ductile  and  exhibit  greater  small 
crack  effects  near  the  threshold,  an  additional  2024-T3  alloy  was  selected  for 
comparisons.  The  values  used  for  the  test  conditions  were: 

1)  circular  initial  flaw  size  .001,  .005,  .010,  .030  ins 

2)  maximum  stress  levels  20,  40,  60,  80  ksi  for  steel 

20,  30,  40,  50  ksi  for  aluminum 


Both  constant  and  variable  amplitude  loads  were  applied  to  the  problems.  A 
rainflow  cycle  counted  FELIX-28  spectrum  was  used  instead  of  the  full  spectrum, 
which  was  too  long  for  some  of  the  programs.  The  spectrum  was  scaled  so  that  the 
maximum  stress  corresponded  to  the  values  shown  above.  Identical  SIF  solutions 
were  written  into  each  computer  program  to  eliminate  variation.  Table  2  shows  the 
maximum  scatter  encountered  for  the  crack  geometries. 


TABLE  2.  Results  of  Comparison  using  Small  Crack  Models 


GEOMETRY 

MAX  VARIATION 

4340  Steel 

MAX  VARIATION 
2024-T3  Aluminum 

89%  /  254% 

269%  /  76% 

Open  Hole 

98%  /  465% 

322%  /  345% 

Edge  Crack 

43%  /  143% 

246%/ 715% 

Note:  Results  are  presented  for  constant/variable  amplitude  loads. 
Results  are  for  finite  crack  growth  times  only. 


The  highest  scatter  was  less  than  a  factor  of  4  for  constant  amplitude  tests  and  8 
for  variable  amplitude,  generally  occurring  for  the  smallest  flaw  size  and  lowest 

load  level.  As  the  operative  AK  range  increased,  fatigue  lives  were  closer  in 
agreement.  The  edge  crack  showed  the  most  discrepancies  among  infinite/finite  life, 
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similar  to  the  previous  results.  Steel  generally  does  not  show  as  much  scatter  since 
the  small  crack  threshold  is  more  predictable  than  the  aluminum  alloy.  For  the  steel 
material,  the  largest  scatter  was  found  in  the  lowest  applied  stress  levels.  For  the 
aluminum,  the  maximum  variation  was  for  the  smallest  crack  sizes.  Small  crack 

AKeff  data  used  in  FASTRAN  II,  combined  with  closure  effects  due  to  variable 
amplitude  loading  produced  significant  differences  between  the  predictions. 

To  quantify  the  influence  of  several  parameters  on  small  crack  growth,  a 

parametric  study  was  done  using  PFAFAT  II,  where  XKth  was  varied  uniformly  to 
adjust  the  threshold  from  0.0  to  6.0,  the  long  crack  value.  Other  parameters  were 
individually  varied  by  +10%:  the  calculated  SIF,  critical  SIF,  and  crack  growth 
uncertainty.  Growth  times  are  presented  in  Figure  4  for  the  simulated  runs.  As 
shown,  the  rapid  jump  in  the  curves  indicates  that  the  threshold  acts  like  an  on/off 
switch  between  finite  and  infinite  life  prediction,  and  so  is  the  single  parameter 
which  determines  growth/no  growth  conditions.  Varying  the  SIF  by  itself  is 
actually  more  detrimental  on  crack  growth  times  than  varying  the  threshold  by 
itself,  but  varying  only  the  SIF  parameter  had  no  effect  on  the  infinite  mean  life  as 
noted  because  mean  conditions  were  below  threshold.  The  threshold  model  is 
therefore  very  important  to  define  exactly  when  growth  conditions  are  favorable. 
When  crack  growth  below  threshold  was  activated,  total  scatter  due  to 
simultaneously  varying  all  parameters  was  approximately  200%,  while  scatter  due 

only  to  threshold  variation  was  20%.  This  shows  that  varying  AKth  has  only  a 
small  impact  on  crack  growth,  and  so  eliminating  the  threshold  altogether  would  not 
significantly  effect  inspection  intervals. 


Lug  Simulation  Results 
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Figure  4.  Driver  variation  results  for  lug  geometry,  0.001  inch  flaw. 
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Approach  for  Aging  Rotorcraft  Using  Current  Technology 

Given  the  high  amount  of  scatter  in  the  prediction  of  small  crack  behavior,  some 
approach  for  fatigue  crack  growth  predictions  in  situations  where  short  cracks  are 
important  must  be  defined  in  the  SICP  to  establish  inspection  intervals.  The  issues 
that  must  be  addressed  are  whether  there  is  a  need  for  the  small  crack  analysis,  and 
if  so,  what  method  can  be  used  to  conservatively  predict  growth. 

Small  crack  behavior  regularly  dominates  helicopter  and  engine  components  in 
defect-free  conditions  which  are  intended  to  be  used  in  critical  applications  at  large 
proportions  of  their  fatigue  limits.  Although  rotating  structural  components  are 
thoroughly  analyzed  and  tested  for  fatigue  crack  initiation,  numerous  circumstances 
associated  with  aging  can  effect  the  fatigue  behavior  which  may  lead  to  fatigue 
cracking  that  is  substantially  different  from  the  laboratory  conditions  that 
established  the  retirement  times.  Heavier  operating  weights,  widely  different 
aircraft  usage,  environmental  exposure,  or  substantial  modifications  due  to 
configuration  changes  are  real  issues  faced  by  ASIP  managers. 

As  for  most  aging  aircraft,  without  current  production  lines  to  rapidly 
implement  engineering  changes,  the  most  attractive  way  to  extend  the  inspection 
interval  is  to  apply  better  NDI  techniques  to  detect  smaller  flaws.  This  in  turn 
requires  better  analytical  capabilities  to  predict  small  crack  growth.  As  an  example, 
the  H-53  'wet  head'  main  rotor  hub  experienced  a  failure  during  TBO  extension 
tests  due  to  unanticipated  load-stress  behavior  at  the  crack  location  that  was  not 
understood  at  the  time  of  design.  After  the  hubs  went  through  modification, 
cracking  was  still  not  eliminated  requiring  a  special  safety  inspection.  However, 
analysis  based  on  long  crack  material  data  and  flaw  size  detection  capabilities  of  the 
NDI  procedure  gave  unacceptably  short  inspection  intervals.  Additionally,  in 
contrast  to  dynamic  components,  vintage  helicopter  airframe  structure  is  typically 
never  analyzed  for  crack  growth,  with  only  a  ground  based  airframe  fatigue  test  to 
identify  hot  spots.  Airframe  components  can  benefit  from  small  crack  analysis  to 
predict  when  fatigue  can  be  expected  to  be  a  problem  in  critical  structural  members. 

Figure  5  shows  the  extended  Kitagawa  diagram  which  is  useful  for  defining  the 
limitations  of  available  LEFM  technology  in  the  context  of  total  fatigue  life.  Two 
key  crack  length  parameters  useful  for  designing  with  small  cracks  are  shown  on 
the  diagram  [18].  Length  aj  is  the  largest  crack  whose  presence  does  not  alter  the 

endurance  limit,  Ge,  of  the  material,  i.e.  the  point  of  microcrack  growth  arrest.  This 
parameter  is  the  most  difficult  to  measure  or  predict.  The  parameter  a2  is  often 
referred  to  as  the  "critical  crack  length",  since  it  defines  the  point  below  which  small 
crack  concepts  will  have  to  be  used,  signaling  the  end  of  LEFM  applicability. 
Faced  with  a  situation  in  which  the  initiating  defect  is  less  than  a2  in  size,  the  early 
growth  rates  will  be  difficult  to  predict  using  available  small  crack  technology. 
However,  rotorcraft  technology  researchers  have  been  able  to  duplicate  crack 
initiation  as  the  growth  of  small  and  large  cracks  from  microstructural  defects  on  the 
order  of  .0001  inches,  indicating  that  a  fracture  mechanics  approach  may  be  the 
most  appropriate  for  total  fatigue  life  prediction. 
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Crack  Length 

Figure  5.  Small  vs.  long  cracks  on  the  extended  Kitagawa  diagram. 

One  conservative  approach  is  to  increase  the  assumed  crack  length  to  the  value 
of  This  allows  a  safe  design  stress  to  be  calculated,  based  on  normal  LEFM 
procedures,  which  must  be  lower  than  the  true  threshold  stress  which  lies 
somewhere  on  the  curved  portion  of  the  Kitagawa  diagram.  In  many  cases  where 
the  inherent  defect  sizes  lie  between  a]  and  aj,  the  difference  in  endurance  limit 
stress  and  threshold  stress  at  aj  is  on  the  order  of  10-15%,  sometimes  as  high  as 
30%.  However,  this  is  not  a  useful  approach  for  fatigue  crack  growth  in  aging 
fielded  systems.  In  that  case,  if  stresses  in  the  service  spectrum  are  higher  than  the 
threshold  value  for  a2,  and  NDI  procedures  can  detect  cracks  of  length  a2,  then 
small  crack  techniques  must  be  used  to  predict,  for  instance,  crack  growth  under 
constant  amplitude  shown  by  line  B0-Bc  in  Figure  5. 

In  the  current  absence  of  a  large  amount  small  crack  test  data  and  analytical 
techniques  to  consistently  predict  their  growth,  the  following  engineering  approach 
can  be  taken  to  model  the  small  crack  effect  for  aging  helicopter  components.  The 
threshold  value  (long  and  short)  can  be  eliminated  for  all  materials.  This  was  used 
in  the  original  version  of  FLAGRO  for  elliptical  cracks  less  than  .025  inches  in 
length,  and  was  also  recommended  by  ALCOA  to  provide  conservative  results. 
Since  the  threshold  acts  like  an  on/off  switch,  safety  considerations  dictate  the 
requirement  that  unless  the  exact  location  of  the  threshold  can  be  pinpointed,  there 
is  little  justification  to  use  it  if  it  does  not  severely  impact  inspection  requirements 
via  more  frequent  inspections.  As  the  results  of  the  probabilistic  simulation  in 
Figure  4  have  shown,  the  impact  is  approximately  20%. 


J 


da/dN  (m/cycle) 


However,  linear  extrapolation  of  the  straight  line  portion  of  the  da/dN  curve  will 
not  account  for  the  small  crack  effect  where  growth  rates  have  been  shown  to  be 
higher  than  the  long  crack  data  (Figure  2b).  The  actual  statistical  variation  of  small 

crack  growth  rates  at  a  given  AK  can  be  determined  assuming  a  normal  distribution 
or  some  other  appropriate  model  using  available  empirical  data.  Based  on  this 
distribution,  a  weighted  knockdown  can  be  used  in  the  small  crack  regime  only,  as 
shown  in  Figure  6.  If  it  is  assumed  that  no  threshold  exists  as  discussed 
previously,  then  a  distribution  occurs  only  in  the  crack  growth  rate,  da/dN. 

Assuming  a  normal  distribution  in  the  rate  for  a  given  AK,  the  mean  and  variance 
can  be  calculated  based  on  available  small  crack  data  for  a  similar  alloy.  Since  the 
small  crack  effect  is  believed  to  be  in  part  due  to  the  scale  of  the  log-log  or  log¬ 
normal  graph,  using  a  constant  standard  deviation  based  on  the  smallest  measured 
data  points  mimics  the  scale  effect.  As  a  result,  the  calculated  upper  (99%)  and 
lower  (1%)  bounds  of  the  normal  distribution  appear  to  quickly  transition  into  the 
long  crack  curve.  The  upper  bound  can  be  considered  a  'weighted  knockdown’ 
factor  that  is  applied  only  to  the  small  crack  region  of  the  growth  rate  curve.  This  is 
similar  to  but  not  as  severe  as  the  working  curve  reduction  technique  used  for  safe 
life  S/N  data  where  the  entire  curve  is  reduced  by  several  standard  deviations. 


Constant  Standard  Deviation  (2024-T3) 


Delta-K  (MPa  sqrt-m) 

Figure  6.  Statistical  model  for  small  crack  scatter. 


Development  of  New  Technology 


The  computer  codes  used  for  the  small  crack  growth  comparison  are  currently 
available  and  their  technologies  are  being  considered  for  more  widespread 
application.  However,  as  there  is  no  present  consensus  on  which  technology  is 
most  appropriate  for  this  complex  problem,  further  research  must  be  performed  to 
better  correlate  observed  test  data. 

A  more  recent  focus  has  been  on  the  use  of  other  continuum  mechanics 
techniques  for  fatigue  crack  growth.  Research  is  being  done  to  apply  EPFM 
techniques  to  fatigue  crack  growth  [16].  Tasks  in  the  current  development  of  an 
EPFM  computer  program  include  deriving  robust  methods  for  determining  elastic- 
plastic  stress  intensity  factors,  variable  amplitude  loading  and  closure  correction  to 

AJ,  and  a  creep-fatigue  algorithm.  A  great  deal  of  other  research  activity  focuses  on 
multiple  parameters  to  formulate  crack  growth  laws  [19].  Kardomateas  investigated 
the  non-hardening  solution  for  stationary  short  cracks  [20],  proposing  the  use  of  K 
and  the  higher  order  T-stress  term  in  the  elastic  Williams  series  expansion. 
Researchers  have  shown  that  in  practice  the  use  of  the  T-stress  as  a  constraint 
parameter  gives  good  estimates  of  crack  tip  triaxiality  even  beyond  limit  load  for  a 
variety  of  plane  strain  and  axisymmetric  crack  geometries  and  loadings.  The  T- 
stress  is  readily  calculable  with  some  computational  effort,  has  a  sound  physical 
basis,  and  applies  to  a  variety  of  geometries  and  loading  conditions.  Multi¬ 
parameter  crack  growth  thus  far  has  focused  only  on  monotonic  loading  conditions. 
Implications  for  fatigue  crack  growth  laws  using  a  two-parameter  representation  are 
being  investigated. 

Many  agree  that  a  few  forms  of  closure  (or  lack  of  them)  are  responsible  for  the 
small  crack  phenomenon.  Plasticity-induced  closure,  the  technique  used  in 
FASTRAN  II,  results  from  deformed  material  in  front  of  the  crack  tip  and  in  the 
crack  wake.  The  deformations  cause  interference  between  the  crack  faces  and  can 
produce  significant  residual  stresses  which  effect  crack  growth  rate.  Roughness- 
induced  closure  results  from  crack  branching  and  material  ligaments  where  the 
roughness  of  the  deformed  crack  path  does  not  permit  the  crack  faces  to  precisely  fit 
together  upon  unloading.  Binding  of  the  crack  flanks  produces  mixed  mode 
loading  conditions  and  discrete  forces  which  cause  the  crack  to  remain  open. 
Compressive  loading  can  crush  material  asperities  and  lead  to  accelerated  crack 
growth.  Extremely  small  cracks,  however,  lack  sufficient  length  to  allow  these 
mechanisms  to  be  effective  and  so  exhibit  faster  growth  than  available  material 
threshold  data  for  long  cracks  which  does  not  account  for  these  mechanisms. 

To  address  these  issues,  a  Mode  I  discrete  asperity  model  [21]  (Figure  7a) 
which  captures  the  effects  of  both  plasticity  and  roughness  induced  closure  is  being 
developed  into  a  fatigue  crack  growth  algorithm.  A  load  is  developed  in  the  crack 
wake  brought  about  from  asperity  contact.  The  relatively  small  asperities  are 
modeled  as  elastic-plastic  elements  capable  of  plastic  deformation  under  high 
contact  stresses.  Superposition  is  used  to  combine  the  SIF  solutions  of  the  discrete 
load  and  an  applied  external  load. 
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Figure  7.  Discrete  Asperity  Closure  Model  for  Plasticity  &  Roughness. 

Initial  runs  show  that  compressive  loads  will  increase  the  rate  of  crack  growth 
and  result  in  faster  crack  propagation  times.  However,  the  overall  impact  of  the 
asperity  crushing  in  the  test  cases  performed  has  not  been  dramatic,  with 
differences  on  the  order  of  only  a  few  percent.  This  is  partly  due  to  the  fact  that  the 
model  currently  is  only  operable  for  through-crack  cases  whereas  much  of  the  crack 
lifetime  is  spent  as  an  elliptical  crack.  A  SIF  solution  needs  to  be  developed  for 
elliptical  flaws  under  a  line  load  in  the  crack  wake,  either  through  finite  element 
studies  or  by  other  numerical  means.  Other  improvements  to  the  code  for  further 
development  of  small  crack  analysis  capability  include  mixed  mode  loading 
conditions  [22]  (Figure  7b),  mixed  plane  strain/stress  effects,  and  modeling 
microstructural  features  such  as  grain  boundaries. 

Conclusions 

A  joint  Georgia  Tech  /  Sikorsky  Aircraft  engineering  effort  is  investigating  fleet 
management  for  aging  rotorcraft  based  on  damage  tolerant  philosophy,  developing 
a  structural  integrity  computer  program  (SICP)  to  determine  component  retirement 
times  and  crack  growth  times  of  critical  helicopter  structures  under  changing 
mission  requirements.  The  improved  SICP  technology  is  general  enough  to  be 
applied  to  both  rotary  and  fixed  wing  air  vehicles. 

A  review  of  H-53  helicopter  failure  modes  revealed  that  corner  cracks  from 
holes,  multiple  thru-cracks  along  rivet  lines,  and  surface  cracks  are  the  most 
common  types  of  cracking  for  vintage  rotorcraft.  Nonuniform  stress  fields  and 
mixed  modes  of  crack  growth  are  also  frequent.  An  investigation  of  capabilities 
found  in  several  available  crack  growth  programs  revealed  the  following  most 
significant  conclusions  for  the  application  of  damage  tolerance-based  force 
management  concepts  in  helicopter  structural  integrity. 
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1 .  Material  data  variation  near  the  threshold  accounts  for  the  largest  differences  in 
crack  growth  predictions.  Using  several  available  programs,  results  varied  by  less 
than  a  factor  of  2,  when  the  same  long  crack  material  crack  growth  rate  curve  was 
used  under  constant  amplitude  loads.  When  small  crack  data  was  investigated, 
scatter  was  within  a  factor  of  4  for  constant  amplitude  loading  and  a  factor  of  8 
using  a  FELIX-28  spectrum.  In  the  two  alloys  investigated  (steel  and  aluminum), 
this  high  scatter  resulted  from  small  crack  lengths  and  low  load  levels  near  the 
threshold.  Consequently,  material  crack  propagation  data  in  this  region  must  be 
treated  carefully  using  test  and  analysis  procedures  that  are  yet  to  be  standardized. 

2 .  Statistical  approaches  are  recommended  for  current  rotorcraft  applications. 
While  small  crack  growth  is  important  for  aging  rotorcraft,  large  differences  among 
existing  predictive  capabilities  necessitates  a  conservative  engineering  approach  to 
ensure  safety.  Eliminating  the  threshold  altogether  dobs  not  have  a  severe  impact 
on  crack  growth  times  and  corresponding  maintenance  intervals  (only  20% 
conservatism  for  the  lug  problem  investigated).  Observed  variance  in  small  crack 
data  can  be  used  to  determine  conservative  crack  propagation  times  via  a 
knockdown  factor  applied  only  to  the  small  crack  portion  of  the  material  da/dN 
curve.  Further  studies  of  safety,  logistics,  mission  readiness,  and  cost  should  be 
performed  using  a  tool  like  the  SICP  to  quantify  the  impact  of  the  recommended 
approach  on  rotorcraft  operations. 

3.  Consistent  small  crack  models  are  still  lacking.  Plasticity,  roughness,  and 
oxide-induced  closure  are  thought  to  be  the  most  important  for  small  crack  growth, 
and  the  development  of  a  discrete  asperity  closure  model  can  potentially  model  all 
three.  Other  efforts  should  concentrate  on  elastic-plastic  mechanics  and  higher 
order  approaches  to  capture  the  effects  of  microplasticity  and  large  scale  yielding, 
the  effects  of  variable  amplitude  loading,  and  the  interaction  of  chemical  and 
mechanical  environments.  Obtaining  the  required  material  test  data  and  assessing 
the  applicability  of  micromechanical  and  other  mechanical  models  for  small  cracks 
is  crucial  to  aging  rotorcraft  structural  integrity. 
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The  US  Department  of  Defense  operational  readiness  rate 
requirements  of  helicopters  is  higher  today  than  ever  before.  The  high 
utilization  rates  of  helicopters  during  Operation  Desert  Storm  provides 
the  best  evidence  supporting  high  readiness  rate  requirements.  These 
rates  require  more  reliable  equipment  and  a  structurally  sound  airframe. 
Something,  that  is  complicated  by  the  fact  that  a  helicopter  is  a  dynamic 
flying  platform  of  rotating  machinery.  Additionally,  there  is  a  safety 
concern  involved  with  operating  the  traditional  carry-on  vibration  health 
monitoring  systems  in  constrained  environments,  such  as  small  ship 
decks,  and  when  operating  under  limit  time  constraints,  such  as  when 
taking  up  carrier  deck  space.  Maintenance  costs,  which  are  a  significant 
factor  in  life  cycle  costs,  have  also  risen  dramatically.  The  introduction  of 
integrated  onboard  maintenance  system  technology  addresses  these 
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issues  by  integrating  the  functions  of  data  collection  and  recording,  health 
and  usage  monitoring,  maintenance  diagnosis,  and  fault  prediction. 

Through  a  Cooperative  Research  and  Development  Agreement 
(CRADA)  with  the  US  Navy,  Smiths  Industries  and  Chadwick-Helmuth 
are  demonstrating  an  Integrated  Health  and  Usage  Monitoring  System 
(HUMS)  on  a  SH-60B  helicopter  to  address  these  requirements.  The  SH- 
60B  HUMS  is  designed  to  monitor  the  health  and  usage  of  the  engines, 
transmission  system,  rotor  system,  and  airframe.  The  HUMS  provides 
ground  maintenance  personnel  with  the  necessary  information  to 
diagnose  system  heath,  determine  malfunctions,  and  schedule  required 
maintenance  actions.  In  addition  to  the  real-time  aircraft  health 
monitoring,  the  HUMS  provides  engineering  services  valuable  data  to  be 
used  in  evaluating  the  effects  of  flight  states  and  maneuvers  on  airframe 
vibration. 

The  SH-60B  HUMS  is  a  highly  reliable,  compact  multi-function 
system  for  monitoring,  collecting,  processing,  and  storing  a  variety  of 
data.  The  SH-60B  HUMS  is  based  on  Non-Developmental  Item  (NDI) 
equipment  that  is  currently  in  US  government  inventory  or  procurement: 

•  Smiths  Industries  SH-60B  Standard  Flight  Incident  Recorder  (SFIR) 
Signal  Acquisition  Unit  and  associated  sensors. 

•  Chadwick-Helmuth  MH-53J  Vibration  Monitoring  System  (VMS) 
and  associated  sensors. 

•  Smiths  Industries  Electrostatic  Engine  Monitoring  System 
(EEMS™)  and  associated  sensors. 

•  Smiths  Industries  HH-60J  Combined  Voice  and  Data  Recorder 
(VADR™). 

•  Smiths  Industries  CH-47/OH-58D/MH-53J  Data  Transfer  System 
(DTS). 

The  baseline  SH-60B  HUMS  demonstration  includes  the  following 
helicopter  diagnostic  technology  capabilities: 

•  Onboard  rotor  track  &  balance. 

•  Engine  exhaust  debris  monitoring. 


•  Rotor  health  monitoring. 

•  Engine  health  monitoring. 

•  Transmission  and  gearbox  health  monitoring. 

•  Engine  life  usage  monitoring. 

The  primary  elements  of  the  SH-60B  HUMS  are  the  Onboard 
Monitoring  Equipment  and  the  Ground  Support  Equipment  (GSE).  A 
system  block  diagram  of  the  baseline  SH-60B  HUMS  Onboard  Monitoring 
Equipment  is  shown  in  Figure  1.  The  baseline  system  has  the  capability 
for  growth  to  include: 

•  Transmission  and  drivetrain  diagnostics. 

•  Driveshaft  and  hanger  bearing  monitoring. 

•  Flight  regime  recognition  for  automatic  rotor  balancing. 

•  Structures  life  usage  monitoring. 

The  SH-60B  HUMS  Onboard  Monitoring  Equipment  consists  of  the 
following  main  Line  Replaceable  Units  (LRUs): 

•  Data  Acquisition  Unit  (DAU). 

•  Combined  Voice  and  Data  Recorder  (VADR™). 

•  EEMS™  Interface  Unit  (EIU) . 

•  Data  Transfer  System  (DTS)  consisting  of  the  following  items: 

-  Data  Receptacle  Unit  (DRU). 

-  Removable  Data  Transfer  Module  (DTM). 

The  baseline  SH-60B  HUMS  Onboard  Monitoring  Equipment 
locations  are  shown  in  Figure  2.  The  Data  Acquisition  Unit  (DAU)  is  the 
main  LRU  component  in  the  SH-60B  HUMS.  It  provides  monitoring  and 
acquisition  of  aircraft  system  and  HUMS  specific  sensors.  The  DAU 
hardware  and  software  has  been  logically  partitioned  between  the 
following  main  functions: 

•  Flight  Data  Acquisition  Unit  (FDAU)  based  on  the  Smiths 

Industries  SH-60B  SFIR  Signal  Acquisition  Unit. 

•  Vibration  Monitoring  System  (VMS)  based  on  the  Chadwick- 

Helmuth  MH-53J  Vibration  Monitoring  System. 
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Figure  1.  SH-60B  HUMS  Block  Diagram 
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Figure  2.  SH-60B  HUMS  Equipment  Locations 


The  Flight  Data  Acquisition  Unit  communicates  with  the  Vibration 
Monitoring  System,  Voice  and  Data  Recorder,  EEMS™  Interface  Unit  and 
Data  Transfer  System  via  high  speed  RS-422  serial  interfaces  with  full 
error  detection  and  correction  protocols.  The  FDAU  and  VMS  are  fully 
isolated  to  prevent  failure  of  one  system  from  causing  loss  of  operation  of 
another  system.  The  FDAU  and  VMS  are  each  tasked  with  specific 
signals  to  condition,  acquire,  process  and  store.  Computed  parameters 
such  as  flight  regime  and  alarm  event  status  are  passed  at  periodic 
intervals  between  the  FDAU  and  VMS  via  the  RS-422  serial  interface.  The 
DAU  uses  field  proven  hardware  and  software  that  was  developed  to 
meet  strict  system  cost,  size  and  weight  goals.  The  system  is  designed  to 
stand  up  to  the  rigors  of  rotary  wing  aircraft  operations  and  to  minimize 
maintenance.  The  system  incorporates  comprehensive  Built-In-Test  (BIT) 
capabilities  for  fault  detection  and  isolation.  The  BIT  is  designed  to  allow 
system  level  and  board  level  fault  isolation.  In  addition,  most  sensor  and 
interconnect  wiring  faults  can  be  isolated  by  the  DAU. 

The  SH-60B  HUMS  Ground  Support  Equipment  is  responsible  for 
all  data  transfer  functions  to  and  from  the  aircraft,  printing  of  reports,  and 
analysis  and  storage  of  all  flight  data.  It  is  modular  in  design  with  each 
module  responsible  for  a  specific  processing  function.  The  GSE  consists 
of  three  items: 

•  Handheld  Data  Transfer  Unit  (DTU). 

•  Ground  Readout  Equipment  (GRE). 

•  Ground  Support  Station  (GSS). 

The  HUMS  is  implemented  with  user  definable  start  criteria.  For 
the  SH-60B,  flight  data  recording  starts  upon  power  application  to  the 
aircraft  and  the  continuous  vibration  monitoring  starts  as  soon  as  the 
main  rotor  RPM  exceeds  80  percent.  The  FDAU  subsystem  interfaces 
with  the  various  sensors  on  the  aircraft  as  well  as  the  MIL-STD-1553B 
data  channels  and  converts  the  analog  signals  to  digital  form.  A  subset  of 
the  data  required  for  mishap  recording  is  processed  and  sent  to  the 
VADR™  for  storage.  Structure-related  flight  data  as  well  as  engine  data 


are  processed  and  sent  to  the  DTM  for  storage.  Continuous  Vibration 
Monitoring  Data  from  dedicated  velocimeters  and  accelerometers  is 
processed  by  the  VMS  and  also  stored  in  the  DTM.  BIT  data  from  both 
the  FDAU  and  VMS  is  stored  in  the  DTM  as  well.  During  flight 
operation,  no  specific  interaction  is  required  by  the  aircrew.  After  the 
flight,  the  HUMS  stops  recording,  based  upon  user  defined  stop  criteria, 
and  automatically  shuts  down  when  the  power  is  off. 

After  a  series  of  flights,  the  DTM  is  removed  from  the  aircraft  and 
taken  to  the  ground  processing  center  where  the  GSS  is  resident.  The  GSS 
utilizes  a  Data  Receptacle  Unit  similar  to  the  airborne  unit  for  data 
upload,  download,  and  maintenance  actions.  The  downloaded  data  is 
decompressed  and  the  output  is  time-sequenced  data  in  engineering  units 
in  binary  form  on  separate  files  for  mishap,  structures,  and  engine.  The 
data  is  now  ready  for  analysis  utilizing  the  Ground  Support  Station 
software  analysis  tools. 

Although  the  need  for  crash  protected  VADR™  data  downloading 
is  relatively  infrequent,  this  may  be  done  in  a  similar  fashion  with  the 
aircraft  on  the  ground.  This  is  accomplished  by  connecting  the  Ground 
Readout  Equipment  to  the  onboard  HUMS  GRE  connector  and  applying 
power  to  the  HUMS.  From  the  menu  displayed  on  the  GRE,  VADR™ 
downloading  is  selected.  When  the  download  is  complete,  the  GRE  can 
be  used  to  process  and  playback  the  voice  and  flight  data. 

The  SH-60B  Flight  Data  Recorder  (FDR)  subsystem  consists  of  the 
following  major  elements: 

•  Flight  Data  Acquisition  Unit. 

•  Crash  survivable  combined  Voice  and  Data  Recorder. 

•  Data  Transfer  System. 

The  baseline  SH-60B  FDR  subsystem  provides  flight  data  recording 
for  mishap  investigation  and  cockpit  voice  recording  of  the  intercom 
system  and  an  area  microphone.  The  FDR  subsystem  also  provides  the 
capability  of  aircraft  data  recording  for  flight  regime  recognition. 
Individual  Aircraft  Tracking  (IAT)  for  aircraft  structural  integrity 
monitoring,  and  engine  structural  integrity  monitoring. 


The  Flight  Data  Acquisition  Unit  provides  monitoring  and 
acquisition  of  analog,  strain  gauge,  MIL-STD-1553B,  RS-422,  discrete 
signals,  etc.  Recorded  structures,  engine,  special  event,  and  Built  In  Test 
data  is  stored  the  DTM  and/or  the  crash  protected  VADR™.  The  FDAU  is 
the  primary  analog /discrete/  digital  data  acquisition,  processing,  and 
storage  management  component  of  the  HUMS.  The  FDAU  gathers  data 
from  numerous  aircraft  sensors  which  provide  such  information  as 
attitude,  airspeed,  flight  control  positions,  and  engine  performance 
parameters.  The  FDAU  can  accommodate  the  following  types  of  signals: 

•  Analog  signals. 

•  Discrete  signals. 

•  Strain  gauge  (Low  Level  DC  Analog)  signals. 

•  MIL-STD-1553B  digital  signals. 

•  RS-422  digital  signals. 

The  SH-60B  HUMS  FDAU  flight  data  acquisition  and  processing 
functions  include: 

•  Analog  and  discrete  signals  received  and  converted  to  necessary 
digital  formats. 

•  Digital  parameters  acquired  from  MIL-STD-1553B  data  bus  as  a 
Bus  Monitor. 

•  Primary  interface  to  HUMS  subsystems  and  Ground  Support 
Equipment  (GSE). 

•  Performing  the  flight  data  acquisition  functions  for  the  VADR. 

•  Time  history  recording 

•  Occurrence  histograms,  usage  accumulators. 

•  Exceedences,  overload  tables. 

•  Snap  shot  and  / or  continuous  sensor  monitoring. 

•  Derived  parameter  calculations. 

The  FDAU  interfaces  with  the  DTS  for  storage  of  flight  and 
maintenance  data.  A  high  performance  microprocessor  in  the  FDAU 
samples,  scales,  and  processes  the  data  before  it  is  recorded.  The  aircraft 
mishap  data  and  audio  data  is  stored  in  the  VADR™  Crash  Protected 
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Memory  (CPM)  in  non-volatile  Electrically  Erasable/Programmable 
Read-Only  Memory  (EEPROM),  while  the  flight  and  maintenance  data  is 
stored  in  the  DTM  non-volatile  memory.  Documentary  and  Built  In  Test 
data  is  also  stored  in  the  DTM. 

The  VADR™  provides  data  collection  and  mishap  recording  of 
audio  data,  aircraft  flight  and  system  parameters  to  support  post  incident 
analysis.  The  Cockpit  Voice  Recorder  (CVR)  function  of  the  VADR™ 
provides  recording  of  cockpit  voice,  radio  transmission  and  cabin  area 
audio  signals  for  accident  investigation  purposes.  The  Flight  Data 
Recorder  function  of  the  VADR™  provides  recording  of  mishap  parameter 
data  on  periodic  intervals.  The  FDR  function  is  interfaced  to  the  DAU  via 
a  RS-422  serial  digital  bus.  The  VADR™  complies  with  the  crash 
survivability  requirements  of  EUROCAE  ED-55  (Chapter  7),  EUROCAE 
ED-56  (Chapter  6),  and  EUROCAE  ED-56A  (Paragraph  5.3). 

The  VADR™  stores  digital  flight  data  and  audio  signals  in 
nonvolatile  memory  located  in  a  crash-protected  memory  housing.  The 
VADR™  connects  directly  with  aircraft  audio  systems  to  receive  voice 
data.  The  digital  flight  data  is  received  through  a  RS-422  serial  interface 
to  the  FDAU.  Discrete  input  and  output  signals  are  available  as  is  an 
audio  playback  channel. 

The  VADR™  consists  of  the  following  three  main  components: 

•  Crash  Protected  Memory  (CPM). 

•  Flight  Data  Recorder  (FDR)  and  CPM  Input/ Output  Interface. 

•  Cockpit  Voice  Recorder  (CVR)  Input/ Output  Interface. 

Mishap  flight  data  is  sent  to  the  VADR™  via  a  digital  serial  bus  for 
storage  in  a  specially  crash  protected  non-volatile  Electrically  Erasable/ 
Programmable  Read-Only  Memory  (EEPROM).  A  high  speed  RS-422 
interface  is  also  provided  for  data  downloading  and  maintenance  actions 
via  the  Ground  Readout  Equipment. 

The  voice  recording  interface  accommodates  four  audio  channels 
with  each  channel  capable  of  storing  a  minimum  of  1  /2  hour  of  audio 
information.  The  audio  inputs  are  received  through  analog  buffers  and 
then  converted  to  a  digital  signal  via  an  analog  to  digital  converter.  The 
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voice  data  is  formatted  and  passed  to  a  general  purpose  processor  for 
storage  in  the  Crash  Protected  Memory.  In  addition,  the  voice  recorder 
interface  provides  an  audio  playback  channel  to  monitor  the  audio  input 
channels.  Synchronization  of  the  flight  data  and  voice  data  recording 
functions  is  provided  using  an  internally  generated  time  tag  stored  in 
both  the  flight  data  and  voice  data. 

The  Ground  Readout  Equipment  is  used  for  downloading  flight 
and  voice  data  from  the  VADR™  when  required.  The  GRE  hosts  the 
software  and  hardware  used  to  download  VADR™  data,  display  flight 
data  and  playback  audio  data. 

The  VADR™  Cockpit  Voice  Recorder  function  is  supported  by  a 
CVR  Control  Panel  designed  per  ARINC-557  requirements.  The  CVR 
control  panel  also  includes  the  cockpit  area  microphone  preamplifier. 

Growth  potential  for  the  system  includes  adding  vibration  data 
from  the  VMS  to  the  information  stored  in  crash  protected  memory.  This 
is  considered  to  be  extremely  valuable  information  for  helicopter  incident 
investigation  purposes. 

The  SH-60B  HUMS  incorporates  a  high  capacity  Data  Transfer 
System  which  provides  significant  operational  flexibility  to  the  HUMS 
operation  by  the  aircrew  and  maintenance  personnel.  The  airborne 
portion  of  the  DTS  consists  of  a  removable  Data  Transfer  Module  and  a 
Data  Receptacle  Unit.  The  DRU  is  a  small,  rugged  chassis  that  rack 
mounts  in  the  helicopter  and  provides  the  physical  mounting  and 
electrical  interface  for  the  DTM. 

The  DTM  is  a  small,  rugged,  solid-state  portable  memory  cartridge 
used  for  digital  information  storage,  loading,  and  retrieval.  The  DTM 
utilizes  high  density  Flash  EEPROM  memory  for  data  storage.  As  part  of 
the  airborne  HUMS,  the  DTM  is  located  within  the  DRU.  The  DTM  is 
easily  inserted  in  and  removed  from  the  DRU  for  data  downloading, 
processing,  and  analysis  on  the  Ground  Support  Station. 

The  baseline  SH-60B  HUMS  DTM  has  a  capacity  of  40  Mbytes  with 
as  expansion  capacity  to  150  Mbytes  if  required.  An  additional  DRU  and 
supporting  interface  are  incorporated  in  the  Ground  Support  Station 
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(GSS).  The  DTS  provides  the  primary  data  recording  media  for  all  of  the 
HUMS  subsystems  during  normal  aircraft  operation.  This  includes  both 
processed  (e.g.  flight  regimes,  system  health  indicators,  etc.)  and 
unprocessed  data  (e.g.  flight  data  compressed  data  files,  vibration 
monitor  log  files,  EEMS  pulse  data,  etc.).  Additional  HUMS  data  transfer 
capability  is  provided  via  a  onboard  HUMS  Ground  Readout  Equipment 
(GRE)  connector  which  interfaces  to  the  Ground  Readout  Equipment  for 
HUMS  installation  integration,  repair  and  troubleshooting. 

The  Vibration  Monitoring  System  is  an  advanced  vibration 
monitoring  system  that  provides  helicopter  health  monitoring  and 
processing  functions.  The  VMS  is  a  compact,  lightweight  high 
performance  data  acquisition  and  processing  subsystem  that  is  a 
derivative  of  the  vibration  monitoring  system  for  the  US  Air  Force  MH- 
53J  helicopters.  The  VMS  functions  include  comprehensive  rotor,  drive 
train,  gearbox,  engine  and  structures  health  monitoring,  diagnostic  data 
acquisition  and  maintenance  processing.  Key  SH-60B  HUMS  VMS 
functions  include: 

•  Automatic  or  manual  collection  of  vibration  and  optical  tracker 
data  from  a  series  of  flight  regimes. 

•  Collection  of  spectra  from  a  series  a  flight  regimes  for  trend 
monitoring. 

•  Capture  of  random  spectra  for  analysis  of  intermittent  aircraft 
events. 

•  Collection  of  spectra  for  health  monitoring. 

•  In-flight  check  of  vibration  conditions  for: 

-  Main  and  tail  rotor. 

-  Engines  and  oil  cooler. 

-  Gearboxes  (input  modules,  intermediate  gearbox  and  tail  rotor 
gearbox). 

-  Shafts  (high  speed  input  shafts.) 

-  Airframe  (absorbers  and  airframe  signature). 

•  Calculation  of  rotor  and  blade  maintenance  adjustments  based  on 
track  and  vibration  data. 
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•  Calculation  of  main  and  tail  rotor  and  shaft  balance  solutions. 

•  Identification  of  vibration  levels  and  exceedences. 

•  Continuous  monitoring  of  vibration  frequencies  and  amplitudes. 

The  VMS  acquires  main  and  tail  rotor  data  and  calculates  and 
displays  corrective  actions,  using  all  available  adjustments  to  minimize 
aerodynamic  and  mass  imbalance  induced  vibrations.  Rotor  smoothing 
experience  to  date  demonstrates  that  vibration  levels  well  below 
manufacturers'  limits  are  attainable  in  two  sets  of  adjustments  on  rotor 
systems  with  no  mechanical  faults.  The  VMS  incorporates  continuous 
engine  vibration  monitoring,  event  capture  and  pilot  advisory  for 
manufacturers'  limit  exceedence. 

The  VMS  provides  sensor  interfaces  for  vibration  sensors  (velocity 
and  acceleration),  speed  sensors  (magnetic  pickups  and  photocells)  and  a 
blade  track  sensor.  The  SH-60B  HUMS  VMS  sensor  locations  are  shown 
in  Figure  3. 

The  VMS  acquires  main  rotor  track  information  by  use  of  a 
permanently  mounted  Optical  Blade  Tracker  (OBT)  with  shock  mounted, 
sealed,  anti-reflection  optics.  The  OBT  passively  measures  the  blade  lead, 
lag  and  track  height  during  day  and  low  light  conditions.  The  OBT 
provides  precise  timing  pulses  of  blade  passage  from  which  relative  blade 
height  and  lead/lag  measurements  are  derived.  The  track  and  lead/lag 
data  acquisition  are  integrated  with  main  rotor  balance  solution.  The 
OBT  is  mounted  on  the  forward  fuselage,  on  the  advancing  side  of  the 
nose,  oriented  upward  toward  the  underside  of  the  rotating  blades.  It 
views  each  blade  through  a  ten  degree  window  and  operates  on  the 
principle  that  a  high-flying  blade  will  remain  in  the  field  of  view  longer 
than  a  low-flying  blade.  This  timing  is  then  converted  to  distance  data  by 
use  of  a  sensitivity  constant  base  on  the  sensor-blade  installation 
geometry.  The  internal  circuitry  is  adaptive  to  adjust  for  different 
contrasts  and  changing  light  levels.  The  OBT  also  has  its  own  light  source 
that  can  be  used  for  night  operations. 

The  VMS  provides  a  date  and  time  stamp  that  is  communicated  to 
the  FDAU  for  use  in  time  correlation  of  flight  parameters  with  continuous 
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Figure  3  SH-60B  HUMS  Vibration  Sensor  Locations 


vibration  data.  The  ability  exists  to  expand  the  output  from  the  VMS  to 
allow  for  triggering  of  flight  data  snapshots  at  the  time  of  vibration 
exceedence  detection. 

The  Ground  Readout  Equipment  is  an  personal  computer  which 
interfaces  to  the  DAU  for  data  upload,  download,  and  maintenance 
actions.  The  GRE  allows  the  operator  to  download  flight  and  voice  data 
from  the  VADR,  upload  data,  and  perform  BIT  and  status  interrogations 
of  the  HUMS  via  a  RS-422  interface.  The  GRE  provides  the  operator  with 
the  capability  to  display  in  real  time  the  aircraft  parameters  being 
acquired  by  the  DAU.  This  procedure  is  used  on  a  powered  up  aircraft  to 
check  suspected  problems  with  aircraft  wiring  and  sensors  feeding  data  to 
the  DAU.  The  GRE  can  provide  both  real-time  and  off-line  display  of 
flight  data  and  playback  of  voice  data. 

The  DTU  provides  all  interfaces  necessary  for  on-board  vibration 
maintenance  in  addition  to  the  VMS  automatic  data  acquisition  and 
storage  functions.  The  automatic  functions  are  based  either  upon  regime 
recognition  or  by  periodic  acquisition  and  exceedence  checking.  The  DTU 
is  used  to  provide  additional  maintenance  functions  such  as  air  crew 
scheduled  data  acquisition,  input  for  track  and  balance  adjustments 
performed  by  the  maintenance  crew,  review  of  system  faults,  display  of 
log  files  and  maintenance  actions,  and  upload  of  new  operational 
programs  or  configuration  files. 

The  GSS  is  an  IBM  compatible  desktop,  commercial  personal 
computer  and  printer  which  is  used  to  download  HUMS  from  the  DTM 
and  host  the  HUMS  data  analysis  programs.  The  GSS  can  also  be  used  to 
display  the  mishap  flight  data  and  replay  the  voice  data.  The  GSS 
provides  the  capability  to  archive  HUMS  data  using  a  high  capacity 
memory  back-up  storage  unit. 

The  GSS  software  includes  generalized  data  management  and 
analysis  packages  geared  toward  analyzing  data  and  managing 
maintenance  operations.  The  GSS  allows  the  user  to  perform  manual  and 
automatic  analysis  of  data  based  on  procedures  established  by  the 
equipment  manufacturers.  The  primary  analysis  tools  for  the  SH-60B 
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HUMS  are  the  Windows  Data  Review  Tool  (WinDRT)  for  flight  data 
display  and  analysis  and  the  Vibration  Monitoring  System  (VMS) 
VibraLog  program  for  vibration  data  analysis.  The  ground  support 
analysis  tools  also  provide  correlation  of  flight  recorder  data  with 
vibration  data  and  engine  electrostatic  activity  to  enhance  post  mission 
analysis  capability. 

The  Windows  Data  Review  Tool  (WinDRT)  is  the  primary  tool  for 
analysis  of  flight  data  acquired  by  the  HUMS.  WinDRT  provides  the 
following  review  and  analysis  capabilities: 

•  Interactive  user  selection  of  a  particular  flight  or  other  block  of 
recorded  data  from  those  available  in  a  downloaded  data  file. 

•  Interactive  viewing  and  manipulation  of  flight  data  in  a  tabular 
text  form  including  the  hiding  of  columns  of  non-relevant 
parameters,  permuting  of  the  order  in  which  the  parameters  are 
displayed,  and  rapid  access  to  any  part  of  the  data. 

•  Interactive  viewing  and  manipulation  of  flight  data  in  graphical 
form. 

•  The  capability  to  selectively  print  some  or  all  of  the  flight  data. 

WinDRT  is  generic  in  its  operation  such  that  changes  in  the 
recorded  parameters,  method  of  formatting,  or  other  recorder  system 
specifics  do  not  affect  its  operation.  Once  WinDRT  has  been  directed  to  a 
particular  data  block  within  a  data  file,  the  data  is  presented  to  the  user  in 
a  tabular  text  format.  The  dual  plot  mode  of  WinDRT  displays  a  plot  of 
user-selectable  parameters.  As  illustrated  in  Figure  4,  the  lower  graph 
presents  the  data  for  the  duration  of  the  recording  session  and  is  useful 
for  spotting  segments  of  particular  interest  within  the  data.  The  upper 
graph  is  a  plot  of  the  same  two  parameters  but  is  a  magnified  view.  The 
cursor  box  on  the  lower  graph  outlines  the  segment  of  the  data  that  is 
plotted  on  the  upper  graph.  By  sliding  the  cursor  box  across  the  lower 
plot,  the  user  can  see  a  magnified  view  of  any  section  of  the  data.  For 
example,  to  find  the  value  and  time  of  the  occurrence  of  a  peak  in  the 
data,  simply  place  the  cross-hair  on  that  peak  and  then  read  the  values  in 
the  parameter  field  boxes.  In  the  full  plot  mode  shown  in  Figure  5, 
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graphs  of  a  number  of  flight  data  parameters  can  be  displayed  to  allow 
determination  of  events. 

VibraLog  for  Windows  (VLFW)  is  the  core  of  the  SH-60B  HUMS 
vibration  analysis  system.  VLFW  is  a  complete  predictive  maintenance 
productivity  tool  which  automates  routine  operations  for  speed  and 
simplicity  while  offering  the  widest  array  of  analysis  facilities  for  fault 
diagnostics.  Unique  features  like  aircraft  templates  make  it  possible  to  set 
up  and  manage  very  large  databases  easily.  Other  features  allow  for 
configuring  airborne  data  acquisition  functions  on  the  ground,  uploading 
and  running  the  configuration  files  on  the  aircraft,  and  downloading  and 
analyzing  the  data  on  the  ground.  VLFW  functions  include: 

•  Overall  trend  plotting. 

•  Spectrum  alarm  envelope. 

•  Frequency  band  alarms. 

•  Frequency  trend  plotting. 

•  Condition  summary  reports. 

Figure  6  shows  a  simple  plot  of  a  spectrum  measurement.  VLFW 
provides  more  complex  plot  types  such  as  the  one  shown  in  Figure  7. 

This  plot  window  contains  three  plot  panes  containing  a  spectrum  plot,  a 
waterfall  plot  of  that  spectrum  measurement  over  time,  and  the  trend  of 
one  frequency  of  the  spectrum.  In  any  of  the  panes  the  user  may  step  to 
the  next  measurement  in  time  and  all  plots  will  automatically  track 
together.  In  addition,  the  user  can  create  his  own  custom  plot  types 
combining  any  number  of  plot  panes. 

Different  types  and  levels  of  alarms  can  be  attached  to  a  vibration 
measurement.  There  are  categories  of  alarms  available  for  every 
supported  measurement  type  including  magnitude  alarms,  spectrum 
alarms  and  frequency  band  alarms.  The  levels  for  the  alarms  can  be  set  as 
a  constant  value,  a  statistical  value  based  on  a  given  sample  population, 
or  as  derived  from  a  user  defined  baseline  measurement. 

The  VLFW  system  also  allows  the  creation  of  new  vibration 
databases  which  define  data  acquisition  and  alarming  parameters.  The 
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operator  can  then  create  a  VMS  configuration  file  which  can  be  used  to 
dynamically  reconfigure  the  VMS  system  for  testing  and  evaluation  or  for 
specialized  vibration  analysis  tasks.  The  acquired  data  can  then  be 
downloaded  to  VLFW  for  storage  and  analysis. 

The  SH-60B  HUMS  is  currently  undergoing  flight  trials  on  a  US 
Navy  SH-60B  helicopter  at  the  US  Navy  Naval  Air  Station  (NAS)  North 
Island  in  San  Diego,  CA.  The  HUMS  was  installed  in  February  1995  and 
has  logged  over  560  flight  hours  to  date.  The  following  summarizes  the 
current  status  of  the  SH-60B  HUMS  demonstration: 

•  Aircraft  installation  and  wiring  complete. 

•  Flight  system  monitoring  and  recording. 

•  Engine  system  monitoring  and  recording. 

•  Engine,  airframe,  and  drivetrain  continuous  vibration  monitoring 
and  recording. 

•  All  HUMS  data  (aircraft  system  data,  vibration  data,  etc.)  recorded 
to  an  onboard  DTS  with  a  removable  40  Mbyte  data  cartridge. 

•  Mishap  voice  and  aircraft  system  data  recorded  to  crash  survivable 
memory. 

•  Ground  support  equipment  and  software  delivered  and 
operational. 

The  following  baseline  SH-60B  HUMS  capabilities  are  currently  being 
implemented: 

•  Main  rotor  track  and  balance. 

•  Tail  rotor  balancing. 

•  Vibration  absorber  tuning. 

•  Onboard  signature  checks. 

•  Engine  exhaust  monitoring. 

A  significant  amount  of  correlated  flight  and  vibration  data  has 
been  acquired  by  the  SH-60B  HUMS.  This  data  is  being  reviewed  on  site 
at  NAS  North  Island  by  the  Naval  Aviation  Engineering  Service  Unit 
(NAESU)  SH-60B  Airframe  and  Vibration  Specialist  and  at  the  Naval 
Aviation  Depot  (NADEP)  Cherry  Point  by  the  SH-60B  Engineering 
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Group.  Evaluations  are  being  done  to  determine  the  effects  of  flight  on 
the  vibration  levels  at  the  points  established  by  the  US  Navy  Maintenance 
Operating  Procedures  for  the  SH-60B  and  to  assess  if  the  in  flight 
vibration  levels  are  consistent  with  the  predicted  levels  for  the  helicopter. 
Preliminary  analysis  of  the  data  shows  that  there  are  certain  maneuvers 
performed  with  the  helicopter  that  significantly  increase  the  vibration 
levels  experienced  by  the  airframe. 

The  continuous  monitoring  of  vibration  on  the  helicopter  is  also 
providing  trending  data  that  can  be  used  in  determining  the  effects  on  the 
helicopter  structure  that  are  a  direct  result  of  wear  on  components  that 
cause  changes  in  balance  of  the  main  rotor,  tail  rotor,  and  high  speed 
shafts. 

During  this  demonstration,  trend  spectrums  are  being  collected 
every  150  flight  hours  on  the  helicopter  for  use  in  projecting  component 
replacement  and  maintenance  activity  schedules. 

In  addition  to  providing  data  that  can  be  used  in  assessing  the 
affects  of  flight  on  the  airframe,  the  system  has  been  shown  to  have  the 
potential  to  accurately  track  normal  and  exceedence  usage  time  on  the 
airframe,  engines,  and  rotors  of  the  helicopter.  Data  has  also  been  used  to 
determine  the  actual  levels  of  engine  torque  and  rotor  speed  experienced 
by  the  helicopter  on  specific  flights. 

The  requirement  for  operational  readiness  rates  of  military 
helicopters  is  higher  than  ever  before.  Total  health  of  a  helicopter 
requires  factoring  in  vibration  data  to  provide  component  wear  and 
mechanical  integrity  assessment  not  originally  calculated  in  airframe 
lifing.  The  permanently  installed  HUMS  provides  the  necessary 
correlation  between  vibration  levels,  helicopter  flight  regimes,  and 
aircrew  induced  vibrations  to  give  this  total  health  assessment  and 
improve  operational  readiness  rates.  Additionally,  a  permanently 
installed  HUMS  improves  operational  safety  and  provides  reduced 
maintenance  time  and  costs  through  the  elimination  of  carry  on 
equipment.  The  US  Navy  has  also  identified  a  requirement  for  on-line 
diagnostics  for  improved  flight  safety  and  maintenance  of  helicopter 


engines  and  drive  systems.  Smiths  Industries,  teamed  with  Chadwick- 
Helmuth  Company,  has  developed  an  Integrated  Health  and  Usage 
Monitoring  System  (HUMS)  which  incorporates  mechanical  diagnostic 
technologies  for  airframe,  propulsion  and  drive  train  monitoring  to  meet 
these  requirements.  The  HUMS  is  currently  undergoing  flight  trials  on  a 
US  Navy  SH-60B  helicopter.  This  paper  describes  the  system  capabilities 
and  summarizes  the  status  of  the  SH-60B  trials. 
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Solution:  Aft  'Deck' 
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Aft  Deck  Redesign 

\  independent  review  team  was  established  of 
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manufacturers)  material  experts 

Pratt  &  Whitney  (engines)  -  University 
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Modified  baseline  design 
»  Change  material 
»  Minor  structural  change 


Option  #1:  Cooled  Floating 
Liner 
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inspection/  maintenance 
-  Cost/schedule 


Option  #2:  Modified  Baseline 
Design 
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-  High  Skin  Temperatures 

-  Difficult  to  analyze  and  predict  structural  life 


Selection:  Modified  Baseline 
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Modified  Baseline  Design 
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full  scale  thermal  test  conducted  on  the  full- 
scale  static  test  article. 


Modified  Baseline  Design 
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Modified  Baseline  Design 
Component  Testing 
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These  tests  validated  the  durability  and  static  test 
analyses 

Tested  at  worst  case  temperature  and  acoustic  levels 


Modified  Baseline  Design 
Verification  Testing  and  Schedule 


Aft  Deck  design 

■  7  through  AV  - 13  were  delivered 


Current  Status 
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rack  Repair  Philosophy 


U  nj 


Z  d 

4h  o 

y  *43 

H  03 


03  U 

S  15 

x  2 

O  « 

Oh  jT 

0<  d 
Od  S  4*5 
n  >  ^ 

y  <h  d 

*  -S 

c  e 
3  go 

a  S 

'U  5  (3 
Oh  •!  O 


g-g 

0)  -rt 

n  *5 

?— i  jS 

*c3  *g 

?— i  ^ 

8  -c 

3  -0 

0  CL, 

o  o 
Q  « 


<U  Si 

-9  5 


£ *d 

£  <X> 

s  > 

T3  2 

0)  S 

>  2 

S  jg 
0)  «■“ 
•M  U-i 

X  CO 
<U 

CO  d 
q;  R 

•d  w 
d  <d 

§r§ 

p2  Ph 


CD  ^ 
w  O 

o  t 

$  § 

£  I 

H->  O 

g  ’ol 

QJ  k 

*P  £ 

.5  ^ 

£  -d 
co  d 
j_,  CD 

V  > 

<d  a ) 

5  a, 

o  -g 

*d  § 

d  « 
bO  d 

•a  g 
.2  S 

TJ  0) 

x  -a  J2 

6  S.  y 

frt  P  d 

JP  (U  *H 

CL  ^  u 


463 


464 


u 

S 

o 

U 


O  -H 
03  Cl 

a  2 

o  6 

g  § 

o 

q;  P 
^  <D 

d  <y 

f^.S 

JP  bO 

d  Ch 

s  « 


js  2 

o  S 

O  •  rH 


•IT  d 

a  « 

a 

d  * 

<d  Oh 

Q,  ?h 

o  .5 
u  <u 

0)  ?H 

.a  | 

bJD  i> 

S  5 

O  5? 


cd 

d  £ 

0)  O 

>  d 
o  u 

Si  Oh 

•  t-H 

CD  0) 
0)  ?H 

TS  3 

T3  2 

g  8 

U  & 


ta  g 

0)  P 

S 

a)  cd 

>  ?H 

•5  & 

u  Ph 

^  s 

<D  W 
H  •*-* 

«  ' •££* 

■ggs 

?ga 


r-j  »H 

0  QJ 


4H  O 

?H  rj 

QJ  g 
Ph.S 


CD 

CD 

O 

Pi 

u  C/D 
Cd  CD 
0) 

<2  eg 

Tj  CD 

q;  Ctf 

Ph  o 
X  +* 
a>  >, 

d  d 

S  a 

•a  d 
5 d 

CJ  .5 

0) 

4->  T3 

^  0 

O  cS 

T3 

2  o 

S  U3 

O  u 
't!  0  a> 

g  TJ  a 

9  «  .9 

0)  u_>  43 
*>  £  Oh 

u  S  o 

I  |  & 

m 

JS  §D  2i 


§D  05 

•s  s 

■s  g 

S'-s 

,fi  "g 

2  bO 

3  2 

g£ 

Ph  i  > 

qj  cd 

*fi  d 
^  <1/ 
Ph  -g 

a  8 

d  J2 

QJ  f-H 

P  rS 
c n  U 

i  i 


465 


Conclusions 
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-  Optimum  design,  verified  by  495  hours  of  flight  test 
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November  28, 1995 
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Representative  processes  utilized  to  machine  holes 
-  Tools  and  speeds 
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Test  Program  (Cont. 
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Test  Program  (Cont. 
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Test  Results  (Rim  Hole 
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ixcellent  Prediction 


Test  Results  (Web  Holes 
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Prediction  Not  In  Agreement  with  Test 


Test  Results  (Web  Holes 
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45  SFM  DRILL/BORE  MACHINING  PROCESS.  SI  10  SHOTPEEN 
TEST  REULTS:  WEB  HOLES.  NO  HEAT  TINTS 
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Strong  Influence  Relative  to  Design  Expectations 


COMPARISON  OF  LCF  IMPACT  OF  MACHINING  PROCESSES 
TEST  REULTS:  45  SFM  DRILL/BORE  VS.  34/21  SFM  DRILL/REAM 
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LCF  INITIATION  LIFE  (CYCLES) 


45  SFM  DRILL/BORE  MACHINING  PROCESS,  SI  10  SHOTPEEN 
ANALYSIS  OF  TEST  RESULTS:  EFFECT  OF  HEAT  TINTS 
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Heat  Tints  Play  Major  Role 


Overall  Summa 
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ACCELERATED  MISSION  TESTING: 
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28  -30  November  1995 
San  Antonio,  Texas 


Accelerated  Mission  Testing  (AMT) 
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Agenda 
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How  are  AMT  cycles  developed? 
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How  are  AMT  cycles  developed? 
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Have  AMT’s  been  beneficial? 

5  Catagories  of  Distress  Modes 
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INSTRUMENTATION  PASSIVE  STRUCTURAL  ACTIVE  AIRFOIL 

DAMPING  ANALYSIS  VIBRATION  CONTROL 
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HCF  S&T  PLAN 
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.  Establish  a  “modified”  Goodman  Diagram  that  accounts  for  4.  threshold  Fracture  Mechanics  incorporated  into  design  system  * 

damage  (A)  and  hnsip  (C)  / \#,#  =  Milestones  #  &  #  are  being  demonstrated 

l.  Determine  extent  of  MCE  damage  accumulation  (H)  5.  Demo  damaged  fan  blade  with  Ti/LSP  characterization  (A,B,C) 

l.  Understand  and  quantify  statistics  of  crack  initiation  and  growth  (C)  (xxx)  :  Not  Budgeted 
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PW2000/F1 1 7  ENGINE  FAMILY 
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F1 1 7-  PW-1 00  ENSIP 

INSPECTION  INTERVAL 
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PWA 1 264  (Cast  +  Hip  Ti6-4)  Spot  check  Partial 
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The  Canadian  Forces  Experience 
with  the  Operation  of  Loads  Monitoring  Process  for 
Efficient  Structural  Life  Management 


Capt.  Serge  Le  Guellec 
CF-18  Structural  Integrity  Specialist 
National  Defence  Headquarters,  Ottawa,  Ontario,  Canada 

Mr.  Mirko  Zgela 
Senior  Structures  Engineer 
Martec  Limited,  Halifax,  Nova  Scotia,  Canada 


Summary  -  To  improve  safety  and  lower  fleet  maintenance  costs,  Operational  Loads  Monitoring 
(OLM)  programs  have  been  implemented  by  most  air  forces  to  quantify  the  accumulation  of  fatigue 
damage  in  aircraft.  The  Canadian  Forces  have  recently  reviewed  the  effectiveness  of  current  OLM 
practices  in  providing  efficient  fleet  management  information.  A  key  conclusion  of  the  review  is  that 
OLM  should  be  considered  as  an  Information  System  (IS)  and  characterized  as  an  information 
"handling  process"  in  which  information  is  gathered,  processed  and  managed.  OLM  system 
|  development  should  then  focus  on  the  end  user  needs  and  on  the  quality  and  pertinence  of  the 
information  provided  to  decision  makers.  Individual  Aircraft  Tracking  (IAT)  is  performed  by  using 
data  generated  by  the  OLM  and  the  Aircraft  Structural  Management  Information  Systems  (ASMIS). 
As  such,  OLM  can  be  considered  as  a  critical  element  of  the  force  management  methods.  High 
level  of  integration  between  these  two  information  systems  will  allow  for  increased  safety  and 
optimum  maintenance  scheduling.  OLM  management  and  technical  issues  that  will  ensure  a 
successful  OLM  are  discussed.  The  need  for  timely  feedback  of  the  OLM  generated  data  to  the 
operational  community  will  be  emphasized  in  the  context  of  a  fleet  Fatigue  Life  Management 
Program  (FLMP).  Recommendations  for  OLM  system  improvements  and  research  areas  are 
formulated. 

L= . . .  .  — — - 


1.0  Introduction 


Under  the  auspices  of  the  Aircraft 
Structural  Integrity  Program  (ASIP),  the 
Canadian  Forces  (CF)  have  been  involved 
in  the  past  ten  years  with  the  design, 
installation  and  operation  of  Operational 
Loads  Monitoring  (OLM)  equipment  for  a 
number  of  its  fleets  of  aircraft,  e.g.  the 
CT114  Tutor,  CC130  Hercules,  CC144 
Challenger  and  CPI 40  Aurora  fleets. 

As  a  result  of  the  above  projects,  the  CF 
aeronautical  engineering  and  maintenance 
communities  as  well  as  associated 
contractors  have  acquired  extensive 
experience  on  aircraft  loads  monitoring. 


That  practical  knowledge  ranges  from  the 
development  of  individual  aircraft  fatigue 
usage  tracking  strategies  to  database 
management  and  includes  the  design  of 
dedicated  OLM  instrumentation  suites, 
usage  of  modem  fatigue  and  crack  growth 
methodologies,  the  preparation  of  in- 
service  airframe  inspection  packages  and 
implementation  of  more  effective  fleet 
management  methods. 

The  purpose  of  this  paper  is  to  summarize 
the  CF  practical  experience  acquired 
during  the  conduct  of  OLM  projects,  with 
an  emphasis  on  managerial  and  technical 
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lessons  learned.  Furthermore,  simple  yet 
effective  ways  of  monitoring  the 
performance  of  a  given  aircraft  fleet  OLM 
capability  will  be  proposed.  Finally,  new 
strategies  for  the  conduct  of  future  and/or 
existing  OLM  projects  will  be  discussed, 
from  technological  and  management 
standpoints. 


2.0  Role  of  OLM  within  ASIP 

AS  IP  fconsists  of  a  series  of  engineering 
activities  aimed  at  ensuring  that  the  risk  of 
catastrophic  structural  failure  due  to 
accidental  damage,  corrosion,  fatigue, 
wear  or  other  structural/material 
degradation  is  maintained  at  an  acceptable 
level  throughout  the  service  life  of  the 
airplane.  A  detailed  description  of  the 
Canadian  Forces  ASIP  and  related  tasks  is 
provided  at  reference  [1]. 

The  Structural  Maintenance  Plan  (SMP)  is 
one  of  the  key  ASIP  engineering  document 
in  that  it  defines  the  airframe  maintenance 
package  which  must  be  implemented  to 
minimize  the  risk  of  structural  failure, 
minimize  life  cycle  maintenance  costs  and 
enhance  aircraft  operational  readiness.  To 
do  so,  the  SMP  depends,  amongst  other 
things,  on  the  accurate  tracking  of  aircraft 
in-service  usage  and  precise 
measurements  of  in-service  loads. 

The  relationships  between  the  many  ASIP 
activities  with  respect  to  the  SMP  are 
shown  in  figure  (1).  As  it  can  be 
appreciated,  a  large  number  of  engineering 
tasks  must  be  completed  to  prepare  the 
SMP  and  track  its  adequacy  once 
implemented  in-service.  There,  it  can  be 
seen  that  OLM  plays  a  vital  role  in 
collecting  the  in-service  usage  information 
required  to  ensure  that  individual  aircraft 
usage  conforms  to  the  spectra  used  for 
structural  certification  test  purposes  and 
that  in-service  maintenance  packages  are 
tailored  to  meet  the  ASIP  stated  objectives. 


3.0  Objectives  of  OLM 

From  the  above  discussion,  it  is  argued 
that  OLM  must  be  perceived  as  a  complex 
Information  System  (IS)  that  collects, 
processes,  stores  and  communicates 
structural  fatigue  data  to  a  number  of  end 
users.  In  that  context,  OLM  is  defined  as  a 
set  of  engineering  and  management 
activities  that  generates  technical 
information  related  to  the  in-service 
usage/loading  state  of  critical  structural 
components  in  support  of  fleet 
management  decisions. 

The  objectives  of  an  OLM  program  are 
therefore  to: 

a.  improve  safety  of  flight  by  identifying 
damaging  operating  techniques 
and/or  mission  profiles: 

b.  reduce  maintenance  costs  by  tailoring 
maintenance  packages  to  actual 
aircraft  usage; 

c.  identify  fatigue  damaging 
manoeuvres/missions  for  the  purpose 
of  defining  better  fatigue  management 
measures: 

d.  define  statistical  information  on  fleet 
usage  for  the  purpose  of  fatigue 
calculations;  and 

e.  detect  possible  overstress  events,  for 
post-flight  detailed  inspections. 


4.0  Needs  of  OLM  end  users 

In  general  terms,  three  distinct  groups  of 
OLM  data  end  users  can  be  identified,  that 
is  the  Operational  community,  the  Weapon 
System  Management  Team  and  the  ASIP 
Support  Contractor. 


Operational  Community  -  Under  the 
auspices  of  the  Fatigue  Life  Management 
Program  (FLMP),  operators  need  to  better 
understand  the  impacts  of  fleet  operational 
usage  on  structural  fatigue  consumption 
and  identify  effective  means  of  minimizing 
fatigue  damage.  Their  information  needs 
will  therefore  largely  consist  of  statistical 
data  on  the  effect  of  mission  mix,  external 
configuration  mix,  mission  profiles,  flying 
techniques  on  airframe  fatigue.  The 
information  is  then  used  to  tailor  specific 
mission  profiles  to  satisfy  both  operational 
capability  and  FLMP  requirements. 

Moreover,  typical  Squadron  Maintenance 
Organizations  conduct  maintenance  in 
such  a  way  as  to  minimize  impact  on 
squadron  operational  readiness  and  within 
the  constraints  of  personnel,  material  and 
funds  available  to  them.  To  that  end,  OLM 
information  is  necessary  for  planning 
purposes  (e.g.  aircraft  rotation  from 
different  roles,  storage,  preventive 
maintenance  scheduling,  etc.),  where 
airframe  fatigue  indicators  are  required  on 
an  individual  aircraft  basis. 

Weapon  System  Management  Team  - 
Within  the  CF,  fleet  managers  are 
responsible  for  the  long  term  airworthiness 
of  the  fleet  to  which  they  have  been 
assigned  and,  as  such,  must  ensure  that 
cost-effective  maintenance  programs  are 
developed  and  implemented  in  a  timely 
manner  throughout  the  Weapon  System 
life  cycle.  These  include  scheduled 
inspection  packages  from  Squadron  level 
to  Depot  Level  as  well  as  special 
inspections,  Aircraft  Sampling  Inspection 
Program,  etc.  Airframe  maintenance  also 
involves  the  embodiment  of  fleet  wide 
proactive  fatigue  enhancement  measures 
and/or  retrofit  packages  to  locally  rectify 
structural  deficiencies  and  restore  long 
term  structural  integrity. 

To  that  end,  fleet  managers  use  OLM 
information  coupled  with  aircraft  specific 
structural  configuration  and  maintenance 
packages  to  project  future  fleet  usage  to 


rationalize  on  an  engineering  basis  the 
necessary  logistical  requirements  to 
implement  the  maintenance  programs 
identified  above. 

ASIP  Support  Contractor  -  The  ASIP 
Contractor  is  responsible  to  provide  sound 
engineering  for  the  continued  structural 
integrity  of  the  fleet  it  supports.  It  is  the 
ASIP  Group  mandate  to  prepare  the  fleet 
SMP,  by  applying  sound  engineering 
rationale  to  design,  certification  tests  and 
in-service  usage  and  maintenance  data. 

Currently,  the  ASIP  Contractors  supporting 
specific  fleets  of  CF  aircraft  do  process 
fleet  OLM  data  and  disseminate  the 
information  to  users  in  the  appropriate 
format.  From  an  engineering  standpoint, 
they  use  the  processed  OLM  information  to 
ensure  that  a  given  fleet  usage  is  within  the 
test  certification  envelope,  that  usage 
differences  are  clearly  established,  their 
impact  evaluated  and  reflected  into  the 
detailed  structural  analyses  which  are  used 
to  rationalize  the  SMP  and  formulate 
recommendations  to  the  fleet  Weapon 
System  Manager. 


5.0  OLM  Hardware 

An  OLM  system  can  be  defined  as  "a  set  of 
engineering  and  management  activities 
conducted  to  generate  engineering 
information  related  to  the  in-service  loading 
state  of  a  structure  aimed  at  supporting 
structural  management  decisions".  This 
definition  recognizes  the  information 
generating  nature  of  OLM  programs  by 
putting  the  emphasis  on  the  end  product  of 
an  OLM  system:  the  delivery  of  reliable 
and  meaningful  engineering  information  to 
decision  makers.  To  supplement  this 
definition,  an  OLM  system  hardware  can 
be  defined  as  "any  equipment  or  electronic 
device  which  measures  and  acquires 
relevant  structural  parameter  data  for  the 
purpose  of  quantifying  the  loading  state  of 
a  structure." 


Most  OLM  hardware  systems  can 
accommodate  flight  parameters  and  strain 
sensors  and  can  cope  with  analog,  digital 
and  discrete  signals.  New  generation 
systems  provide  digital  interfaces  to  aircraft 
systems  via  standard  databuses  such  as 
the  MIL-S-1553  and/or  other  recognized 
standards.  A  block  diagram  of  a  typical 
OLM  hardware  system  is  provided  in  figure 
(2).  Most  systems  are  usually  comprised 
of  an  array  of  aircraft  sensors,  a  Data 
Acquisition  and  Processing  Unit  (DAPU) 
and  a  Mission  Information  Entry  Device 
(MIED). 

The  sensor's  array  is  measuring 
structurally  significant  variables  such  as 
strains  at  pre-determined  locations  and 
selected  aircraft  flight  parameters  that  are 
indicative  of  the  aircraft  loading  conditions. 
Usually  flight  parameters  such  as  aircraft 
velocity,  altitude,  linear  and  angular 
accelerations  and  rates  are  captured  with 
strain  at  selected  locations.  Also,  control 
surface  and  landing  gear  position  may  be 
measured  using  Linear 

Velocity/Displacement  Transducers  or 
switches. 

The  Data  Acquisition  and  Processing  Unit 
(DAPU)  is  the  heart  of  the  system.  This 
black  box  hosts  the  required  electronic 
circuitry  to  process  the  measured  signal 
originating  from  the  sensors.  Usually,  the 
system  architecture  provides  for  signal 
conditioning,  analog  to  digital  conversion 
and  filtering  of  the  analog  signals  and 
direct  capture  of  the  aircraft  digital  signals 
via  a  digital  input  interface.  The  processing 
function  consists  of  event  counting  using 
pre-determined  thresholds  and  deadband 
levels  and  data  compression  of  the 
acquired  signal.  Once  processed,  the  data 
is  stored  into  solid  states  memory  until 
needed  for  transfer.  Most  of  the  DAPUs 
are  software  driven  in  that  most  of  the  key 
parameters  for  data  acquisition  and 
processing  can  be  changed  via 
modification  to  the  system  software.  The 
DAPU  also  provides  a  digital  interface  with 


an  external  PC  for  further  systems 
diagnostic. 

Most  DAPUs  provide  the  capability  to 
interface  a  Mission  Information  Entry 
Device  (MIED)  that  is  used  by  aircrew  or 
ground  crew  to  encode  additional  mission 
related  information  with  the  airframe 
signals.  This  information  is  merged  with 
the  aircraft  data  by  the  DAPU.  Information 
needed  for  fleet  management  purposes, 
such  as  mission  code,  pilot  identification 
code,  airframe  hours  and  cargo  weight  can 
also  be  encoded  with  the  aircraft  data. 


6.0  OLM  Data  Processing  Levels 

OLM  information  treatment  can  be 
conceptualized  as  a  four  level  process 
carried  out  at  the  aircraft,  the  squadron, 
the  data  analysis  center  and  the  fleet 
manager  levels.  Figure  (3)  illustrates  the 
four  levels  of  data  processing. 

The  Aircraft  Level  -  The  data  processing 
performed  at  this  stage  has  been 
traditionally  limited  to  filtering,  data 
compression,  sensors  hysteresis  and 
system  health  verifications.  In  some 
applications,  real-time  feedback  on  the 
loading  state  of  the  aircraft  has  also  been 
provided  to  the  aircrew.  To  reduce 
memory  size  requirement,  the  strains  or 
flight  parameter  time  histories  must  be 
converted  into  a  compressed  form  using 
either  peak  counting,  level  crossing, 
rainflow  or  sequential  peak  and  valley 
counting,  the  last  two  methods  being  the 
most  widely  used.  The  compressed  data  is 
downloaded  by  squadron  maintenance 
personnel  at  regular  intervals  to  a 
computer  referred  to  as  the  Ground 
Retrieval  and  Display  Unit  (GRDU),  using  a 
data  transfer  medium,  a  largely  modified 
laptop  computer  with  increased  memory 
size  or  non-volatile  memory  cassettes. 

The  Squadron  Level  -  The  GRDU  usually 
takes  the  form  of  a  commercially  available 
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Personal  Computer  (PC)  loaded  with  the 
proper  downloading  and  system  software. 
The  data  is  transferred  to  the  GRDU  in 
binary  format  to  speed  up  the  transfer 
process.  It  is  then  converted  to 
engineering  units,  verified  and  validated. 
The  extent  of  data  validation  and 
verification  at  the  squadron  level  varies 
substantially  depending  upon  system 
design.  This  verification  and  validation 
task  implies  that  errors,  such  as  drifting 
sensors,  unserviceable  sensors  and  OLM 
system  malfunctions  are  detected.  Once 
downloaded,  the  data  is  structured  into 
Aircraft  Data  Files  (ADFs).  Depending 
upon  the  data  capture  process  adopted, 
some  form  of  supplementary'  data  is  added 
at  this  stage,  either  entered  manually  or  via 
direct  link  with  other  databases.  The  ADF 
structured  information  is  then  prepared  for 
transfer  to  the  Data  Analysis  Centre.  A 
base  level  database  is  used  to  archive  the 
ADFs  that  have  been  transferred  to  the 
Data  Analysis  Centre  for  further 
processing.  Usually,  ADFs  are  kept  in  this 
database  for  a  limited  amount  of  time  and 
destroyed  when  no  longer  required. 
Transfer  media  are  largely  data  cartridges 
and/or  3.5"  data  disks.  To  date  both 
transfer  media  have  been  found  to  be 
adequate  and  cost  effective. 

Data  Analysis  Centre  Level  -  It  is  at  the 
Data  Analysis  Centre  that  nearly  all  of  the 
hard  processing  work  is  performed  using  a 
fatigue  tracking  methodology  that  has  been 
fully  validated  by  extensive  testing. 
Comprehensive  statistical  processing  is 
performed  to  validate  the  data  and  to 
detect  any  long  term  abnormal  behaviors  of 
the  sensors  and/or  systems  hardware 
using  pre-determined  error  detection 
algorithms.  Further  statistical  processing  is 
done  to  collate  the  data  into  fleet 
operational  information  that  will  be  used  for 
fleet  management  purposes  or,  if  needed, 
in  the  development  of  new  design 
specifications. 

The  validated  data  is  then  collated  and 
sequenced  into  strain  spectrum  that  are 


considered  representative  of  in-service 
usage.  Many  spectra  can  be  collated  and 
analyzed  depending  upon  the  specific  user 
requirements  and  the  number  of  critical 
locations  that  are  of  interest  to  the  user. 
Damage  calculation  is  then  performed  for 
the  fatigue  critical  locations  of  interest. 

Data  processing  at  this  level  will  yield  two 
databases  and  generic  fatigue  reports.  The 
generic  fatigue  reports  will  contain 
structural  fatigue  consumption  information 
that  will  assist  the  end  users  in  making 
rational  decisions  regarding  the  structural 
integrity  of  the  fleet  or  a  particular  airframe. 
An  on-line  database  provides  a  summary 
of  the  fleet  statistics,  provides  in-service 
structural  fatigue  usage  trends  and  ideally 
should  provide  simulation  capability.  An  off 
line  database  contains  all  the  raw  data 
generated  for  the  fleet.  This  database  will 
allow  for  quick  retrieval  capability. 

The  Fleet  Manager  Level  -  This  level  is 
key  to  the  success  of  the  OLM  process. 
This  level  involves  the  interpretation  of  the 
generic  fatigue  reports  provided  by  the 
Data  Processing  Centre  and  will  result  in 
fleet  management  decisions.  Furthermore, 
with  the  information  provided,  the  fleet 
manager  will  be  in  a  position  to  provide 
feedback  to  operational  staff  on  the 
structural  integrity  status  of  the  fleet  and/or 
individual  airframe. 


7.0  Management  Issues 

A  number  of  issues  must  be  dealt  with 
early  on  in  the  OLM  project.  Project 
management  methods  best  suited  for  the 
development  and  implementation  of  an 
OLM  capability  are  first  addressed.  Fleet 
fitment  strategies  are  then  considered, 
where  the  initial  and  recurrent  costs  of  the 
planned  OLM  capability  must  be 
considered.  Finally,  the  design  of  an 
effective  Fatigue  Life  Management 
Program  (FLMP)  is  briefly  discussed,  with 
the  emphasis  on  FLMP  organizational 
issues  and  the  requirement  for  consistent 
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fatigue  usage  management  procedures  for 
all  information  users. 

Project  Management  Methods  -  Given 
the  scope  of  the  work  and  funds  involved  in 
the  design  and  implementation  of  an  OLM 
capability,  the  selection  of  an  adequate 
project  management  method  is  critical.  To 
illustrate  the  point,  consider  the  following 
questions. 

Is  the  project  large  or  small?  What  is  its 
impact  on  the  overall  fleet  management? 
What  is  the  degree  of  complexity 
envisaged?  Are  the  project  objectives  clear 
and  are  they  supported  by  all  stakeholders, 
e.g.,  operators,  maintainers  and  engineers 
alike?  Should  the  project  be  considered  as 
a  black  box  integration  task  within  the 
existing  aircraft  avionics  suite,  a  software 
development  project,  an  equipment 
procurement  project  or  as  an  engineering 
database  development  project?  What  are 
the  risks  involved  with  the  project? 

In  general,  although  the  scope  of  OLM 
projects  are  relatively  small  (typically  less 
than  $  10  M  CDN),  they  have  significant 
impact  on  the  management  of  a  given  fleet. 
For  this  reason,  it  is  essential  that  the 
project  be  endorsed  by  the  appropriate 
Force  Commander,  be  given  a  high 
visibility  and  priority  and  that  consensus  be 
obtained  on  project  objectives  from  all 
stakeholders  involved  in  the  project. 

Moreover,  OLM  projects  are  technically 
complex  and  require  the  integration  of 
several  fields  of  expertise,  from  structural 
engineering  to  the  design  of  dedicated 
databases.  From  experience,  a  small 
project  team  must  therefore  be  closely 
working  together,  as  trying  to 
compartmentalize  work  packages  amongst 
a  number  of  independent  contractors, 
without  integration,  will  result  in  significant 
delays,  cost  overruns  and  frustration. 
Clearly,  integration  is  a  key  characteristic 
of  OLM  project  teams. 

The  technical  and  managerial  concepts 
which  must  be  dealt  with  during  OLM 


projects  are  quite  well  understood  and  are 
relatively  well  documented  in  published 
standards  and/or  in  the  open  literature.  A 
certain  degree  of  formalization  is  thus 
inherently  built-in  this  type  of  project.  More 
to  the  point,  given  the  scope  of  the  work 
involved  and  the  small  size  of  the 
integrated  project,  needs  for  detailed 
project  management  procedures  are  not 
warranted. 

CF  experience  indicates  that  the  project 
management  method  followed  for  the 
design  and  implementation  of  Information 
Systems  (IS)  are  best  suited  for  OLM 
projects.  A  generic  project  management 
framework  is  provided  in  table  (1),  where 
the  major  milestones  and  key  documents 
are  identified.  In  the  early  stages  of  the 
project,  great  care  must  be  exercised  to 
ensure  that  the  Fleet  Management 
Requirements  are  well  defined  and  that 
Fleet  Fatigue  Management  Data 
Specifications  are  produced.  These 
documents  clearly  define  the  fatigue 
information  needs  of  all  end  users,  a 
necessary  step  which  does  not  always 
receive  sufficient  attention.  Similarly,  the 
preparation  of  performance  specifications 
for  the  OLM  hardware,  squadron  level  data 
system,  data  analysis  center  and  structural 
tracking  database  must  be  carefully 
considered  before  they  are  frozen.  Thus, 
at  every  level  of  the  OLM  data  processing, 
quality  of  the  data  should  be  considered  as 
a  prime  concern  and  should  be  accounted 
for  in  the  systems  specifications. 

Finally,  divestment  must  be  properly 
planned,  where  the  responsibility  of  the 
routine  operation  of  the  OLM  capability  is 
transferred  to  the  given  fleet  Fatigue  Life 
Management  Program  (FLMP) 
organization. 

OLM  Fleet  Fitment  Strategies  -  The  fleet 
fitment  strategy  which  will  be  adopted  for  a 
particular  OLM  program  will  largely  be 
dictated  by  specific  fleet  management 
requirements  and  funding  availability,  the 
solution  being  an  optimum  trade-off 
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between  the  two  parameters.  The  strategy 
will  be  the  object  of  detailed  cost/benefits 
analyses  and  feasibility  studies,  the  details 
of  which  are  beyond  the  scope  of  this 
paper. 

OLM  fitment  strategies  can  be  simplified  to 
essentially  two  conceptual  approaches. 
Firstly,  within  a  given  fleet,  a  number  of 
airplanes  are  fitted  with  OLM 
instrumentation  suites  of  varying 
complexity  and  capability.  Secondly,  all 
fleet  aircraft  are  fitted  with  an  OLM 
instrumentation  suite.  A  summary  is 
provided  in  table  (2)  and  relevant  details 
are  provided  below. 

Partial  OLM  fleet  fitment  strategy  -  This 
is  accomplished  by  instrumenting  a 
limited  portion  of  the  fleet.  In  this  case, 
structural  tracking  is  done  at  the  missions, 
squadron  or  fleet  level  depending  upon  the 
statistical  model  used.  The  sample  size  is 
selected  to  be  statistically  representative  of 
the  aircraft  in-service  usage  and  should 
cover  a  wide  range  of  fleet  operations  to 
minimize  usage  uncertainties.  Based  on 
the  above,  30%  of  all  airframe  within  a 
given  fleet  represents  a  good  sample  size 
to  capture  highly  reliable  fleet  usage 
information.  From  past  experience,  the 
following  should  be  considered  when 
establishing  a  fleet  fitment  strategy  [2]; 

a.  each  operational  squadron  should  be 
assigned  a  minimum  of  three  OLM 
instrumented  aircraft,  thus  accounting 
for  low  flying,  unserviceabilities  and 
the  need  to  quickly  collect  in-service 
data; 

b.  the  total  number  of  instrumented 
aircraft  should  not  exceed  30%  of  all 
fleet  aircraft  and  should  be  no  less 
than  10  aircraft;  and 

c.  if  a  large  standard  deviation  from  the 
mean  usage  is  observed,  e.g.  above 
0.15,  the  minimum  number  of 
instrumented  aircraft  should  be 
increased  to  20.  This  scenario  is  likely 


to  happen  when  roles  amongst 
squadrons  differ  significantly. 

This  type  of  fitment  strategy  will  provide 
sufficient  information  to  perform  structural 
integrity  management  of  the  fleet,  up  to  the 
squadron  level.  It  will  not  be  possible  to 
perform  fatigue  management  at  the  aircraft 
level.  This  approach  should  be  considered 
if  the  only  intent  is  to  ensure  that  the 
assigned  operational  mandate  of  the  fleet 
is  well  within  its  certification  envelope  and 
that  roles,  missions  and/or  manoeuvers 
which  can  jeopardize  the  long  term 
structural  integrity  of  the  fleet  are  identified 
for  corrective  actions.  Such  is  the  case  for 
the  CT133  SilverStar  fleet  planned  OLM 
program. 

Full  Fleet  Fitment  -  In  keeping  with  the 
intent  of  ASIP,  true  Individual  Aircraft 
Tracking  can  only  be  achieved  by 
instrumenting  all  aircraft  in  a  given  fleet. 
This  approach  is  the  most  costly,  in  view  of 
the  need  to  instrument  all  fleet  aircraft  and 
the  recurring  costs  associated  with  the 
processing  of  individual  aircraft  fatigue 
data.  However,  the  incremental  costs  of  the 
OLM  program  are  justified  by  the  need  for 
accuracy  of  the  OLM  information  obtained. 
Such  is  the  case  for  the  CF1888  fleet, 
whereby  operational  life  is  dictated  by  safe 
life  requirements.  Clearly,  in  view  of  the 
economic  consequences  attached  to  early 
retirement  from  service,  precise  fatigue 
consumption  data  is  required. 

Fatigue  Life  Management  Program  -  In  a 
nutshell,  the  objectives  of  a  Fatigue  Life 
Management  Program  (FLMP)  are  to 
monitor  and  tailor  aircraft  usage  and 
fatigue  damage  accumulation  so  that  the 
fleet  economical  life  is  maximized  without 
compromising  operational  effectiveness. 
The  success  of  the  program  depends  on 
three  key  elements,  that  is  fatigue 
awareness,  usage  characterization  as  well 
as  guidance  and  control  measures,  as 
shown  in  figure  (4).  A  detailed  discussion 
of  FLMP  is  beyond  the  scope  of  this  paper 
and  is  fully  addressed  at  reference  [3]. 


The  case  of  the  CF188  is  an  excellent  Definition  of  monitoring  and  control 

example  of  a  highly  effective  FLMP  measures  at  Squadron  level  -  It  is  the 

program,  where  aircraft  usage  and  responsibility  of  the  respective  Command 

corresponding  fatigue  data  are  considered  Headquarters  to  formulate  and  implement 

during  the  operational  and  maintenance  uniform  squadron  level  fatigue 

decision  making  processes.  The  program  management  procedures.  In  particular, 

was  instituted  in  1987  and  is  the  most  attention  must  be  paid  to  the  maintenance 

mature  of  all  CF  OLM  initiatives.  The  of  squadron  personnel  fatigue  awareness, 

CF188  FLMP  experience  to  date  clearly  the  consistent  monitoring  of  squadron 

indicates  that  the  efficient  use  of  in-service  fatigue  usage  and  implementation  of 

data  collected  via  an  OLM  capability  effective  damage  control  measures  and  the 

results  in  rationalized  fatigue  consumption,  designation  of  personnel  assigned  to 

offering  good  return  on  OLM  initial  support  FLMP  at  the  Squadron  level.  In 

investment  and  recurring  operating  costs  particular,  the  need  for  clear  guidelines  to 

as  well  as  added  value  to  both  fleet  Squadrons  with  respect  to  individual 

management  and  operations.  aircraft  control  and  its  impact  on  fleet 

sustainability  cannot  be  over-emphasized. 
FLMP  related  Organizational  Issues  -  Finally,  the  requirement  for  accurate 

Because  of  its  vital  role  for  ASIP,  mission  and  pilot  identification  data  must 

engineering  and  maintenance  as  well  as  be  impressed  on  Squadron  personnel  to 

operational  communities,  FLMP  must  be  ensure  that  the  pertinence  of  fleet  usage 

endorsed  at  the  highest  level  within  the  Air  statistical  information  is  not  compromised. 

Force  chain  of  command.  This 

endorsement  must  further  be  OLM  Hardware  Maintenance  Issues  - 

complemented  by  a  clear  definition  and  Given  that  special  algorithms  used  for 

division  of  overall  program  management  fatigue  data  fill-in  for  missing  and/or  faulty 

responsibilities  between  the  respective  fatigue  data  are  generally  highly 

operational  Squadrons,  Command  conservative,  OLM  instrumentation  related 

Headquarters  and  the  ASIP  Contractor.  maintenance  issues  must  be  dealt  with  on 

The  later  requirement  invariably  translates  a  priority  basis  at  Squadron  level.  Clearly, 

into  the  need  to  assign  personnel  maintenance  turn  around  time  must  be 

dedicated  to  support  FLMP  at  all  levels,  optimized  and,  to  that  end,  effective 

from  the  early  project  definition  stage,  procedures  must  be  implemented  to 

project  divestment,  capability  quickly  detect  and  correct  instrumentation 

implementation  and  routine  operation.  faults.  Finally,  the  importance  of  an  up  to 

Clearly,  senior  management  endorsement  date  individual  aircraft  OLM  hardware 

must  be  secured  early  on  in  the  OLM  configuration  database  must  be  stressed, 

project.  as  fatigue  algorithms  will  likely  require 

aircraft  configuration  specific  data  which 
Once  implemented,  the  Force  will  dictate  the  selection  of  appropriate 

Commander's  attention  must  remain  correction  factors  for  further  processing 

focused  on  FLMP  issues  in  order  to  purposes, 

adequately  monitor  and  assess  fleet 

fatigue  consumption  in  relation  to  the  fleet  Fatigue  Data  Processing  Turn  Around 

operational  mandate  and  provide  clear  Time  -  One  of  the  most  frequent 

guidance  to  operational  squadrons  in  the  complaints  voiced  by  fatigue  data 

form  of  regular  feedback  and  the  information  users  is  the  slow  processing 

formulation  of  corrective  control  measures  turn-around  time  of  fatigue  usage  data.  To 

when  required.  that  end,  the  data  stripping  from  OLM 

recorders,  the  transfer  of  files  to  the 
centralized  data  processing  facility,  the 
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actual  processing  and  the  dissemination  of 
processed  data  are  all  activities  which 
must  be  streamlined.  From  a  user 
standpoint,  smart  use  of  information 
technology  is  fast  becoming  one  of  the  key 
elements  of  the  success  of  OLM  programs. 


8.0  Technical  Issues 

A  technical  issue  is  identified  as  any 
aspect  of  OLM  that  could  have  a 
detrimental  effect  on  the  quality  of  the 
structural  integrity  information  provided  to 
the  information  users. 

8.1  Aircraft  Level 

Strain  Gauging  -  Two  major  problems 
have  been  observed  with  strain  gauges: 
drift  and  complete  failure.  Drift  is  described 
by  the  deviation  of  the  zero  setting  of  the 
strain  gauge  bridge  under  zero  load 
conditions.  Drift  can  be  attributed  to  many 
factors  ranging  from  strain  gauge  fatigue, 
structural  hysteresis  and  adhesive 
deterioration  resulting  from  environmental 
effects  or  bad  installation  and  is  often  an 
indication  of  early  failure.  Drift  is  of  prime 
importance  since  it  can  introduce  a  large 
error  factor  in  fatigue  calculations. 
Typically,  a  15%  drift  from  the  reference 
strain  condition  can  result  in  a  factor  of 
two  in  the  fatigue  damage  evaluation. 
Complete  failure  of  the  gauge  is  also  of 
concern  as  lost  data,  unlike  bad  or  drifted 
strain  data,  cannot  be  recovered.  To 
account  for  lost  information,  "fill-in"  data 
derived  from  historical  data  trends  is  used 
and  is  introducing  further  conservatism. 
Finally,  sensor  change  resulting  from 
failed  sensors  also  adds  to  the 
maintenance  burden. 

Strain  gauge  durability  and  accuracy  are 
highly  influenced  by  the  installation 
procedures.  Experience  indicates  that 
traditional  installation  methods  provided  by 
strain  gauge  manufacturers  had  to  be 
extensively  modified  to  provide  much 


needed  improvements  in  bond  durability. 
Moreover,  strain  gauging  is  highly  sensitive 
to  surface  preparation.  In  this  regard,  the 
surface  treatment  process  developed  for 
bonding  of  composite  patching  may  be 
more  appropriate  procedures  to  use  when 
performing  strain  gauge  surface 
preparation.  These  procedures  could 
provide  a  significant  increase  in  strain 
gauge  durability.  Typically,  the  durability  of 
strain  sensors  to  date  has  been  in  the 
vicinity  of  2,000  flying  hours. 

Data  Compression  -  Most  OLM  systems 
hardware  provide  programmable 
parameters  to  adjust  the  level  of  data 
compression.  The  proper  set  up  of  these 
values  is  a  compromise  between  the 
quantity  of  the  data  to  be  recorded  and  the 
accuracy  of  the  fatigue  damage 
calculations.  (E.g.  How  relevant  was  the 
"non  recorded"  data  to  the  fatigue 
damage?).  Data  compression  can  be 
altered  by  varying  "deadband"  and 
"threshold"  values.  Threshold  is  related  to 
the  omission  of  small  cycles  that  have  little 
influence  on  fatigue  estimation.  Increasing 
the  threshold  can  reduce  the  volume  of 
stored  data  but  it  can  also  have  a 
significant  impact  on  life  predictions, 
particularly  in  the  case  of  gust  loads  on 
transport  aircraft.  Deadband  can  be 
defined  as  a  zone  around  the  mean  load 
level  in  which  cyclic  loading  is  considered 
as  insignificant  in  the  estimation  of  fatigue 
damage.  Excessively  small  deadband  and 
threshold  values  will  result  in  an  excessive 
amount  of  recorded  data  while  too  large 
values  will  result  in  the  loss  of  significant 
data  for  which  fatigue  damage  cannot  be 
accounted  for. 

Threshold  and  deadband  values  must  be 
optimized  to  obtain  the  right  level  of  data 
compression  appropriate  to  the  fatigue 
damage  evaluation  methods  use.  This  can 
only  be  performed  effectively  by  conducting 
parametric  studies  and  coupon  for  each 
critical  location  to  be  tracked.  Using  the 
fatigue  calculation  for  validation  provides 
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for  a  more  practical  determination  of  the 
threshold  and  deadband  parameters. 

Data  compression  is  performed  using  a 
compression  algorithm.  Typically,  this 
algorithm  requires  extensive  validation.  It 
has  been  often  the  case  that  data 
compression  algorithms  contain  significant 
design  errors  that  have  resulted  in  the  loss 
of  important  fatigue  cycles.  Usually, 
system  hardware  suppliers  validate  their 
proposed  algorithms  using  pre-determined 
load  sequences  as  test  cases.  A  better 
approach  would  be  to  test  the  data 
compression  algorithms  using  realistic 
sequences  collected  during  flight  or  ground 
tests  for  which  the  knowledge  base  has 
already  been  established.  In  this  regard,  a 
real  test  load  sequence  can  be  properly 
characterized  and  used  as  a  test  case  for 
verification  and  acceptance  of  the 
compression  algorithms.  This  method  of 
validation  of  data  compression  algorithms 
is  highly  desirable  since  it  will  highlight 
problems  very  rapidly. 

Load/Strain  Calibration  -  OLM  calibration 
requirement  has  often  been 
underestimated.  If  the  strain  measurement 
is  in  error,  so  will  be  the  fatigue  calculation. 
The  strain  gauge  reading  must  therefore 
represent,  as  much  as  possible,  the  true 
value  of  strain  state  at  that  location  and 
should  be  time  invariant  for  a  given  load 
condition.  This  can  only  be  achieved  by 
performing  calibration  at  regular  interval. 
By  comparing  the  first  calibration  value  with 
existing  stress  models,  strain  sensor 
installation  problem,  such  as  misalignment 
and  bad  electrical  connections,  can  be 
easily  determined.  Limited  calibration 
using  simplified  calibration  methods  such 
as  localized  applications  of  weights  can  be 
used  for  that  purpose.  Also,  periodic  in¬ 
flight  calibration  using  known  flight 
reference  conditions  can  be  performed  to 
ensure  that  the  strain  gauges  have  not 
drifted  significantly  over  time. 

Download  Periodicity  -  How  often  should 
the  stored  data  be  downloaded?  In  theory, 


this  is  a  function  of  both  the  OLM  system 
hardware  memory  size  and  user's 
requirement  for  frequent  information. 
Downloads  that  are  too  frequent  will  carry  a 
maintenance  overhead.  Download 
intervals  that  are  too  sparse  may  result  in 
the  loss  of  important  data  due  to  unnoticed 
hardware  system  component  failure.  The 
best  approach  to  determine  the 
downloading  interval  is  to  link  the  download 
task  to  the  aircraft  maintenance  schedule 
and  to  integrate  the  download  task  as  an 
element  of  the  scheduled  maintenance 
package.  From  experience,  downloads 
should  not  be  more  frequent  that  once  a 
week  (maintenance  burden)  or  go  for  more 
than  one  month  between  downloads  (lost 
data).  It  should  be  pointed  out  that  these 
criteria,  when  specific  aircraft  operation  is 
taken  into  account,  will  dictate  the  system 
memory  size. 

Mission  Information  Entry  Device  -  The 
requirement  for  the  installation  of  a  Mission 
Information  Entry  Device  (MIED)  must  be 
carefully  weighted.  This  system  is  used  to 
encode  supplementary  mission  data  with 
the  loads  data.  This  information  may  either 
be  essential  for  the  calculation  of  the 
fatigue  damage  or  as  a  complement  to  the 
fleet  usage  statistics  information.  From 
experience,  this  form  of  data  capture  is 
unreliable  because  the  data  can  be  either 
entered  incorrectly,  or  worst  not  entered  at 
all.  Thus,  although  this  device  was 
introduced  to  somewhat  automate  the  data 
gathering  process,  extensive  validation  is 
nonetheless  highly  recommended,  if  MIED 
is  to  be  used  at  all. 

7.2  Squadron  Level 

Data  Validation  and  Verification  -  At  this 
stage,  it  is  essential  that  as  much  data 
error  as  possible  be  identified  and  that  a 
diagnosis  be  established  on  the  cause  of 
faulty  data.  Ideally,  90%  of  all  the  data 
errors  should  be  identified  at  this  stage. 
Early  error  detection  will  ensure  quick 
rectification  of  problems  and  will  avoid 


utilization  of  conservative  fill-in  data  to 
account  for  the  data  lost  while  awaiting  for 
maintenance  to  be  carried  out. 

Typical  errors  that  could  be  identified  at 
that  stage  are:  complete  sensor  failure; 
sensor  drift;  channel  chatters;  channel 
saturation;  out  of  range  values;  and  sensor 
calibration  problems.  Suitable  data 
verification  and  validation  capability  at  the 
squadron  level  is  an  essential  requirement, 
since  it  has  a  direct  influence  on  the  data 
capture  rate  and  on  the  overall  system 
efficiency. 

The  problem  at  the  squadron  level  is  that 
the  technical  expertise  to  perform  a 
diagnostic  assessment  on  data  errors  is 
not  readily  available.  A  way  around  this 
problem  would  be  to  develop  automated 
data  verification  and  validation  algorithms 
that  can  be  easily  programmed  to  provide 
diagnostics  as  to  the  likely  cause  of  data 
errors.  These  algorithms  can  also  be 
designed  to  suggest  rectification  methods. 
The  error  detection  and  rectification 
algorithms  could  be  improved  over  the 
years  as  experience  with  a  particular  OLM 
system  hardware  is  accumulated. 


Data  Return  Rate  -  Previous  experience 
with  OLM  systems  has  indicated  that  a 
data  return  rate  of  approximately  85  to  90% 
could  be  achieved.  The  remaining  portion 
is  made  up  of  missing  data,  due  to 
complete  system  or  channel  failure,  or  bad 
data  resulting  from  faulty  sensors. 
Squadron  maintenance  personnel  are 
responsible  to  ensure  that  the  technical 
problems  associated  with  the  missing  or 
bad  data  is  corrected.  As  such,  squadron 
personnel  performance  in  rectifying  OLM 
hardware  problems  has  a  direct  impact  on 
the  data  return  rate  and  ultimately  OLM 
system  efficiency.  A  proper  feedback  to 
squadron  maintenance  personnel  must  be 
implemented  to  ensure  that  rapid  corrective 
actions  are  prompted  when  problems  are 
noted. 


8.3  Data  Analysis  Center 

Slock  Size  Selection  -  The  determination 
of  the  block  size  for  processing  depends  on 
many  factors.  Generally  speaking,  keeping 
the  block  size  as  small  as  possible  is 
desirable  but  not  always  economical,  since 
calculation  time  is  significantly  increased. 
If  load  interaction  effects  (retardation)  must 
be  accounted  for  in  the  fatigue  damage 
assessment  methodology,  then  the  most 
accurate  solution  is  to  perform  crack 
initiation  and/or  growth  calculations  on  a 
cycle-by-cycle  basis.  This  level  of 
precision  may  not  be  absolutely  needed  in 
all  cases  when  retardation  models  are 
used.  For  transport  aircraft,  for  example,  it 
is  considered  that  keeping  rainflow-counted 
cycles  in  a  flight-by-flight  order  will  provide 
good  accuracy.  In  the  past,  block  size 
selection  was  a  critical  issue.  With  the 
increasing  speed  of  computer  hardware, 
sequence  processing  on  a  line-by-line 
basis  is  now  possible  for  large  quantities  of 
data  at  economical  cost. 

Selection/Validation  of  Fatigue  Damage 
Algorithms  -  The  methods  used  to 
evaluate  the  fatigue  damage  accrual  of 
aircraft  structures  using  loads  monitoring 
data  has  been  to  perform  crack  initiation 
(durability)  or  crack  growth  (damage 
tolerance)  calculations.  These  predictions 
are  compared  with  previous  design 
predictions  or  full  scale  durability  and 
damage  tolerance  testing  data  to 
determine  the  fatigue  damage  accrual. 

The  need  for  proper  calibration  of  the 
fatigue  evaluation  methods  cannot  be  over 
emphasizes.  Regardless  of  the  model 
used,  every  crack  growth  prediction  or 
crack  initiation  analysis  should  be 
supported  by  experimental  calibration,  or 
serious  over  or  underestimation  may  occur. 
Validation  of  material  and  geometry  data, 
and  calibration  of  retardation  models  are 
essential  requirements  and  must  be 
performed.  This  calibration  is  usually  done 
by  performing  coupon  fatigue  testing  using 
load  spectra  representative  of  the  strain 


profile.  It  is  the  accepted  norm  that  this 
calibration  work  must  be  performed  under 
spectra  loading  representative  of  the 
expected  in-service  spectrum.  Any  OLM 
projects  must  therefore  include  a 
calibration  task  for  the  fatigue  damage 
assessment  model  if  the  model  used 
has  not  been  previously  calibrated 
during  design. 

Development  and  Validation  of  Transfer 
Functions  -  Transfer  functions  enable  the 
development  of  loading  sequences  for 
fatigue  critical  locations  based  on  the 
recorded  OLM  data.  The  OLM  data  used 
to  generate  transfer  functions  can  take  the 
form  of  flight  parameters,  strain  sequence 
or  a  combination  of  both.  Transfer 
functions  can  be  developed  using 
analytical  load  models  coupled  with  Finite 
Element  Analysis  (FEA)  or  derived  from 
measurements  performed  in  full  scale 
fatigue  or  flight  test  programs.  If  transfer 
functions  have  been  derived  using 
analytical  models,  it  is  strongly 
recommended  that  they  be  validated  by 
flight  testing.  Validation  will  ensure  that  the 
OLM  recorded  strains  can  be  predicted 
accurately  with  the  analytical  model  used 
to  generate  the  transfer  functions.  The 
validation  of  the  transfer  functions  will 
significantly  increase  the  confidence  in  the 
fatigue  damage  evaluation. 

Data  Validation  &  Verification  -  Not  all 
errors  will  be  detected  at  the  squadron 
level.  The  DAC  processing  should 
ultimately  ensure  that  the  only  data  used 
for  processing  is  good  data.  Ideally  only 
10%  of  all  the  potential  errors  would  be 
detected  at  that  level.  Regardless  of  the 
data  verification  and  validation  strategy,  all 
possible  errors  must  be  detected  and  no 
data  should  be  processed  that  has  fatigue 
significant  data  errors. 

Development  of  Fleet  Usage  Database  - 
Once  the  data  has  been  processed,  the 
fatigue  damage  data  and  fleet  statistics  are 
used  to  produce  fatigue  consumption 
reports  that  are  used  by  the  fleet  manager 


to  make  their  decisions.  The  raw  rata 
(unprocessed)  should  be  archived  in  an  off¬ 
line  database  in  the  event  that 
reprocessing  of  that  data  would  be 
necessary.  It  would  be  highly  desirable  to 
have  the  historical  fleet  statistics  and 
fatigue  damage  data  accessible  via  an  on¬ 
line  database.  This  database,  if  well 
structured,  could  eliminate  the  requirement 
for  printed  reports.  The  new  technology  of 
relational  database  and  computer  network 
already  offers  cost  effective  solutions  to 
information  dissemination. 

8.4  Fleet  Management  Level 

Fatigue  Data  Interpretation  -  Fatigue 
reports  have  traditionally  been  distributed 
in  hardcopy  format.  Making  these  fatigue 
damage  reports  easily  "accessible"  to  the 
non-specialist  engineer  is  a  difficult  task. 
This  can  be  done  however  by  making  use 
of  "graphical  language"  techniques  and  by 
condensing  the  relevant  fatigue 
management  information  into  graphs  and 
histograms.  To  ensure  that  the  information 
presented  is  in  an  acceptable  form,  it  would 
be  advisable  that  fleet  managers  be 
consulted  on  preferred  fatigue  damage 
presentation  report  format.  The  graphical 
fatigue  management  report  formats  could 
be  easily  be  programmed  into  standard 
templates,  into  the  fleet  usage  database. 


9.0  Areas  for  Improvements 

New  strategies  for  OLM  programs  can  offer 
opportunities  for  cost  savings,  improved 
system  performance  and  improved  system 
design.  These  are  discussed  below, 
considering  new  algorithms,  improvements 
to  OLM  instrumentation  as  well  as  areas 
where  research  and  development  initiatives 
are  required. 

9.1  Methods 

General  -  As  a  quick  survey  of  the  open 
technical  literature  would  demonstrate, 
significant  efforts  are  invested  in  the 
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development  of  parametric  load  prediction 
methods  to  derive  loading.  This  concept  is 
promising  in  that  OLM  instrumentation  only 
needs  to  gather  flight  parameters,  thus 
doing  away  with  the  need  to  also  collect 
strain  data.  While  it  is  recognized  that  this 
method  requires  a  significant  investment  in 
analytical  prediction  capability  and 
experimental  flight  testing,  it  could  reduce 
the  OLM  life  cycle  costs  significantly, 
considering  the  savings  associated  with 
the  much  simplified  OLM  instrumentation 
suite  as  well  as  reduced  installation  and 
recurring  maintenance  costs.  A  good 
example  of  parametric  load  formulation  is 
provided  at  reference  [4]. 

OLM  Data  Processing  Strategy 
Calculation  of  fatigue  damage  using  the 
OLM  data  has  been  traditionally  done  at 
the  Data  Analysis  Center.  Today’s 
technology  offers  the  potential  to  use  a 
different  approach  and  fatigue  calculation 
could  possibly  be  performed  in  real  time, 
on  board  the  aircraft.  This  data  processing 
strategy  is  called  on  board  processing  and 
requires  a  powerful  computer  to  process 
flight  parameters  and  strain  data.  Ideally, 
only  the  calculated  values  would  be  stored 
and,  as  such,  the  raw  data  would  be  lost. 
Thus,  there  would  be  no  lag  time  for  data 
processing  and  much  smaller  memory  size 
would  be  required.  This  process  has  the 
advantage  of  significantly  reducing  OLM 
life  cycle  costs  by  simplifying  the  data 
management  task  and  reducing  the  extent 
of  ground  base  infrastructures  that  would 
otherwise  be  needed.  The  loss  of  raw  data 
is  perhaps  the  most  serious  drawback  of 
the  concept  in  that,  should  there  be  a 
recorder  failure  or  fault  in  the  fatigue 
algorithm,  it  would  not  be  possible  to 
retrieve  the  data  to  reconstruct  the  load 
sequences  of  interest. 

In  this  case,  the  reduction  in  required 
memory  size  is  traded  off  against  the 
requirement  for  more  processing  power 
and  the  complexity  of  incorporating  a 
software  algorithm.  The  fatigue  calculation 
software  has  to  be  developed  for  a  specific 


aircraft  and  provision  for  software  upgrades 
and  system  growth  has  to  be  provided. 
With  the  ever  increasing  level  in  computing 
power  of  microprocessors,  the  increasing 
cost  of  personnel  to  run  the  ground 
infrastructures,  and  in  light  of  the  lessons 
learned  from  operating  first  and  second 
generation  OLM  systems,  it  is  likely  that 
this  form  of  processing  will  gain  in 
popularity. 

Human  Involvement  in  OLM  Data 
Processing  -  Current  processing 
procedures  require  human  intervention  for 
the  downloading  of  the  in-flight  data  and 
the  merging  of  supplementary  data  to  the 
flight-by-flight  data  files,  data  shipping  and 
fatigue  report  generation  and  distribution. 
The  involvement  of  human  operators 
results  in  two  problems:  firstly,  there  is  the 
non-negligible  potential  for  human  error  in 
the  data  collation  process;  secondly,  there 
is  the  personnel  cost  associated  with 
maintaining  highly  skilled  and  trained 
resources  to  operate  the  ground 
installations.  To  alleviate  the  impact  of  the 
human  operator  involvement,  data  merging 
operations  should  be  automated  and 
manual  data  entry  avoided  as  much  as 
possible. 

The  need  for  Data  Verification  and 
Validation  at  an  early  stage  of  the  data 
processing  to  identify  most  errors  cannot 
be  over-emphasized.  Moreover,  this 
important  step  of  data  processing  does 
require  well  trained  personnel,  because  a 
fully  automated  data  collection  system 
would  rely  on  complex  data  verification  and 
validation  algorithms,  which  are  still 
expensive  to  develop  and  maintain. 

Finally,  given  modern  computer  networking 
and  relational  database  technologies,  OLM 
system  designers  should  strive  to  render 
the  process  "paperless."  All  fatigue 
damage  reports  should  be  collated  into  an 
on-line  fleet  relational  database  which  can 
be  accessed  by  multi-users,  in  a  user- 
friendly  GUI  type  interface.  Note  that,  for 
the  sake  of  minimizing  database  volume, 


processing  and  maintenance  costs 
respectively. 

9.2  Instrumentation 


only  the  critical  fleet  management 
information  need  be  included  into  an  on¬ 
line  relational  database.  Raw  data  can 
simply  be  archived  into  highly  compressed 
files  using  optical  disk  storage. 

OLM  System  Performance  Assessment  - 
Fundamentally,  the  concept  of  OLM  was 
introduced  to  improve  safety  and  reduce 
maintenance  costs,  two  parameters  which 
can  be  used  to  assess  the  performance  of 
a  given  OLM  system.  From  a  cost 
viewpoint,  benefits  are  obtained  if  the  total 
OLM  life  cycle  costs  are  less  than  fleet 
management  savings  resulting  from  the 
interpretation  OLM  information.  To  date 
however,  the  global  performance  of  an 
OLM  system  is  not  being  monitored  and 
performance  indicators  are  required  to 
ensure  that  its  efficiency  remains  high 
during  its  service. 

Three  indicators  are  proposed,  that  is  the 
data  turn  around  time,  the  data  capture 
rate  and  the  ratio  of  volume  of  data 
produced  over  the  system  recurring 
operating  cost,  or  cost  factor.  The  data 
turn  around  time  can  be  expressed  in  days 
and  provides  an  indication  of  the  OLM 
system  data  processing  efficiency.  It  can 
be  calculated  from  aircraft  downloads  to 
inclusion  of  the  fatigue  damage  data  into 
the  fleet  usage  relational  database.  The 
data  capture  rate  can  be  expressed  as  a 
percentage  and  is  a  direct  measurement 
of  the  OLM  hardware  performance  and  of 
the  OLM  infrastructure's  ability  to  quickly 
detect  and  correct  deficiencies.  Finally,  the 
last  performance  indicator  can  be 
expressed  in  bytes  of  data  processed  per 
unit  dollar  of  recurring  operating  cost 
(Kb/$).  This  indicator  is  a  measure  of  the 
system  efficiency  variation.  The  Kb/$ 
indicator  ranges  from  zero  (i.e.  no  data 
processed)  and  would  reach  an  asymptote 
when  the  system  reached  a  maximum 
processing  capability.  The  volume  of  data 
processed  and  operating  costs  only  include 
data  considered  good  and  the  recurring 
costs  associated  with  the  overall  data 


Add-On  or  Integrated  System  -  It  is  likely 
that  the  Operational  Loads  Monitoring 
system  hardware  for  future  aircraft  design 
will  be  fully  integrated  with  existing  onboard 
computers.  Such  was  the  case  for  the  F/A- 
18  aircraft.  Although  this  would  provide  a 
simpler  approach  from  an  engineering 
system  design  standpoint,  it  imposes  a 
larger  burden  for  software  upgrades,  as 
any  software  changes,  for  example  to 
adjust  dead  band  and/or  threshold,  of  a 
fully  integrated  system  would  not  be 
considered  to  be  of  major  impact  to  justify 
the  significant  costs  associated  with 
extensive  software  validation  and 
verification  testing  for  certification 
purposes.  Delays  for  OLM  system 
upgrades  could  thus  be  substantial.  The 
solution  may  lie  in  the  design  of  a  passive 
OLM  system,  which  software  can  be 
upgraded  independently,  while  still 
maintaining  a  degree  of  integration  with 
other  aircraft  avionics  systems,  an  issue 
which  will  require  careful  consideration  for 
future  aircraft  procurement. 

New  Strain  Sensor  Technology  -  The 
utilization  of  flight  parameters  coupled  to 
foil  strain  gauges  have  been  widely  used 
as  the  preferred  OLM  strategy.  However, 
the  inherent  problems  associated  with 
strain  gauges  and  the  infrastructure 
overhead  required  to  account  for  their 
deficiencies  raise  some  fundamental 
questions.  First,  are  there  other  means  of 
accurately  measuring  strain?  Secondly, 
can  loads  monitoring  be  done  without  any 
strain  gauges? 

Fibre  optic  strain  sensing  is  emerging  has 
a  potential  high  performance  replacement 
sensor  for  conventional  foil  strain  sensors. 
Reference  [5]  provides  an  account  of  the 
recent  developments  in  fibre  optic 
technology  for  strain  measurement.  Fibre- 
optic  strain  sensor  manufacturers  claim 
that  significant  performance  improvements 
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over  conventional  sensors  can  be  achieved 
in  term  of  accuracy,  size  and  weight,  EMI 
immunity  and  reliability.  To  date,  no 
application  of  fibre-optic  strain  sensor 
technology  has  been  performed  in  an  OLM 
environment  and  in  service  experience  is 
almost  non  existent.  It  is  to  be  noted 
however  that  fibre  optic  strain  sensors 
must  still  be  bonded  to  the  metal  substrate 
and  that  surface  preparation  and  adhesive 
bonding  durability  issues  will  still  be 
present  with  fibre-optic  technology. 

Replacement  of  strain  gauges  has 
significant  impact  on  aircraft  maintenance 
and  readiness  as  well  as  on  the  total  life 
cycle  cost  of  an  OLM  program. 
Consequently,  the  number  of  strain 
gauges  used  in  an  Operational  Loads 
Monitoring  remembering  that  the  aim  of 
strain  gauging  is  only  to  collect  gross  area 
strains  in  the  major  load  path  structural 
members.  It  is  therefore  unlikely  that  strain 
gauging  requirements  should  exceed  eight 
strain  sensors  for  most  types  of  aircraft 
structures. 


9.3  R  &  D  Efforts 

Whereas  the  last  decade  has  witnessed 
significant  progress  in  OLM  technology  and 
methods,  efforts  have  largely  been 
dedicated  to  solving  fundamental  hardware 
shortcomings,  such  as  sensor 
measurements,  data  compression 
algorithms,  processing  power,  large  size 
solid  state  memory,  improved  reliability  and 
maintainability.  Moreover,  OLM  technology 
has  rapidly  become  capable  of  collecting 
adequate  data  to  accurately  monitor 
manoeuvre  and  ground  loads.  Indeed, 
progresses  have  been  remarkable. 
However,  it  is  proposed  that  two  areas  now 
need  further  attention. 

Firstly,  the  advent  of  highly  manoeuverable 
fighters,  such  as  the  F/A-18,  using  active 
control  system  technology,  has  resulted  in 
the  need  to  better  comprehend  the  airframe 
structural  response  to  both  manoeuvering 


and  buffet  induced  dynamic  loads.  The 
later  loads  are  particularly  challenging  in 
that  current  OLM  hardware  is  not  designed 
to  capture  the  high  frequency  dynamic  load 
cycles  which  are  of  interest  from  a  fatigue 
standpoint.  Moreover,  there  are  currently 
no  suitable  crack  initiation  or  crack 
propagation  methods  robust  enough  to 
predict  the  fatigue  behavior  of  structural 
components  subjected  to  combined 
manoeuvering  and  dynamic  loads.  It 
follows  from  the  above  that  there  is  a  need 
for  research  and  development  work  leading 
to  the  design  of  third  generation  OLM 
systems,  fitted  with  improved  and  robust 
data  compression  algorithm,  increased 
memory  size  and  improved  fatigue 
algorithm  for  manoeuvering  and  dynamic 
fatigue  tracking. 

Secondly,  new  methods  of  processing 
must  be  devised  if  on  board  calculation  is 
going  to  be  the  way  ahead.  To  that  end, 
neural  networks  are  providing  an  efficient 
solution  to  the  development  of  transfer 
functions  in  that  they  allow  for  the  quick 
determination  of  mathematical  relationship 
between  measured  aircraft  parameters  and 
local  strain  at  critical  locations.  Also  the 
speed  at  which  neural  network  can  perform 
the  calculation,  once  properly  trained,  offer 
cost  saving  opportunity  for  onboard 
processing  of  the  OLM  data.  However,  the 
structural  integrity  community  has  been 
apprehensive  in  using  neural  network 
because  of  a  lack  of  visibility  on  the 
derivation  process.  One  possible 
alternative  would  be  to  use  validated  loads 
models  for  neural  network  training.  The 
solution  provided  would  then  be  a  more 
compact  and  computationally  efficient 
models  that  could  be  used  on  board  for  the 
fatigue  damage  calculation. 


10.0  Conclusions 

Rapid  progress  of  the  microprocessor 
technology  over  the  last  few  years  and  the 
ever  increasing  memory  size  capacity  has 
enable  fleet  wide  monitoring  of  in-service 
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loads  on  aircraft.  This  large  scale 
monitoring  ability  has  open  new 
perspective  in  aircraft  structural  fleet 
management.  Fleet  managers  can  now 
tailor  maintenance  program  to  suit  a 
particular  airframe  requirement  and  provide 
for  increased  safety  and  lowered  overall 
maintenance  cost. 

In  keeping  with  the  above,  it  is  essential 
that  the  OLM  program  be  sharply  focused 
on  end  users  information  needs,  a  critical 
step  in  the  design  of  the  OLM  information 
system.  Furthermore,  data  quality  and 
accuracy  are  prime  concerns  of  the  OLM 
system  architecture.  OLM  system  are  now 
providing  critical  information  to  fleet 
managers  and  can  be  heavily  relied  upon 
for  efficient  fleet  management. 

New  Information  System  (IS)  technologies 
are  providing  opportunities  to  reduce  OLM 
system  life  cycle  costs.  Automation  of  the 
data  collection  process  by  linking  the  OLM 
system  with  existing  fleet  management 
databases  will  reduce  the  costly  personnel 
involvement  in  data  entry.  Also, 
computerized  data  validation  and 
verification  processes  will  systematically 
provide  for  high  quality  data.  Computer 
networking  and  relational  databases  will 
provide  for  a  near  paperless  OLM  fatigue 
reporting  process  and  for  on-line 
availability  of  the  OLM  information  to  all 
end  users. 

From  a  system  management  standpoint, 
three  performance  indicators  were 
proposed:  the  data  capture  volume,  the 
data  turn  around  time  and  the  OLM  cost 
factor.  The  determination  of  these 
indicators  could  be  easily  built-in  the  OLM 
information  system  itself. 

Finally  it  was  argued  that  future  OLM 
research  and  development  efforts  should 


concentrate  on  the  measurement,  tracking 
and  quantification  of  dynamically  induced 
fatigue  damage.  To  provide  for  a  reduction 
in  OLM  system  operating  cost  new  data 
processing  methods  should  be 
investigated.  Neural  networks  and  large 
scale  on  board  processing  are  promising 
options  which  require  further  investigation. 
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From  ASIP  Group  to  Fleet  Managers 
&  Maintenance  Rationalisation  Group 


Figure  1  -  ASIP  &  Structural  Maintenance  Plan 


Sensor  Array 
Dedicated  Sensors 

•  Velocity 

•  Altitude 

•  Stain  gauges 

•  Switches 

•  LVDT 

•  Accelerometers 

•  Rate  sensors 


Analogue 

Signals 


•  Mission  code 
•Pilot  Identification 

•  Airframe  hours 

•  Weather  Information 

•  Cargo  weight 
■  T/O  Fuel  state 

•  Others 


Event  Counting 
Data  Compression 


Memory  Storage 


Data  Acquisition  and  Processing  Unit 


Figure  2  -  Typical  OLM  System  Block  Diagram 
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Level  1 :  Aircraft 

•  Aircraft  Signals  (Digital/Analog) 

•  Signal  Measured/Filtered/Acquired 
-  Data  Compression 
■  Datastorage 

•  Data  Transfer  using  Transfer  Medium 


4 


Data  Transfer 


4 


Level  2:  Squadron 


•  Data  Transfer  to  GRDli 

•  Conversion  to  Engineering  Units 

•  Data  Verification  &  Validation  (Limited) 

•  Supplementary  Data  Merged 

•  Data  Structured  into  ADFs 

•  ADFs  Archived  in  Local  Database 

•  ADF  Transfer  using  Transfer  Medium 


4 


Data  Transfer 


4 


Level  3:  Data  Analysis  Center 


4 

Level  4:  Fleet  Manager 


Data  Verification  and  Validated 
(Extensive) 

Supplementary  Data  Merged 
Data  Processing 

-  Fleet  statistics 

-  Loads  sequencing 

-  Transfer  functions 

-  Fatigue/Crack  Growth 

-  Fatigue  Index/Inspection 
Interval 

Fleet  Management  Reports 
On-line  and  Off-Line  Databases 

4 


Information  Interpretation 
Fleet  Management  Decisions 

-  Inspection  rescheduling 

-  Aircraft/Fleet  life  prediction 

-  in-service  trends 

-  Feedback  to  operational  staff 


Figure  3  -  OLM  Data  Processing  Level 
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Figure  4  -  Fatigue  Life  Management  Program 
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ftvject  Ptoses 

Decision  document 

Technical  andMmagamnt  Documts 

ktertificadcn  j 

1 

•  Stetemert  of  Capability 
Defidenoes 

•  Fftject  Development 

Proposal 

•  Reject  Charter 

•  Feasibility  Stucfies 

•  Cost/Benefits  Analyses 

•  Reject  Respcnsfoifityltetrix 

•  Definition  of  Fleet  Management  Requirements 

. 

Concept 

DawBkiprrent 

•  Statemert  of  Rajinements 

•  Fleet  Fatigue  Managennent  C£a  Speafications 

•  CLM  System  Definition 

•  CLM  Project  Performance  Fteqtirerrents 

•  CLM  Reject  Rsk  Analysis 

:  ! 

Planning 

•  Reject  IrrplerTHtation  Ran 

: 

| 

1 

[ 

•  Vlbrk  Breakdown  Stnj^^ 

•  V\BSDcticnary 

•  M3sterSehecUe 

•  lobster  Budget 

•  CLMEqiipmert  Rxtotype  Ftrctional  Ffer^^ 
Specifications 

•  CLM  System  -  Base  Level  Data  System  Performance 
Specifications 

•  CLM  System- Data  AialysisCertre  Data  S^etem 
Fterfbrmance  Specifications 

•  CLM  System-  Structural  Tracking  Database 

Functional  Fterfbrnranoe$3edfica^ 

•  CLM  System- Trailing  Recfirernerts 

•  Ftequest  for  Roposais  (RFP)  that  wit  indiries 
Statement  of V\torks  (SON)  and  the  Functional 
Performance  Speafications. 

1  In.  ..  ..1 

lirpementanon 

| 

•  F^cjed  Progress  Ftepcrts 

•  Contracted  atyCDRLs 

□vestment 

[•  Reject  Transition  Ran 

j 

•  Transition  Schedule  &  Tasks 

•  CLM  Process  Maintainability  &  Reliability 

Assessment 

aosune 

•  Ftaject  Final  Report 

Table  1  -  Project  Management  Framework 


Strategy 

Partial 

Full 

Aim 

Fatigue  Tracking 

!  -  1 

•  Fatigue  Tracking 

Sample  Size 

•  10  A/C  Minimum 

•  30  A/C  Maximum 

•  100%  fleet 

. 

Tracking 

Possibility 

•  Flight  hours  basis 

•  Missions/role 

•  Squadron/role 

•  Damage  basis 

•  Right  hours 

•  Mission/role 

•  Squadron /role 

Risk 

Medium  to  High 

Low 

Cost 

Small  to  Medium 

High 

1 

Table  2  -  Fleet  Fitment  Strategies 
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STRUCTURAL  INTEGRITY  ENGINEERING 
CHATSWORTH,  CALIFORNIA 
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HOWEVER,  ISSUES  NOT  CONFRONTED  IN  AIRFRAME  STRUCTURAL 
INTEGRITY  HAVE  ARISEN 
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VIBRATION 


COMPONENTS  ANALYZED  (CONTINUED) 


FUNCTIONAL  PRESSURE  LOADS  AND  VIBRATION 


COMPONENTS  ANALYZED  (CONTINUED) 
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VIBRATION 
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O  AFFECTS  TEST  CONSTRAINTS  AND  TEST  TIMES 


THERE  ARE  TWO  WAYS  THAT  THE  ANALYTIC  VIBRATION  ENVIRONMENT 
IS  BEING  SPECIFIED: 
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IMPARING  THE  MAXIMUM  CYCLIC  STRESS  INTENSITY 
CTOR  TO  THE  CRACK  GROWTH  RATE  THRESHOLD 
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PEAK  STRESS 


PSD  VIBRATION  ENVIRONMENT  (continued) 


o  IN  MANY  CASES  SIGNIFICANT  AMOUNTS  OF  DAMAGE  ARE 
OCCURRING  BEYOND  5  SIGMA  STRESSES. 
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•  USE  Kt,  STRESS  INTENSITY  FACTOR  EQUATIONS,  S-N  CURVES  and 
da/dN  vs  AK  to  CALCULATE  FATIGUE  LIVES  AND  CRACK  GROWTH 
LIVES. 
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AK,u  or  Bi-slope  or  Paris  ? 


SIE 


^  -T 

S3  ^ 

S  » 

is 

Is 

ii 

S3  » 

P  O 


ss 

S  P 

^  25 
tq  O 

Is 

si 

S  ft 

§£ 


2 

w  ^ 

$  o 

ti 

el 

II 

S3 

T*\  PT* 


ffl  X 

w  g 
D  eJ 
O'  . 
5  W) 


Q 

a 

a  o 

5  *•* 
«  H 

U  C/5 
C/5  NN 

w  J 
Q  < 

>  2 
p  5 

p  & 

<  o 
u  z 


r  1 

HN  U 

H  > 
<  & 
b  p 


r  NN 

5? 


a  a 

P  H 

o' 5 

9  z 

SI 

o  g 

2  § 

*  a 


tt,  - 
°  © 
w  5 

§  5 

a  « 


00  !> 
~  ° 

a  2 

Si 

W  P 

Si 


*  w 

<  5 

P  ffi 
ft  H 
P  ^ 

05 

Q  £ 

§° 

S  x 

O  U 
|2 
£*3 

3  o  - 

J  tc  as 

P  Q  P 

e  s  h 

H  p  < 

zoS 

O  «  P 

C/5  0*  S 

p  p  g 

log 

M  qO 

H  g 

M  5  Q 

P  <  g 

*9 1 

S  §  W 

^  «3  5 

J  W  H 

sgi 

33hS 


591 


SIE 


I  § 

li 

63  as 

T  § 

go 

ii 

II 

Ss> 

si 

to  * 

3h 

ils 

h  $  b 
^  ^  ^ 

gas 

3§3 

a  S  g 

5  S  t3 

^  §  S 

35S 


o 

PC  & 

gfc 

B  H 
S£  u 
S  w 

O  Ph 


C to  *H 

H  d 
j  3 
o  " 
«  z 

>3 

B  H 
H  Z 

On  3 

<  3 

u  2 


o  g 

So 

h  s 
j  r 

o  5 

«  o 

«  0Q 


£ 

HH 

J  rh 

H  O 

3g 

H 


fco 


ffl  o 

B  9 

H  H 


H  B 

Z  Q 
O  S 
u  2 

W  !> 

u  < 
<  X 

Oh  [t, 


1  § 

|  £  s 

_J  CjQ 

O  H 
W  O'  oo 

2  g  jh 

CL-  05  00 


592 


593 


<1 


594 


IT  IS  NOT  SURPRISING  THAT  ITEMS  THAT  HAVE  ALWAYS  BEEN  DESIGNED 
AS  STRUCTURAL  COMPONENTS  WILL  BE  IMPACTED  LEAST  BY  A  MECSIP 
REVIEW 
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MECSIP  ANALYSIS  HAD  A  SIGNIFICANT  AND  IMPORTANT  IMPACT  ON 
“NON-STR  UCTURAL  ”  COMPONENTS . 


A  DAMAGE  TOLERANCE  ANALYSIS 


of  a 

LANDING  GEAR 


by 

T.A.  Wolff 
M.P.  Kaplan 
T.  Willis 

Willis  &  Kaplan,  Inc. 
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PROGRAM  PLAN : 
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AMO  06  4000  OB  Ml 


C-212  -  200  MAINTENANCE  MANUAL 


ANTI-ICING 


Fig.  2  Access  and  Inspection  Panels 


Effectivity:  All 


06-40-00 
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CONSTRUCCIONES' 
AERONAUT  1C  AS  SA 


WEIGHT  AND 


J SERIES  200 


BALANCE  MANUAL 


j.  maximum  DESIGN  LANDING  WEIGHT  (MLW; 

Tne  maximum  design  landing  weight  is  the  maximum  weight  for  landing  as  Itmited  by 
aircraft  strength  and  airworthiness  requirements. 


K.  OPERA  MONAL  LANDING  WEIGHT  (OLW) 

The  ooerat.onal  landing  weight  of  an  aircraft  is  the  maximum  authorized  weight  for 
landing .  It  is  subject  to  airport  ,  operational  and  related  restrictions.  It  must  not 
exceed  maximum  design  landing  weight. 


L. 


TARE 


The  tare  is  the  weight  of  items  such  as:  parking  block,  chocks,  jacks,  etc.  necessary 
for  weighing  and  which  are  not  include  in  the  weight  aircraft. 


I  PPoV-  6  ' 


MAXIMUM  DESIGN  WEIGHT 

/Jl 

sT 

• Ir 

7500  kg 

/(.  Y 

7450  kg 

7350  kg 

. '...f.r.v.T?. 

7050  kg 

Maximum  fuel  capacity  (1991  liters) . 

is -*?■’  h- 

1600  kg 

Basic  empty  weight  . . . 

9*7  /.I 

4115  kg 

J  f-  J  - 

K,  •:  3  r- 

\ 

/  •  ■  J 

l 
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Sub.  C-12 


AIRWORTHINESS  STANDARDS:  TRANSPORT  CATEGORY  AIRPLANES 


PART  25 


the  surfaces  and  supporting  structure  must  be 
designed  for  the  combined  vertical  and  horizontal 
surface  loads  resulting  from  each  prescribed  flight 
load  condition  considered  separately. 

(Arndt.  25-23,  Eff.  5/8/70) 

§  25.445  Outboard  fins. 

(a)  If  outboard  fins  are  on  the  horizontal  tail 
surface,  the  tail  surfaces  must  be  designed  for  the 
maximum  horizontal  surface  load  in  combination 
with  the  corresponding  loads  induced  on  the  vertical 
surfaces  by  endplate  effects.  These  induced  effects 
need  not  be  combined  with  other  vertical  surface 
loads. 

(b)  To  provide  for  unsymmetrical  loading  when 
outboard  fins  extend  above  and  below  the  horizontal 
surface,  the  critical  vertical  surface  loading  (load 
per  unit  area)  determined  under  §25.391  must  also 
be  applied  as  follows: 

(1)  100  percent  to  the  area  of  the  vertical 
surfaces  above  (or  below)  the  horizontal  surface. 

(2)  80  percent  to  the  area  below  (or  above) 
the  horizontal  surface. 

§25.457  Wing  flaps. 

Wing  flaps,  their  operating  mechanisms,  and  their 
supporting  structures  must  be  designed  for  critical 
loads  occurring  in  the  conditions  prescribed  in 
§25.345,  accounting  for  the  loads  occurring  during 
transition  from  one  flap  position  and  airspeed  to 
another. 

§  25.459  Special  devices. 

The  loading  for  special  devices  using  aero¬ 
dynamic  surfaces  (such  as  slots,  slats,  and  spoilers) 
must  be  determined  from  test  data. 

(Arndt.  25-72,  Eff.  8/20/90) 

GROUND  LOADS 

§  25.471  General. 

(a)  Loads  and  equilibrium.  For  limit  ground 
loads — 

(1)  Limit  ground  loads  obtained  under  this  sub- 
part  are  considered  to  be  external  forces  applied 
to  the  airplane  structure;  and 

(2)  In  each  specified  ground  load  condition, 
the  external  loads  must  be  placed  in  equilibrium 
with  the  linear  and  angular  inertia  loads  in  a 
rational  or  conservative  manner. 


(b)  Critical  centers  of  gravity.  The  critical  centers 
of  gravity  within  the  range  for  which  certification 
is  requested  must  be  selected  so  that  the  maximum 
design  loads  are  obtained  in  each  landing  gear  ele¬ 
ment.  Fore  and  aft,  vertical,  and  lateral  airplane 
centers  of  gravity  must  be  considered.  Lateral 
displacements  of  the  c.g.  from  the  airplane  center- 
line  which  would  result  in  main  gear  loads  not 
greater  than  103  percent  of  the  critical  design  load 
for  symmetrical  loading  conditions  may  be  selected 
without  considering  the  effects  of  these  lateral  c.g. 
displacements  on  the  loading  of  the  main  gear  ele¬ 
ments,  or  on  the  airplane  structure  provided — 

(1)  The  lateral  displacement  of  the  c.g.  results 
from  random  passenger  or  cargo  disposition 
within  the  fuselage  or  from  random  unsymmet¬ 
rical  fuel  loading  or  fuel  usage;  and 

(2)  Appropriate  loading  instructions  for  random 
disposable  loads  are  included  under  the  provi¬ 
sions  of  §  25.1583(c)(1)  to  ensure  that  the  lateral 
displacement  of  the  center  of  gravity  is  main¬ 
tained  within  these  limits. 

(c)  Landing  gear  dimension  data.  Figure  I  of 
the  appendix  A  contains  the  basic  landing  gear 
dimension  data. 

(Arndt.  25-23,  Eff.  5/8/70) 

§25.473  Ground  load  conditions  and 
assumptions. 

(a)  For  the  landing  conditions  specified  in 
§§25.479  through  25.485,  the  following  apply: 

(1)  The  selected  limit  vertical  inertia  load  fac¬ 
tors  at  the  center  of  gravity  of  the  airplane  may 
not  be  less  than  the  values  that  would  be 
obtained— 

(i)  In  the  attitude  and  subject  to  the  drag 
loads  associated  with  the  particular  landing 
condition; 

(ii)  With  a  limit  descent  velocity  of  10  f.p.s. 
at  the  design  landing  weight  (the  maximum 
weight  for  landing  conditions  at  the  maximum 
descent  velocity);  and 

(iii)  With  a  limit  descent  velocity  of  6  f.p.s. 
at  the  design  takeoff  weight  (the  maximum 
weight  for  landing  conditions  at  a  reduced 
descent  velocity). 

(2)  Airplane  lift,  not  exceeding  the  airplane 
weight,  may  be  assumed  to  exist  throughout  the 
landing  impact  and  to  act  through  the  center  of 
gravity  of  the  airplane. 

(b)  The  prescribed  descent  velocities  may  be 
modified  if  it  is  shown  that  the  airplane  has  design 
features  that  make  it  impossible  to  develop  these 
velocities. 
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(2)  Up  and  aft  through  the  axle  at  45  degrees 

to  the  ground  line. 

(c)  For  the  tail-down  landing  condition  for  air¬ 
planes  with  nose  wheels,  the  airplane  is  assumed 
to  be  at  an  altitude  corresponding  to  cither  the 
stalling  angle  of  the  maximum  angle  allowing  clear¬ 
ance  with  the  ground  by  each  part  of  the  airplane 
other  than  the  main  wheels,  in  accordance  with 
figure  3  of  appendix  A,  whichever  is  less. 

§  25.483  One-wheel  landing  conditions. 

For  the  one-wheel  landing  condition,  the  airplane 
is  assumed  to  be  in  the  level  attitude  and  to  contact 
the  ground  on  one  side  of  the  main  landing  gear, 
in  accordance  with  figure  4  of  appendix  A.  In  this 
attitude — 

(a)  The  ground  reactions  must  be  the  same  as 
those  obtained  on  that  side  under  §  25.479(c)(2); 
and 

(b)  Each  unbalanced  external  load  must  be 
reacted  by  airplane  inertia  in  a  rational  or  conserv¬ 
ative  manner. 

§25.485  Side  load  conditions. 

(a)  For  the  side  load  condition,  the  airplane  is 
assumed  to  be  in  the  level  attitude  with  only  the 
main  wheels  contacting  the  ground,  in  accordance 
with  figure  5  of  appendix  A. 

(b)  Side  loads  of  0.8  of  the  vertical  reaction 
(on  one  side)  acting  inward  and  0.6  of  the  vertical 
reaction  (on  the  other  side)  acting  outward  must 
be  combined  with  one-half  of  the  maximum  vertical 
ground  reactions  obtained  in  the  level  landing 
conditions.  These  loads  are*  assumed  to  be  applied 
at  the  ground  contact  point  and  to  be  resisted  by 
the  inertia  of  the  airplane.  The  drag  loads  may 
be  assumed  to  be  zero. 

§25.487  Rebound  landing  condition. 

(a)  The  landing  gear  and  its  supporting  structure 
must  be  investigated  for  the  loads  occurring  during 
rebound  of  the  airplane  from  the  landing  surface. 

(b)  With  the  landing  gear  fully  extended  and 
not  in  contact  with  the  ground,  a  load  factor  of 
20.0  must  act  on  the  unsprung  weights  of  the  land¬ 
ing  gear.  This  load  factor  must  act  in  the  direction 
of  motion  of  the  unsprung  weights  as  they  reach 
their  limiting  positions  in  extending  with  relation 
to  the  sprung  parts  of  the  landing  gear. 

§25.489  Ground  handling  conditions. 

Unless  otherwise  prescribed,  the  landing  gear  and 
the  airplane  structure  must  be  investigated  tor  the 


conditions  in  §§25.491  through  25.509  with  the 
airplane  at  the  design  ramp  weight  (the  maximum 
weight  for  ground  handling  conditions).  No  wing 
lift  may  be  considered.  The  shock  absorbers  and 
tires  may  be  assumed  to  be  in  their  static  position. 

(Arndt.  25-23,  Eff.  5/8/70) 

§25.491  Takeoff  run. 

The  landing  gear  and  the  airplane  structure  are 
assumed  to  be  subjected  to  loads  not  less  than 
those  obtained  under  conditions  described  in 
§  25.235. 

§25.493  Braked  roll  conditions. 

(a)  An  airplane  with  a  tail  wheel  is  assumed 
to  be  in  the  level  attitude  with  the  load  on  the 
main  wheels,  in  accordance  with  figure  6  of  appen¬ 
dix  A.  The  limit  vertical  load  factor  is  1.2  at  the 
design  landing  weight,  and  1.0  at  the  design  ramp 
weight.  A  drag  reaction  equal  to  the  vertical  reac¬ 
tion  multiplied  by  a  coefficient  of  friction  of  0.8, 
must  be  combined  with  the  vertical  ground  reaction 
and  applied  at  the  ground  contact  point. 

(b)  For  an  airplane  with  a  nose  wheel,  the  limit 
vertical  load  factor  is  1.2  at  the  design  landing 
weight,  and  1.0  at  the  design  ramp  weight.  A  drag 
reaction  equal  to  the  vertical  reaction,  multiplied 
by  a  coefficient  of  friction  of  0.8,  must  be  com¬ 
bined  with  the  vertical  reaction  and  applied  at  the 
ground  contact  point  of  each  wheel  with  brakes. 
The  following  two  attitudes,  in  accordance  with  fig¬ 
ure  6  of  appendix  A,  must  be  considered: 

(1)  The  level  attitude  with  the  wheels  contact¬ 
ing  the  ground  and  the  loads  distributed  between 
the  main  and  nose  gear.  Zero  pitching  accelera¬ 
tion  is  assumed. 

(2)  The  level  attitude  with  only  the  main  gear 
contacting  the  ground  and  with  the  pitching 
moment  resisted  by  angular  acceleration. 

(c)  A  drag  reaction  lower  than  that  prescribed 
in  paragraphs  (a)  and  (b)  of  this  section  may  be 
used  if  it  is  substantiated  that  an  effective  drag 
force  of  0.8  times  the  vertical  reaction  cannot  be 
attained  under  any  likely  loading  condition. 

(Arndt.  25-23,  Eff.  5/8/70) 

§  25.495  Turning. 

In  the  static  position,  in  accordance  with  figure 
7  of  appendix  A,  the  airplane  is  assumed  to  execute 
a  steady  turn  by  nose  gear  steering,  or  by  applica¬ 
tion  of  sufficient  differential  power,  so  that  the  limit 
load  factors  applied  at  the  center  of  gravity  are 
1.0  vertically  and  0.5  laterally.  The  side  ground 
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where — 

It  is  the  initial  integration  lime, 

12  is  the  final  integration  time,  and 

a(t)  is  the  total  acceleration  vs.  time  curve  for  the  head  strike, 
and  where 

(!)  is  in  seconds,  and  (a)  is  in  units  of  gravity  (g). 

(6)  Where  leg  injuries  may  result  from  contact 
with  seats  or  other  structure,  protection  must  be 
provided  to  prevent  axially  compressive  loads 
exceeding  2,250  pounds  in  each  femur. 

(7)  The  seat  must  remain  attached  at  all  points 
of  attachment,  although  the  structure  may  have 
yielded. 

(8)  Seats  must  not  yield  under  the  tests  speci¬ 
fied  in  paragraphs  (b)(  1 )  and  (b)(2)  of  this  section 
to  the  extent  they  would  impede  rapid  evacuation 
of  the  airplane  occupants. 

(Arndt.  25-64,  Eff.  6/16/88) 

§25.563  Structural  ditching  provisions. 

Structural  strength  considerations  of  ditching 
provisions  must  be  in  accordance  with  §  25.801(e). 

FATIGUE  EVALUATION 

§25.571  Damage-tolerance  and  fatigue  evalua¬ 
tion  of  structure. 

(a)  General.  An  evaluation  of  the  strength,  detail 
design,  and  fabrication  must  show  that  catastrophic 
failure  due  to  fatigue,  corrosion,  or  accidental  dam¬ 
age,  will  be  avoided  throughout  the  operational  life 
of  the  airplane.  This  evaluation  must  be  conducted 
in  accordance  with  the  provisions  of  paragraphs 
(b)  and  (e)  of  this  section,  except  as  specified  in 
paragraph  (c)  of  this  section,  for  each  part  of  the 
structure  which  could  contribute  to  a  catastrophic 
failure  (such  as  wing,  empennage,  control  surfaces 
and  their  systems,  the  fuselage,  engine  mounting, 
landing  gear,  and  their  related  primary  attachments). 
Advisory  Circular  AC  No.  25.571-1  contains  guid¬ 
ance  information  relating  to  the  requirements  of 
this  section  (copies  of  the  Advisory  Circular  may 
be  obtained  from  the  U.S.  Department  of  Transpor¬ 
tation,  Publications  Section  M-443.1,  Washington, 
DC  20590).  For  turbojet  powered  airplanes,  those 
parts  which  could  contribute  to  a  catastrophic  fail¬ 
ure  must  also  be  evaluated  under  paragraph  (d) 
of  this  section.  In  addition,  the  following  apply: 


(1)  Each  evaluation  required  by  this  section 
must  include— 

(i)  The  typical  loading  spectra,  temperatures, 
and  humidities  expected  in  service: 

(ii)  The  identification  of  principal  structural 
elements  and  detail  design  points,  the  failure 
of  which  could  cause  catastrophic  failure  of 
the  airplane;  and 

(iii)  An  analysis,  supported  by  test  evidence, 
of  the  principal  structural  elements  and  detail 
design  points  identified  in  paragraph  (a)(l)(ii) 
of  this  section. 

(2)  The  service  history  of  airplanes  of  similar 
structural  design,  taking  due  account  of  dif¬ 
ferences  in  operating  conditions  and  procedures, 
may  be  used  in  the  evaluations  required  by  this 
section. 

(3)  Based  on  the  evaluations  required  by  this 
section,  inspections  or  other  procedures  must  be 
established  as  necessary  to  prevent  catastrophic 
failure,  and  must  be  included  in  the  Airworthi¬ 
ness  Limitations  section  of  the  Instructions  for 
Continued  Airworthiness  required  by  §25.1529. 
(b)  Damage-tolerance  evaluation.  The  evaluation 

must  include  a  determination  of  the  probable  loca¬ 
tions  and  modes  of  damage  due  to  fatigue,  corro¬ 
sion,  or  accidental  damage.  The  determination  must 
be  the  analysis  supported  by  test  evidence  and  (if 
available)  service  experience.  Damage  at  multiple 
sites  due  to  prior  fatigue  exposure  must  be  included 
where  the  design  is  such  that  this  type  of  damage 
can  be  expected  to  occur.  The  evaluation  must 
incorporate  repeated  load  and  static  analyses  sup¬ 
ported  by  test  evidence.  The  extent  of  damage  for 
residual  strength  evaluation  at  any  time  within  the 
operational  life  must  be  consistent  with  the  initial 
detectability  and  subsequent  growth  under  repeated 
loads.  The  residual  strength  evaluation  must  show 
that  the  remaining  structure  is  able  to  withstand 
loads  (considered  as  static  ultimate  loads)  cor¬ 
responding  to  the  following  conditions: 

(1)  The  limit  symmetrical  maneuvering  condi¬ 
tions  specified  §25.337  at  Vc  and  in  §25.345. 

(2)  The  limit  gust  condition  specified  in 
§§  25.305(d),  25.341,  and  25.351(b)  at  the  speci¬ 
fied  speeds  up  to  Vc .  and  in  §25.345. 

(3)  The  limit  rolling  conditions  specified  in 
§25.349  and  the  limit  unsymmetrical  conditions 
specified  in  §§25.367  and  25.427,  at  speeds  up 
to  Vc. 

(4)  The  limit  yaw  maneuvering  conditions 
specified  in  §25.35 1(a)  at  the  specified  speeds 
up  to  Vc- 
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Loads  Analysis 


[Horlz  load  at  each  MLG  (aft) 


7851 .81  0* 


_ _  _ _ _ l _ ! - - L- - 

Case  *  3  Level  Landing  3  wheel,  max  whesl  vert  load,  c.g  fore 


29005,16 

14.0975" 

2.4 


Horlz  load  at  nose  (aft) 


Vert  load  at  ech  MLG 


Horlz  load  at  each  MLG  (aft 


Case  #  4  Level  Landing, 

,3wheel,Max  wheel  load,  C.G. Aft; 

Vert  load  at  noser  I 


Horlz  load  at  nose  (aft 


Vert  load  at  ech  MLG 


441 1.539 


1102.8848 


12296.811 


3074.2026 


Case  #  5  Level  Landing  ,3  wheels,  max  spring  back, 
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Questionaire 


WILLIS  &  KAPLAN  INC 

DISTRIBUTION  OF  LANDING  GEAR  LOADS  ON  LANDING  AND  DURING 
GROUND  HANDLING 

For  purposes  of  evaluating  stresses  in  landing  gear,  the  FAA  classifies  the 
various  landing  and  ground  handling  conditions  as  shown  in  the  chart  below. 
Please  provide  your  best  estimate  of  the  percentage  of  landings  and  (  for 
ground  handling  )  the  number  of  occasions  per  ground-air-ground  cycle  that 
each  of  the  indicated  conditions  apply.  These  estimates  need  not  be  limited  to 
CASA  212  aircraft. 

NOTES:  For  the  landing  conditions: 

•  One  wheel,  two  wheel,  three  wheel  etc  should  be  interpreted  as 
a  condition  when  the  landing  impact  forces  arc  primarily  reacted  by  one,  two 
or  three  wheels,  respectively. 

•  The  percentages  you  provide  in  the  landing  condition  estimates 
should  add  up  to  100% 

LANDING  CONDITIONS 

Condition  %  of  landings  that  this 

condition  occurs 


Level  Landing  -  with  lateral  drift  zero 
or  insignificant 


1 

3  wheels 

3% 

2 

2  wheels 

(MLG) 

10  /a 

3 

1  wheel 

(MLG) 

7% 

Level  Landing  -  with  lateral  drift 

4 

2  wheels 

(MLG) 

5% 

Tail-Down  Landing  Lateral 

drift  zero 

or  insignificant 

5 

2  wheels 

(MLG) 

fj/o 

100% 


GROUND  HANDLING  CONDITIONS 
Condition _ 


1  Braked  roll 

(  Straight  ahead  motion,  no  turns) 
Turning  (all  3  wheels  rolling) 

Pivoting  (about  one  main  landing  gear) 


No  of  occurences  per 
ground  -  ai  r- ground 
cycle 

3 


2 

3 


6 

0 
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Landing  Conditions 

Level  Landing  Conditions 
Tail-Down  Landing  Conditions 
One  Wheel  Landing  Conditions 
Side  Load  Landing  Conditions 
Rebound  Landing  Conditions 

Ground  Handling  Conditions 

Take-off  Run 

Braked  Roll  Conditions 

Turning 

Nose  Wheel  Yaw 
Pivoting 

Reversed  Braking 
Towing  Loads 
Jacking  Loads 
Taxi  Loads 

Ground  Load  Conditions  and  Assumptions 

Critical  centers  of  gravity  were  obtained  from 
CASA  data  in  the  Weight  &  Balance  Manual. 
These  data  become: 

C.G.  Height  (from  axle)  =  5.57  feet 
C.G.  Height  (from  ground)  =  6.88  feet 
C.G.  Distance  (from  ng)  =  15.49  (fwd.  C.G.) 

=  16.57  (aft.  C.G.) 

Design  Landing  Weight  =  16204  lbs 
Design  Ramp  Weight  =  16535  lbs. 


6.2.15  Sliding  Tube 

The  sliding  tube,  which  is  manufactured  from  4130  steel,  is  attached  to  the  fork 
bracket  at  its  lower  end,  and  is  free  to  slide  in  and  out  of  the  cylinder  at  its  upper  end.  The 
sliding  tube  is  subject  to  moments  and  vertical,  drag,  and  side  loads  from  the  fork  bracket. 
The  sliding  tube  reacts  these  loads  to  the  cylinder  through  the  adapter  and  the  plunger 
restrictor. 

The  stresses  in  the  sliding  tube  were  determined  from  conventional  analysis.  Due 
to  its  relatively  simple  geometry,  the  sliding  tube  was  modeled  as  a  simply  supported  beam 
subject  to  combined  bending  and  compression.  The  maximum  bending  moment,  and 
therefore,  the  maximum  stress,  were  found  to  be  significant,  occurring  at  the  point  where 
the  sliding  tube  contacts  the  adapter. 

6.2.16  Inner  Tube 

The  inner  tube,  which  is  manufactured  from  2024  aluminum,  is  located  within  the 
cylinder  and  is  attached  to  the  cover.  The  inner  tube  is  subject  to  compressive  loads  from 
the  piston  which  is  attached  to  its  lower  end.  Conventional  analysis  indicates  that  the  inner 
tube  stresses  are  not  critical. 

6.3  Summary 

Bases  upon  the  stress  levels  determined  in  the  main  landing  gear  and  the  nose 
landing  gear  as  a  result  of  the  analyses,  the  following  components  were  later  analyzed  for 
fatigue  crack  growth: 

6.3.1  Main  Landing  Gear  Components 

Axle 
Cylinder 
Torque  Arms 
Upper  Trunuion 
Lower  Trunnion 
Sliding  Tube 

6.3.2  Nose  Landing  Gear  Components 

Axle 

Cylinder 

Fork 

Fork  Bracket 
Upper  Trunnion 
Lower  Trunnion 
Sliding  Tube 
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*  Nose  Steering  Collar 


Figure  6-6 
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Nose  Lower  Trunnion 


Figure  6-9 
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625 
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Crack  Length 


Figure  8-5 

Main  Landing  Gear  -  Sliding  Tube 


Landings 
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Figure  8-4 

Main  Landing  Gear  -  Lower  Trunnion 


Landings 


Figure  8-2 

Main  Landing  Gear  -  Cylinder 


0  10000  20000  30000 


Landings 
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Crack  Length 


Figure  8-9 

Nose  Landing  Gear  -  Fork  Bracket 


Landings 


Crack  Length 


Figure  8-7 

Nose  Landing  Gear  -  Cylinder 


Landings 


Inspection  Location 


Main  Gear 


Axle 

Cylinder 

Upper  Torque  Arm 
Lower  Torque  Arm 
Lower  Trunnion 


Sliding  Tube 


Radii  at  Shoulders 

Entire  surface 

Upper  Flange 

Upper  Flange 

All  fastener  holes, 

cylinder  hole,  and  radii  at 

ears 

Radii  at  shoulders 


Nose  Gear 


Axle 

Outer  Cylinder 
Fork 

Fork  Bracket 
Upper  Trunnion 


Lower  Trunnion 


Radii  at  shoulders 

Entire  Surface 

All  fastener  holes 

All  fastener  holes,  radii  at 

shoulders 

All  fastener  holes  and 

trunnion/cylinder 

interface 

All  fastener  holes  and 
cylinder  hole 


r 


Initial  Inspection  Interval 

All  components  are  to  be  removed  from  the  aircraft  and 
inspected  using  eddy  current.  If  any  component  shows  a  crack, 
then  that  component  is  to  be  replaced. 

Repeated  Inspection  Intervals 

Main  Gear 


Axle 

Cylinder 

Upper  Torque  Arm 
Lower  Torque  Arm 
Lower  Trunnion 
Sliding  Tube 

Nose  Gear 

Axle 

Outer  Cylinder 
Fork 

Fork  Bracket 
Upper  Trunnion 
Lower  Trunnion 

Critical  Crack  Size 


7,100  Landings 
10,500  Landings 
20,000  Landings 
20,000  Landings 
1,000  Landings 
4,600  Landings 


19,600  Landings 
10,500  Landings 
36,000  Landings 
5,000  Landings 
25,000  Landings 
3,700  Landings 


Main  Gear 


Axle 

Cylinder 

Upper  Torque  Arm 
Lower  Torque  Arm 
Lower  Trunnion 
Sliding  Tube 


0.400  inches 
0.670  inches 
0.275  inches 
0.275  inches 
0.970  inches 
0.550  inches 


Nose  Gear 


Axle 

Outer  Cylinder 
Fork 

Fork  Bracket 
Upper  Trunnion 
Lower  Trunnion 


5.000  inches 
0.700  inches 
6.000  inches 
0.475  inches 
0.550  inches 
1.170  inches 
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Case  Depth  and  Chemistry  Profile  Measurements: 
A  Novel  NDI  Technique 


Mr.  Simon  Pelletier 
*Dr.  Normand  J.  Marchand 
AMRA  Technologies 
4700  de  la  Savane 
Montreal,  Quebec  H4P  1T7 
Canada 


ABSTRACT 

In  this  paper  a  novel  NDI  technique  which  meets  MECSIP  requirements  is  presented. 
This  technique  allows  the  direct  measurement  of  carbon  (or  nitrogen)  profile  and  case 
depths  in  carburized  components  such  as  gears,  shafts,  screws,  etc.  The  NDI  technique 
is  an  advanced  version  of  an  AC-field  method  that  was  successfully  employed  to  detect 
microcrack  initiation  in  complex  thermal  cycle  of  gas  turbine  materials.  Also,  this  new 
type  of  sensor  makes  use  of  a  new  technology  named  current  focusing.  The  basic 
principles  underneath  this  new  system  are  presented  and  contrasted  with  the  basic 
principles  supporting  the  conventional  NDI  techniques. 

Results  which  demonstrate  the  capabilities  of  this  AC-field  sensor  to  measure  case 
depths  are  presented.  The  effectiveness  and  reliability  of  this  novel  technique  were 
assessed  by  (1)  inspecting  various  components  taken  out  of  production  or  from  the 
field  and  (2)  by  examining  these  components  using  destructive  verification  procedures 
(cutting  gears,  metallographic  inspections,  microhardness  profile,  etc  ).  A  data  bank  of 
carbon  profiles  (and  case  depths)  is  developed  along  with  their  corresponding  AC-field 
electronic  signatures. 


1.0  Introduction 
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1.1  Carburizing  of  steels.  Carburized  steels  are  widely  used  for  shafts, 
gears,  bearings  and  other  highly  stressed  components  found  in  aircraft  engines.  Most 
of  these  components  are  cyclically  stressed  and  resistance  to  fracture  is  a  critical  design 
factor.  Depending  on  the  application,  resistance  to  rolling  contact  fatigue  and/or  to 
wear  may  be  required. 

During  carburizing  process,  steel  is  heated  above  the  A3  temperature  and 
exposed  to  a  carbon-rich  environment,  increasing  the  concentration  of  carbon  adjacent 
to  the  exposed  surfaces.  At  the  end  of  the  carburizing  process,  the  steel  is  quenched  to 
the  ambient  temperature,  generally  through  a  complex  sequence  of  steps  as  to  minimize 
distortion.  In  the  quenching  process,  austenite  is  transformed  to  several  decomposition 
phases  which  may  include  ferrite,  perlite  carbide,  bainite,  and  martensite.  The 
decomposition  products  have  a  lower  density  than  the  austenite.  The  austenite  carbon 
gradients  translates  into  hardness  gradients  after  quenching.  Case  depths  are  usually 
defined  as  the  distance  from  the  surface  where  hardness  drops  to  a  given  level,  typically 
HV  510  or  50HRC. 

The  increased  carbon  concentration  at  the  surface  lowers  the  martensite  start 
temperature  (Ms);  thus  transformation  of  the  case  austenite  occurs  at  lower 
temperatures.  In  small  cross-sections,  where  thermal  gradients  are  minimal,  the  higher 
surface  carbon  content  causes  a  delay  in  the  transformation  of  case  austenite  relative  to 
the  core  austenite.  This  time  lag  causes  transformation  dilatational  strains  to  occur 
progressively,  from  the  core  to  the  outer  case.  These  strains  can  be  sufficiently  high, 
generally  exceeding  yield,  to  give  rise  to  progressive  plastic  deformation  of  the  system 
and  thus  to  distortion. 

Many  processing  and  microstructural  factors  affect  the  fatigue  and  wear 
performances,  such  that  wide  variations  in  endurance  limits,  ranging  from  210  MPa  to 
1950  MPa  have  been  reported  [1].  However  they  are  very  sensitive  to  microstructural 
factors  such  as  the  amount  and  distribution  of  martensite  and  retained  austenite  and  the 
development  of  favorable  surface  residual  compressive  stresses.  It  is  thus  imperative 
that  the  depths  of  carburized  layers  and  the  associated  microstructures  and 
residual  stresses  be  known  if  the  field  performances  of  the  components  are  to  be 
predicted  and/or  guaranteed. 

1.2  Carburizing  and  residual  stresses.  The  chemical  and  transformation 
gradients  in  carburized  steels  produces  surface  residual  compressive  stresses.  These 
stresses  make  it  possible  to  readily  manufacture  high  carbon  martensitic  structures 
which  in  quenched,  through-hardened  steels  are  difficult  to  produce  because  of  surface 
tensile  stresses  and  high  sensitivity  to  quench  cracking  [1].  Furthermore,  the  surface 
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compressive  stresses  in  carburized  steels  offset  applied  tensile  bending  stresses  and 
thereby  significantly  increases  fracture  and  fatigue  resistance. 

The  compressive  surface  stresses  are  a  result  of  the  effect  of  temperature 
gradients  established  during  quenching,  superimposed  on  Ms  gradients  associated  with 
the  carbon  gradients  introduced  into  the  austenite  by  carburizing.  At  some  point 
during  quenching,  the  temperature  falls  below  the  higher  Ms  temperature  in  the  interior 
of  the  specimen,  and  the  austenite  begins  to  transform  into  martensite.  Although  the 
temperature  is  lower  at  the  surface,  the  austenite  there  remains  untransformed  because 
of  the  low  surface  Ms.  The  interior  formation  of  martensite  causes  an  associated 
volume  expansion  which  at  high  temperatures  can  be  readily  accommodated  by  the 
surrounding  austenite.  Eventually,  the  temperature  at  the  surface  falls  below  the  Ms 
and  the  high  carbon  martensite  forms.  The  interior  martensite,  now  at  lower 
temperature  and  significantly  stiffer  than  the  austenite,  resists  the  expansion  of  the  high 
carbon  surface  martensite  and  thereby  places  it  in  compression.  Accordingly,  the 
interior  martensite  is  placed  in  tension.  The  following  figure  shows  a  schematic 
diagram  of  the  residual  stress  profiles  that  typically  form  in  carburized  and  hardened 
steels  [2],  Also  shown  schematically,  are  the  carbon  profile  responsible  for 
transformation  gradients  on  quenching  and  the  retained  austenite  profile.  As  can  be 
seen,  the  compressive  residual  stresses  are  balanced  by  interior  tensile  residual  stresses. 
Larger  amounts  of  austenite  transformation  would  be  expected  to  increase  compressive 
stresses  according  to  the  scenarios  outlined  above. 

Parrish  and  Harper  [2]  have  also  reported  the  results  of  a  literature  survey 
which  included  the  evaluation  of  seventy  (70)  residual  stress  curves  for  carburized 
steels.  The  specimens  all  had  case  depths  around  1  mm  or  less  with  the  core  carbon 
contents  between  0. 15  and  0.20%.  Figure  2  shows  the  range  of  residual  stress  profiles 
which  are  typical  of  those  associated  with  carburizing.  As  shown,  the  compressive 
residual  stress  zone  encompasses  most  of  the  case  depth. 

The  level  of  surface  compressive  residual  stress  is  controlled  by  the  surface 
carbon  content,  the  carbon  gradient  (case  depth),  the  quenching  conditions,  the 
hardenability  of  the  case  and  of  the  core  material,  and  tempering  after  hardening. 
However,  although  in  carburizing  processes,  the  objective  is  to  produce  a  beneficial 
and  controlled  level  of  compressive  residual  stresses  in  the  surface,  subsequent 
manufacturing  processes  can  create  residual  stresses  in  a  way  that  is  uncontrolled. 
Examples  of  such  processes  are  machining  by  chips  cutting  tools,  abrasive  grinding, 
EDM,  laser  hole  drilling,  or  any  other  surface  forming  or  finishing  process  that  causes 
local  plastic  deformation  or  intensive  heating  of  the  metal  surface.  The  optimum 
microstructure  and  residual  stress  for  a  given  carburized  part  depends  on  its  intended 
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function.  In  rolling  contact  or  gear  teeth,  for  example,  a  controlled  level  of  retained 
austenite  is  beneficial  (improved  toughness).  However  this  implies  that  the  level  of 
residual  compressive  stress  and  hardness  will  be  lower  than  if  the  part  is  refrigerated 
before  tempering  to  reduce  the  level  of  retained  austenite  to  increase  the  hardness  (all 
other  things  being  equal). 


Distance  from  the  surface 


Figure  1 :  Schematic  diagram  of  the  residual  stresses  profile  in  carburized  steels. 

Being  able  to  quantify  case  depths  and  their  associated  residual  stresses  and 
concurrently  the  changes  of  the  residual  stresses  with  further  machining 
operations,  is  vitally  important  to  quality  and  reliability  of  components. 
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Figure  2:  Range  of  residual  stresses  in  carburized  steels  [2], 

2.  Measurements  of  Case  Depths  (and  Residual  Stresses) 

2. 1  Conventional  Methods.  A  number  of  methods  have  been  developed  to 
measure  case  depths  and  residual  stresses  in  materials.  These  include  X-Ray 
diffraction,  ultrasonic,  electromagnetic  and  mechanical  methods  as  well.  These 
techniques  are  described  in  details  elsewhere  [3],  However  their  key  features  will  be 
highlighted  here  as  to  contrast  their  similarities  and  major  differences. 

Mechanical  methods  for  the  measurement  of  case  depths  and  residual  stresses 
have  been  used  longer  than  any  of  the  other  methods.  There  are  many  techniques  used 
for  the  mechanical  measurements  of  case  depths  and  residual  stresses,  but  for  the  most 
part,  they  all  consist  of  cutting  the  component  or  removal  of  stressed  material  and  the 
measurement  of  the  resultant  hardness  profile  and/or  strain  change.  For  residual  stress 
measurements,  the  most  "popular"  technique  presently  in  use  is  that  of  hole  drilling. 
Here  a  specially  designed  set  of  electrical  resistance  strain  gauges  are  used  to  measure 
the  strain  change  caused  by  removing  stressed  material  by  hole  drilling  [4],  Beside  the 
fact  that  these  methods  are  destructive  procedures,  they  also  have  many  limitations  and 
are  not  suitable  where  high  stresses  and  stress  gradients  exist. 

Case  depths  and  surface  residual  stresses  can  be  measured  by  X-Rays  as 
described  in  great  details  in  "X-Ray  Diffraction  Residual  Stress  Techniques"  [5],  With 
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the  X-Ray  diffraction  technique,  the  interatomic  distortion  or  planar  distance  is 
measured  and  the  corresponding  carbon  concentration  or  stress  is  calculated  [4,6], 
The  penetration  of  X-Rays  is  of  the  order  of  only  10mm  in  metals.  Therefore,  the 
technique  is  limited  to  measurements  of  surface  carbon  content  or  stresses  only  (unless 
a  surface  layer  is  removed  by  chemical  etching  or  mechanical  polishing  in  which  case  it 
is  no  more  a  nondestructive  technique).  Its  use  has  been  generally  limited  to  laboratory 
because  of  the  lack  of  field-usable  equipment  and  concern  with  radiation  safety. 

With  ultrasonic  techniques,  the  velocity  of  the  ultrasonic  waves  in  the  materials 
is  measured  and  related  to  carbon  content  and  to  stress  [7].  These  techniques  rely  on  a 
small  velocity  change  caused  by  changes  in  chemistry  and  by  the  presence  of  stress. 
This  is  known  as  the  acoustoelastic  effect  [8],  In  principle,  ultrasonic  techniques  can  be 
used  to  measure  bulk  as  well  as  surface  values  of  carbon  and  stresses.  Because  of  the 
difficulty  in  differentiating  stress  effects  from  the  effect  of  material  texture,  practical 
ultrasonic  applications  have  not  yet  materialized.  Another  problem  with  the  application 
of  ultrasound  is  that  carbon  content  and  residual  stresses  are  changing  significantly  over 
distances  of  tens  of  microns.  However,  the  nature  of  the  propagation  of  ultrasound 
and  instrumentation  for  measurement  of  its  velocity  results  in  spatial  resolution  on  the 
order  of  tens  of  milimeters  to  tens  of  centimeters,  i  .e.  three  to  four  orders  of  magnitude 
too  coarse  [4,7], 

With  all  the  electromagnetic  techniques,  one  or  more  of  the  magnetic  properties  of  a 
material  (such  as  permeability,  magnetostriction,  hysteresis,  coercive  force  or  magnetic 
domain,  wall  motion  during  magnetization,  etc)  are  sensed  and  correlated  to  chemical 
composition  and  to  stress.  The  change  in  magnetic  properties  of  the  material  caused  by 
stress  is  known  as  the  magnetoelastic  effect  [3,8],  Therefore,  these  techniques 
(normally)  apply  only  to  ferromagnetic  materials,  such  as  ferritic  and  martensitic  steels. 

Among  the  many  electromagnetic  stress-measurement  techniques  the  Barkhausen 
Noise  Analysis  (BNA),  the  Non-Linear  Harmonics  (NLH),  the  Magnetically  Induced 
Velocity  Changes  (MIVC),  and  the  Magabsoiption  Techniques  have  been  shown  to 
have  limited  success  [3], 

The  inductively  detected  Backhausen  noise  (BNA)  signals  reflect  the  activity 
occurring  very  near  the  surface  of  the  specimen  to  a  maximum  depth  of  about  0. 1  mm 
(0.004  in  ).  Therefore,  the  BNA  technique  is  only  applicable  to  measuring  near  surface 
chemistry  changes  and  stresses.  As  far  as  residual  stress  is  concerned,  the  effective 
stress-measurement  range  of  this  technique  is  up  to  about  50%  of  the  yield  stress  of  the 
material,  because  the  change  in  the  Backhausen  noise  with  stress  becomes  saturated  at 
above  these  stress  levels  [3-4, 8-9],  Because,  the  BNA  signals  are  sensitive  to  slight 
changes  in  material  chemical  composition,  phase  composition,  dislocation  density, 


microstructure,  etc.,  as  they  are  to  residual  stress,  the  NBA  has  not  found  broad 
application  for  the  quantitative  measurement  of  residual  stress  or  case  depth  [10],  Like 
all  other  electromagnetic  techniques,  BN  A  suffers  from  lift-off  factor,  fill  factor,  edge 
effects,  etc.  [3],  To  minimize  these  detrimental  effects  and  because  of  the  difficulty  in 
magnetizing  complex-geometry  area,  the  application  of  the  technique  is  limited  to 
simple  geometry  ferromagnetic  parts. 

The  non-linear  harmonics  (NLH)  technique  relies  on  the  fact  that  mechanical 
stresses  greatly  influence  the  shape  of  the  magnetic  hysteresis  of  ferromagnetic 
materials.  This  implies  that  the  harmonic  content  of  the  magnetic  induction  (B  vs. 
time)  is  also  affected  by  the  stress  state  in  the  material.  With  the  NLH,  these  harmonic 
frequencies  are  detected,  and  their  amplitudes  are  related  to  the  state  of  stress  in  the 
material  [3,11],  As  for  the  BNA,  the  NLH  is  limited  to  simple  geometries.  This  stems 
from  the  fact  that  the  amplitude  of  third  harmonics  is  used  to  determine  the  state  of 
stress  in  the  material.  The  range  of  stress  to  which  the  technique  is  effective  is  up  to 
about  50%  of  the  yield  stress  of  the  material,  because  the  response  also  saturates  at 
higher  stress  levels  [11],  Finally,  as  for  BNA,  the  accuracy  of  the  technique  is  about 
±35  MPa  (±5  ksi)  which  for  most  practical  cases  is  inadequate. 

Because  of  the  magnetoelastic  interaction,  the  elastic  moduli  of  a  ferromagnetic 
material  are  dependant  on  the  magnetization  of  the  material  [8],  Moreover,  the  elastic 
moduli  is  also  a  function  of  the  carbon  content.  Consequently,  the  velocity  of  the 
ultrasonic  waves  in  ferromagnetic  materials  changes  when  an  external  magnetic  field  is 
applied  to  the  materials  [4,12],  The  magnetically  induced  velocity  changes  (MIVC)  for 
ultrasonic  waves  is  characteristically  dependant  on  the  chemical  gradient,  the  stress 
gradient,  as  well  as  the  angle  between  the  stress  direction  and  the  direction  of  the 
applied  magnetic  field  [12],  This  characteristic  chemistry  and  stress  dependence  of  the 
MIVC  is  used  for  case  depth  and  stress  determination.  In  theory,  the  MTVC  technique 
can  be  used  to  measure  bulk  and  surface  chemical  composition  and  stresses  by  applying 
both  bulk  (shear  or  longitudinal)  and  surface  ultrasonic  waves.  The  accuracy  in  both 
chemical  composition  and  stress  measurements  is  about  ±0.2%  and  ±35  MPa  (±5  ksi) 
assuming  that  a  very  high  magnetic  induction  field  is  used  (B  >106  Amp./meter). 
Hence,  a  relatively  large  electromagnet  is  needed  to  magnetize  the  part  under 
investigation.  This  is  cumbersome  to  handle  in  practical  applications.  Furthermore, 
because  of  difficulty  in  magnetizing  complex-geometry  parts,  the  application  of  the 
technique  is  limited  to  simple  geometry  parts. 

Magabsorption  involves  the  measurement  of  the  change  in  the  energy  absorbed 
from  the  field  of  an  RF  coil,  by  a  ferromagnetic  material  placed  in  the  field  of  the  coil, 
as  a  function  of  the  strength  of  a  magnetic  bias  field  also  applied  to  the  material.  The 


variation  of  [Irf  as  a  function  ot  Hb  (bias  field)  is  the  basis  tor  the  magabsorption 
phenomenon  [4,8,13].  This  is  because  the  RF  permeability,  Arf  changes  as  the  HB 
is  varied  sinusoidally,  and  that  the  energy  absorbed  by  the  material  from  the  RF  coil 
also  varies  as  a  function  of  Hb  [13] .  Due  to  the  complexity  of  the  electronics  and 
data  analysis  procedures,  only  very  simple  geometry  can  be  inspected  and  have  been 
inspected  so  far  (wires  and  flat  plates).  The  extension  of  this  technique  to  move 
complicated  geometries  has  yet  to  be  achieved. 

It  is  obvious  that  all  the  methods  discussed  so  far  suffer  from  the  same 
problem,  i.e.  they  rely  on  the  change  of  some  magnetic  properties  to  quantify  case 
depths  or  residual  stresses.  Thus  they  are  only  applicable  to  ferromagnetic 
materials.  Furthermore,  since  the  magnetic  properties  vary  in  complicated  manner 
with  stress,  chemistry,  phases,  etc.,  the  calibrations  require  to  address  in-service 
components  is  extremely  difficult.  As  a  result,  the  actual  claimed  accuracy  is  not 
sufficient  for  on-line  quality  control  purposes.  New  technologies  are  required  if 
the  requirements  for  quality  control  and  lifing  of  engine  parts  are  to  be 
achieved. 

2.2  The  AC-Field  technology 

The  principle  by  which  the  AC-field  detects  changes  of  electricals  properties 
(conductivity  and  magnetic  permeability)  in  surface  or  flaws  is  illustrated  in  figure 
3.  An  electric  current  density  (Jo)  is  introduced  into  the  region  to  be  inspected. 
Then  the  AC  potential  difference  (ACPD)  across  a  region  of  the  specimen  surface, 
or  across  some  region  where  a  crack  is  expected  is  monitored.  The  mapping  of 
potential  is  indicative  of  change  in  chemistry,  stress  field  or  cracking.  Very  high 
sensitivity  and  increased  accuracy  is  possible  because  the  frequency  of  operation 
may  be  chosen  to  suit  both  the  electrical  properties  (conductivity)  and  the  magnetic 
properties  of  the  particular  metal  (or  alloy)  under  investigation.  This  tuning  ot  the 
AC  frequency  induces  a  pronounced  skin-effect  enhancement  of  the  ACPD  signals. 

An  intrinsic  property  of  an  alternating  current  is  that  it  is  concentrated  upon 
the  surface  of  a  conductor,  and  this  is  the  so-called  "skin  effect  .  The  skin  depth  (8), 
which  is  seen  in  figure  3,  varies  with  the  frequency  of  the  power  source  and  with  the 
properties  of  the  material  according  to  the  following  equation. 
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Illustration  of  the  skin  effect  associated  with  a.c.  conduction 


where 


(Jo  =  permeability  of  vacuum  (H/m) 
pR  =  relative  permeability  of  conductor 
a  =  conductivity  of  conductor  (Q/m) 

/  =  frequency  of  AC  current  (Hz) 

5  =  skin  depth  (m) 

Note  that  both  electrical  (a  or  p)  and  magnetic  properties  (pR)  affect  the  skin 
depth.  Thus  any  change  in  a  or  pR  due  to  the  chemistry  variation  or  residual  stresses 
will  afreet  5.  Changing  d  results  in  changing  the  current  density  and  therefore  in 
changing  the  potential  difference  between  two  points  on  the  surface  (all  other 
parameters  being  equal).  For  a  given  AC  current,  the  smaller  the  skin  depth,  the  higher 
the  sensitivity  [3], 

Because  the  skin  depth  decreases  as  the  frequency  of  operation  increases,  then 
the  AC-Field  technology  is  useful  not  only  for  ferromagnetic  materials  (where  the 
magnetic  properties  are  responsible  for  small  skin  depths)  but  also  for  non-magnetic 
metals.  For  example,  consider  a  mild  steel  and  Waspalloy  (aircraft  engine  disc 
material)  which  are  respectively  ferromagnetic  and  paramagnetic  materials. 

For  these  two  materials  we  have: 

Mild  Steel:  pR »  400  p=  2.0  x  10‘7  Q-m 

Waspalloy:  pR  »  1  p  =  1.2  x  10"6  Q-m 

Thus  at  a  frequency  of  100  Hz  the  skin  depth  for  the  steel  is  about  1.0  mm 
while  at  a  frequency  of  200  kHz  the  skin  depth  for  waspalloy  is  also  about  1.0  mm. 
Note  that,  ferromagnetic  materials  always  have  smaller  skin  depths  at  the  same 
frequency  than  paramagnetic  materials.  Hence  at  250  kHz  the  skin  depth  of  mild  steel 
is  less  than  1 50  pm. 

The  above  argument  imply  that  the  electromagnetic  methods  (EMM)  and  the 
ACPD  technology  share  similar  features.  However,  as  opposed  to  EMMs,  the  ACPD 
deals  with  the  measurement  of  potentials  at  the  surface  and  these  potentials  are  integral 
of  the  electrical  fields  along  a  given  between  two  points1.  The  lower  the  conductivity, 
the  higher  potential  being  measured  1  (all  thing  being  equal). 

1  Here  we  have  J  =  ctV  V.  In  1  -D  this  can  be  written  as  Jx  =  o(dV/dx)  or  with  AL 
the  spacing  between  two  considered  points  AV  =  Jx  AL/cr 


The  ACPD  technique  uses  the  fact  that  both  magnetic  and  electrical  properties 
affect  the  potentials  at  the  surface.  This  is  a  significant  advantage  over  the 
conventional  electromagnetic  methods  (including  the  eddy-currents)  because,  in  many 
commercial  alloys  the  magnetic  properties  are  weakly  affected  by  large  changes  in 
composition,  microstructure,  state  of  stress,  etc.  This  is  the  case  of  most  titanium- 
based  and  nickel  based  alloys  which  are  used  in  the  aircraft  industiy.  On  the  other  hand, 
these  paramagnetics  (non-ferromagnetic)  alloys  display  significant  changes  in  their 
conductivities  (or  resistivity)  as  a  function  of  impurities,  composition,  microstructures, 
residual  stresses,  etc.  For  example,  the  conductivity  of  waspalloy  can  be  varied  from 
7.5  x  105  O/m  to  1.2  x  106  Q/m  depending  on  the  heat  treatment  (microstructure)  [3], 
These  changes  are  therefore  readily  quantifiable  using  the  ACPD. 

Another  important  advantage  of  the  ACPD  Technique  over  all  other 
conventional  electromagnetic  methods,  is  that  the  magnitude  of  the  potential  field 
varies  linearly  with  the  amplitude  of  the  injected  AC  current  Since  the  injected 
currents  used  in  ACPD  are  much  higher  (100  -  1000  times)  than  the  induced  eddy 
currents,  much  smaller  changes  in  surface  impedance  due  to  stresses  or  composition, 
can  be  detected.  The  difference  between  the  EMMs  and  the  ACPD  can  be  summarized 
as  follow. 

With  the  EMMs  we  impose  a  magnetic  field  (Hi)  which  creates  an  induction 
field  (Bi).  This  induction  field  generates  an  electrical  field  (E)  and  thus  eddy  currents 
(J).  In  turn,  the  eddy-currents  produces  a  magnetic  field  (Hr)  which  is  sensed  by  a 
pick-up  device.  Thus  measurements  of  changes  or  modifications  in  the  materials 
depend  mostly  on  changes  in  magnetic  permeability  (p). 

With  the  ACPD,  a  current  field  (J)  is  imposed  which  creates  an  electric  field 
(E).  Perturbation  or  modification  of  the  electric  field  are  measured  directly  at  the 
surface.  There  is  no  intermediate.  The  ACPD  is  directly  quantifying  changes  in  surface 
and  near  surface  impedance.  Moreover  theoretical  or  numerical  predictions  of  the 
potentials  at  the  surface  are  readily  available  as  compared  to  EMMs. 

2.3  Current  Focusing 

In  the  previous  section  we  have  seen  that  the  ACPD  technique  implies  the 
injection  of  a  known  current  into  a  conductive  material,  and  the  mapping  of  the 
potentials  between  the  injection  points.  However,  as  can  be  seen  in  figure  3,  the 
injected  current  will  tend  to  spread-out  as  to  minimize  the  current  density  at  the 
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surface.  This  new  ACPD  technology,  which  will  be  described  in  detail  in  the  next 
sections,  makes  use  of  a  method  known  as  current  focusing  [14], 

Current  focusing  is  based  on  the  fact  that  when  a  current  flows  between  two 
conductors,  some  energy  is  transmitted  by  an  electromagnetic  field  between  the  two. 
The  electromagnetic  field  penetrates  the  conducting  surfaces  of  the  conductors  and 
causes  the  electrons  to  change  position.  As  for  the  skin  depth,  the  extent  of  the  field  s 
penetration  depends  upon  frequency,  magnetic  permeability  and  conductivity.  This  is 
shown  in  figure  4. 


Field  lines 
/ 


Specimen 

Figure  4:  Schematic  illustrating  the  current  focusing  method 

The  closer  the  conductor  to  the  surface  of  the  specimen,  the  more  intense  is  the 
focusing  of  the  current  Thus  the  use  of  an  AC  current,  in  conjunction  with  the 
current  focusing  technique,  results  in  having  a  3-dimensional  control  of  the 
current  density  distribution  in  a  solid.  Hence  a  skin  effect  in  the  depth  of  the 
specimen  and  a  skin-effect  at  the  surface  (moving  laterally  from  the  conductor  located 
above  the  specimen)  result  from  the  use  of  current  focusing. 


The  use  of  current  focusing  implies  that  the  current  densities  in  the  area  which 
are  to  be  probed  can  be  extremely  high  as  to  permit  very  small  changes  in  surface 
impedance  to  be  detected.  Furthermore,  the  current  focusing  technique  allows  the 
monitoring  of  areas  having  extremely  complex  geometries.  This  would  be  problematic 
or  impossible  with  the  conventional  EMMs. 

2.4  Feasibility  study  for  measuring  case  depths 

To  assess  the  true  capabilities  of  the  ACPD  technology  for  detecting  changes  in 
surface  impedance  due  to  change  in  chemical  composition  (carburizing),  two 
calibration  procedures  were  carried-out.  The  first  calibration  was  concerned  with 
experimental  measurements  on  two  samples  of  gear  teeth  of  different  microstructures 
while  the  second  calibration  pertains  to  theoretical  numerical  calibration  of  the  surface 
measurements  assuming  a  given  distribution  of  conductivity  (i.e.  a  given  profile  of 
carbon).  The  details  and  results  pertaining  to  numerical  modelling  are  presented 
elsewhere  [15], 

Two  geometrically  identical  samples  of  gears  were  used  for  the  feasibility 
study.  However,  the  samples  were  carburized  at  different  level  with  the  first  sample 
(SMPI)  beeing  more  carburized  than  the  other  (SMPEl).  The  microhardness  profils  for 
the  samples  were  been  shown  in  figure  6.  The  samples  were  instrumented  as  shown  in 
figure  5.  As  can  be  seen,  the  crude  arrangement  of  current  and  voltage  probes  (used 
for  both  samples)  employed  the  current  focusing  method.  For  both  samples  the  probe 
spacing  was  10  mm  ±0.5  mm.  The  optimal  spacing  to  minimize  noise  and  signal 
distortion  has  not  been  addressed.  The  measurements  were  carried-out  using  an 
ACPD  crack  growth  monitor  (CGM5)  which  was  initially  developed  to  detect  crack 
initiation  and  growth  in  aircraft  engine  materials  under  high  temperature  fatigue 
conditions. 

A  current  of  1  Amp.  was  used  in  all  cases.  The  frequency  of  the  current  was 
varied  in  steps  of  300  Hz,  1kHz,  3  kHz,  10  kHz  and  30  kHz.  The  gain  was  set  at  50 
dB  (  X  3 16  )  for  all  the  measurements.  Each  sample  of  gear  contains  three  teeth,  the 
measurements  were  carried-out  on  two  teeth  of  each  sample  as  to  evaluate  the 
reproducibility  of  the  technique  when  using  a  very  crude  current  and  probe  assembly. 
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Figure  5:  a)  Arrangement  of  current  and  voltage  probes  for  samples  I. 

The  raw  data  for  both  samples  are  shown  in  figures  6  and  7.  Figure  6  show  the  total 
change  of  the  voltage  (potential  difference  between  two  probes)  as  a  function  of  the 

frequency. 


Figure  5:  b)  Arrangement  of  current  and  voltage  probes  for  samples  II. 

The  following  conclusions  can  be  drawn  from  these  measurements: 

a.  The  reproducibility  of  the  ACPD  technique  is  excellent  in  spite  of  the  fact  that  a 
crude  arrangement  of  current  and  potential  probes  was  used.  This  conclusion 
stems  from  the  fact  that  the  ACPD  signals  obtained  on  two  different  teeth  of 
the  samples  are  (worst  case)  within  10%. 


Figure  6:  ACPD  signal  as  a  function  of  frequency  (gain  50db) 


b.  The  system  that  the  system  is  very  sensitive  to  small  change  in  conductivity. 
Note  that  even  at  300  Hz  the  ACPD  signals  of  both  samples  are  different.  This 
difference  between  the  two  samples  increases  with  increasing  frequency.  This 
shows  that  changing  the  skin  depth  clearly  permits  the  determination  of  the 
gradient  of  conductivity  at  the  surface. 

c.  More  data  points  are  needed  at  low  frequencies  to  allow  the  precise 
determination  of  the  case  depth.  Nevertheless  a  rough  estimate  of  the  case 
depth  can  be  produced  by  assuming  that:  jir  »  350,  and:  a  =  3.7  x  10  DJm . 
These  values  are  those  of  4340  steel  which  were  taken  from  the  literature 
[3,18].  Thus 


r 


casedepth  «  2  x  8  -  902/an 


Note  that  by  choosing  other  values  of  pR,  one  would  obtain  different  values  for  the 
case  depths.  The  following  table  summarizes  this 


Mr 

casedepth 

(assumed) 

(pm) 

500 

756 

400 

846 

350 

902 

300 

976 

The  above  table  shows  that  the  knowledge  of  the  pR  is  also  required  if  the  case 
depths  is  to  be  computed  accurately.  However,  by  using  experimental  measurements 
of  the  case  depth  we  eliminate  the  need  of  knowing  pR.  Hence  the  microhardness 
profiles  for  the  two  samples  were  measured.  These  profiles  are  shown  in  figure  8.  As 
can  be  seen  the  case  depth  of  sample  I  is  about  890  pm  which  is  within  2%  of  the 
predicted  value.  Nevertheless,  to  better  pin-point  the  frequency  which  determines  the 
skin  depth  which  is  of  the  order  of  the  case  depth  we  have  noimalized  the  results  in 
terms  of  the  voltages  measured  at  300  Hz  for  which  the  skin  depth  is  large.  These 
results  are  shown  in  figure  7.  As  expected  there  is  a  deviation  occurring  near  3  kHz. 

3.0  Validation  and  testing  of  actual  components 

Spur  gears  specimens,  typical  of  those  used  in  Pratt  &  Whitney  Canada  engines 
were  used  in  this  study.  Figure  9  shows  an  example  of  such  gears.  These  gears  are 
made  of  AMS6265(8610),  a  steel  which  normally  require  carburizing. 
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Figure  7:  Normalized  potential  as  a  function  of  frequency 

In  accordance  with  aircraft  engine  manufacturers  specifications,  the  effective 
case  depth  is  usually  controlled  between  0.009  in  and  0.030  in  (230  pm  to 
is  this  variability  of  the  process  which  requires  a  quality  control  assessment  (ND  ) 

the  actual  case  depths. 
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Figure  8:  Microhardness  profile 

Hand  probes  that  suits  the  spur  gears  geometry  were  fabricated  (see  figure  10). 
Several  gears  (about  6)  of  the  same  model  were  carburized  under  various  processing 
conditions.  Each  of  these  gears  were  inspected  as  shown  in  figure  11.  A  Potential  vs. 
Frequency  curve  was  produced  for  each  components.  After  the  measurements,  the 
components  were  sectioned  and  metallographically  inspected  to  determine  the  total 
case  depth  and  effective  case  depths  using  microhardness  measurements  (profiles). 


Figure  9:  Typical  gears  samples 

Figures  12  show  the  ACPD  voltage  as  a  linear  function  of  the  frequency  for  the  various 
samples.  As  can  be  seen  there  is  a  significant  difference  between  the  carburized  and 
uncarburized  samples.  Here,  the  effective  measured  case  depths  are  reported  along 
with  their  ACPD  vs  Frequency  signature.  Reporting  the  total  case  depths  along  with 
their  corresponding  ACPD/Frequency  curves  would  have  yielded  the  same  results  as 
those  shown  in  figures  12  and  13.  Note  that  even  at  300  Hz  (the  lowest  frequency  at 
the  which  measurements  were  carried  out)  these  is  a  difference  of  few  millivolts 
between  the  carburized  and  the  uncarburized  samples.  Obviously  the  present  ACPD 
signal  has  veiy  good  sensitivity. 


Figure  10:  Hand  Probe 

Figure  13  shows  the  ACPD  voltage  as  a  function  of  the  square  root  of  the  frequency 
for  the  various  samples.  Note  that  hypothetical  sample  which  would  have  constant 
electricals  and  magnetics  properties  as  a  function  of  depth  would  present  a  straight  line 
(see  Eg.  1).  However  the  two  virgin  samples,  free  of  carburizing,  do  not  show  a  linear 
behavior  (ACPD  vs  V/).  This  can  be  explained  by  the  fact  the  machining  and/or 
previous  heat  treatments,  on  the  samples,  have  modified  the  electricals  and  magnetics 
properties  of  the  surface.  In  particular,  the  residual  stress  associated  with  machining 
operations  have  been  show  to  modifical  the  ACPD  vs  V/  response  of  conductive 
materials  [15], 


Figure  1 1 :  Probe  installed  on  a  gear  sample 

Figures  12  and  13  show  that  the  case  depths  can  be  accurately  determine  on 
real  components  using  the  proposed  (novel)  ACPD/Current  focusing  technologie. 
With  the  present  instrument  (300  Hz  to  30  kHz)  the  ACPD/Frequency  curve  can 
resolved  case  depths  to  within  25pm  (0.001").  Furthermore,  samples  having  identical 
case  depth  yielded  the  same  ACPD/frequency  curves.  This  results  attests  as  to  the 
reliability  of  the  technology  to  quantify  case  depths. 


r 


Figurel2:  Potential  as  a  function  of  frequency 
4.0  Conclusions 

The  main  conclusions  that  can  be  drawn  from  this  research  and  development  program 
can  be  summarized  as  follows: 

1)  A  novel  NDI  instrument  capable  of  sizing  case  depths  in  carburized  parts  was 
developed.  The  main  features  of  this  instrument  are: 
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Figure  13:  Potential  as  a  function  of  square  root  of  the  frequency 

•  100  Hz  to  50  kHz  frequency  range; 

•  up  to  2  Amp.; 

•  2  independent  channels  for  measurement; 

•  3000  gain; 

•  high  stability  (not  affected  by  extrinsic  parameters); 

•  two  sets  of  hand-probe  (one  for  flat  surfaces  and  one  set  for  spur  gears) 

•  the  know-how  to  design  and  quickly  fabricate  hand  probes  to  accommodate 
other  geometries  (e.g.  fir  tree,  etc.). 

2)  A  data  bank  of  case  depths  and  chemistry  profiles  along  with  their 
corresponding  electronics  signatures  was  produced. 


3)  A  quality  control  assessment  of  the  data  including  the  probability  of  detection 
(POD)  of  case  depths  was  obtained  (the  95%  POD/95%  confidence  level  for 
the  instrument). 

This  technology  (ACPD  and  current  focusing)  is  now  being  further  developed 
to  quantify  depth  and  intensity  of  residual  stresses  induced  by  varying  manufacturing 
processes  including  shot  peening. 
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